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ABSTRACT 


A  preliminary  design  study  conducted  by  Hughes  Tool  Company  -  Aircraft 
Division  (HTC-AD)  has  defined  the  configuration  and  characteristics  of  the 
Hot  Cycle  Rotor/ Wing  aircraft  shown  in  Figure  1.  This  design  study  was 
carried  out,  in  accordance  with  the  Army's  Composite  Research  Aircraft 
(CRA)  requirements,  for  the  U.  S.  Army  Aviation  Materiel  Laboratories 
(USAAVLABS). 

The  Hot  Cycle  Rotor/Wing  combines,  for  the  first  time,  the  helicopter  and 
the  jet  airplane  in  the  form  of  the  Hot  Cycle  Rotor/ Wing  lifting  system. 
This  is  a  tip-jet  powered  helicopter  rotor  with  a  very  large  hub.  The 
Rotor/Wing  can  be  stopped  in  flight  to  become  a  fixed  wing  (Figure  2),  and 
the  aircraft  flies  as  a  jet  airplane. 

The  Hot  Cycle  Rotor/Wing  CRA  provides  the  advantages  of  hovering  effi¬ 
ciency,  low  downwash  velocity,  and  helicopter-like  flying  qualities  for 
vertical  and  low-speed  flight,  in  addition  to  the  high-speed  capability  and 
cruise  efficiency  of  the  jet  airplane.  Its  simplicity  and  light  weight  is 
made  possible  through  the  combined  use  of  the  all-pneumatic  Hot  Cycle 
drive  system  and  the  dual-purpose  Rotor/ Wing  lift  system.  This  elimi¬ 
nates  the  need  for  heavy  and  complex  mechanical  drive  components  and 
antitorque  tail  rotor;  it  permits  flight  as  a  helicopter  and  as  an  airplane 
without  recourse  to  duplicate  lifting  systems  or  to  folding,  tilting,  or  re¬ 
tracting  of  lift  systems  to  effect  conversion. 

With  excellent  hover  and  payload  capabilities,  a  maximum  speed  of  490 
knots,  and  maximum  lift-to-drag  ratio  of  12,  the  Hot  Cycle  Rotor/ Wing 
will  exceed  all  CRA  performance  requirements  and  will  make  possible  a 
major  advance  in  vertical-lift  aircraft  technology. 

Substantiation  of  all  basic  technical  aspects  of  the  CRA  design  is  available 
from  the  results  of  the  USAAVLABS  XV- 9A  Hot  Cycle  Research  Aircraft 
program  and  from  extensive  Hughes-  and  Government- sponsored  analysis, 
whirl  testing,  and  wind  tunnel  testing  that  have  defined  basic  aerodynamic 
characteristics  of  the  Rotor/ Wing  in  all  modes  of  flight.  The  Composite 
Research  Aircraft  brsed  on  the  Rotor/ Wing  will  further  substantiate  and 
refine  the  concept. 

A  convenient  performance  summary  is  provided  as  a  foldout  on  page  307, 
Appendix  V. 
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INTRODUCTION 


A  preliminary  design  study  has  defined  the  configuration  and  characteristics 
of  the  Hot  Cycle  Rotor/ Wing  high-speed  VTOL  aircraft  shown  in  F’gure  1. 
This  design  study  and  the  planning  for  a  program  to  design,  build,  and  test 
this  aircraft  have  been  carried  out  for  the  USAAVLABS  in  accordance  with 
the  Army's  Composite  Research  Aircraft  (CRA)  requirements: 

1.  Payload  -  3,  000  pounds 

2.  Fuel  -  3,  000  pounds 

3.  Vertical  takeoff  and  landing 

4.  Hover  (OGE)  at  95°F  and  6,  000  foot  pressure  altitude 

5.  Disc  loading  -  10  psf  or  less 

6.  Speed  -  300  knots  required  (400  knots  desired) 

7.  Lift/Drag  ratio  -  at  least  10 

8.  Cargo  compartment  size  -  5.  5  feet  wide  by  6  feet  high  by  14.  5 
feet  long. 

The  Hot  Cycle  Rotor/Wing  combines  the  two  major  advancements  in  air¬ 
craft  technology  of  the  past  25  years:  the  helicopter  and  the  jet  airplane. 
This  is  accomplished  through  the  'se  of  the  Hot  Cycle  Rotor/ Wing  lifting 
system,  which  is  a  tip-jet-powered  helicopter  rotor  with  a  very  large  hub. 
The  Rotor/ Wing  can  be  stopped  in  flight  to  become  a  fixed  wing. 

The  Hot  Cycle  Rotor/  Wing  CRA  will  provide  the  helicopter  advantages  of 
hovering  and  the  high-speed  capability  and  cruise  efficiency  of  the  jet  air¬ 
plane.  It  is  characterized  by  simplicity  and  light  weight,  made  possible 
through  the  combined  use  of  the  all-pneumatic  Hot  Cycle  drive  system  and 
the  dual-purpose  Rotor/ Wing  lift  system.  This  eliminates  the  need  for 
heavy  and  complex  mechanical  drive  components  without  recourse  to  dup¬ 
licate  lifting  systems  or  to  folding,  tilting,  or  retracting  of  lift  systems 
to  effect  conversion,  and  makes  possible  an  advance  in  vertical-lift  air¬ 
craft  technology. 
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r/Wing  Composite  Research  Aircraft. 


Substantiation  of  the  technical  aspects  of  the  CRA  design  is  -viable  from 
the  results  of  the  USAAVLABS  XV-9A  Hoc  Cycle  Research  Air-. raft  pro¬ 
gram  and  Hughes-  and  U.  S.  Government-sponsored  analysis,  whirl  testing, 
and  wind  tunnel  testing  that  have  defined  basic  aerodynamic  characteris¬ 
tics  of  the  Rotor/Wir.g  in  all  modes  of  flight. 

The  performance  of  this  particular  aircraft  design,  which  is  powered  in 
cruise  flight  by  a  turbojet  engine,  should  not  be  applied  to  all  Hot  Cycle 
Rotor/Wing  vehicles  since  others  will  undoubtedly  incorporate  tip-turbine 
cruise  fans  or  front-fan  bypass  engines  for  lower  specific  fuel  consump¬ 
tion.  Cruise  flight  will  also  be  made  at  more  optimum  altitudes. 


♦ 
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HOT  CYCLE  ROTOR/WING  CONCEPT 


The  Rotor/ Wing  is  basically  a  Hot  Cycle  rotor  with  a  large  triangular  hub 
and  short-span,  wide-chord  blades.  It  acts  as  a  tip-jet-powered  helicop¬ 
ter  rotor  for  vertical  and  low-speed  flight,  autorotates  during  conversion, 
and  stops  during  flight  to  become  a  swept-back  fixed  wing  for  cruise  and 
high-speed  flight. 

The  Hot  Cycle  system  that  powers  the  Rotor/ Wing  is  the  simplest  possi¬ 
ble  propulsion  system  for  aircraft  with  both  rotary-wing  and  fixed-wing 
modes  of  operation.  As  shown  in  Figure  2,  the  Hot  Cycle  system  trans¬ 
mits  power  pneumatically  by  lightweight  ducting  and  a  valve  that  direct 
high-energy  gas  from  a  turbine  engine  to  the  rotor  blade  tips  to  drive  the 
rotor  as  a  big  reaction  turbine  for  helicopter  flight  and  to  a  jet  nozzle  to 
produce  forward  thrust  for  autogyro  and  airplane  flight. 


Figure  2.  Propulsion  System  Schematic. 
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Operation  of  the  Hot  Cycle  Rotor/ Wing  in  its  various  modes  of  flight  is 
illustrated  in  Figure  3.  The  Rotor/Wing  aircraft  takes  off,  hovers,  and 
flies  at  speeds  up  to  approximately  100  knots  in  the  helicopter  mode,  with 
the  rotor  powered  by  its  tip  jets  and  with  control  from  rotor  blade  cyclic 
and  collective  pitch  and  the  yaw  fan  in  the  tail.  To  increase  flight  speed, 
power  is  shifted  from  the  rotor  to  the  jet  nozzle  to  produce  forward  thrust, 
and  the  collective  pitch  is  reduced  to  put  the  rotor  into  autorotation;  con¬ 
trol  is  from  rotor  cyclic  pitch  and  yaw  fan,  augmented  by  airplane-mode 
control  surfaces  on  the  tail.  As  the  speed  reaches  approximately  150 
knots,  the  Rotor/ Wing  is  slowed  aerodynamically  by  raising  the  collective 
pitch  and  is  stopped  by  a  brake  and  locked  to  the  fuselage  to  establish  the 
fixed-wing  airplane  configuration.  Airplane  mode  control  is  provided  by 
horizontal  tail  surfaces  (elevens)  that  act  in  unison  for  longitudinal  (pitch) 
control  and  differentially  for  lateral  (roll)  control.  Directional  (yaw)  con¬ 
trol  is  provided  by  the  rudder.  Cockpit  controls  provide  conventional 
helicopter  characteristics  during  low- speed  flight  and  conventional  air¬ 
plane  characteristics  during  high-speed  flight,  with  a  smooth  transition  by 
using  the  stick  and  rudder  pedals  throughout.  Engine  power  control  is 
provided  by  rotor  speed  governing  and  the  collective  stick  twist  grip  for 


Figure  3.  Flight  Modes. 
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helicopter  flight  and  by  a  throttle  quadrant  for  airplane  flight  when  the 
collective  is  not  used.  Both  power  controls  function  in  parallel  at  all 
times.  Two  selector  switches  are  used  in  the  conversion  process  --  one 
to  direct  the  power  to  either  the  rotor  blade  tip  jets  or  the  cruise  jet  noz¬ 
zle,  and  the  other  to  establish  the  rotor  lock,  fairing,  and  control  config¬ 
uration  for  either  airplane  or  rotary-wing  flight. 

Conversion  betv'een  helic<v  fer  and  airplane  modes  of  flight  is  a  straight¬ 
forward  pilot  procedure,  not  requiring  recourse  to  automatic  stabilization 
devices.  It  is  accomplished  by  normal  pilot  control  motions,  is  reversi¬ 
ble  at  any  point,  and  can  be  accomplished  in  climbing,  diving,  or  level 
flight  -  -in  smooth  or  turbulent  air. 

Mechanical  simplicity  of  conversion  between  rotary-wing  and  fixed-wing 
operation  with  composite -type  aircraft  is  of  significance  with  regard  to 
safety,  reliability,  weight,  and  cost.  With  the  Rcmr/Wing,  this  conver¬ 
sion  is  accomplished  by  merely  starting  or  stopping  rotation. 

Since  the  Rotor/Wing  provides  lift  for  all  flight  regimes,  the  complexity 
and  weight  of  separate  low-speed  and  high-speed  lift  systems  are  avoided, 
as  are  the  pro^’ems  associated  with  transferring  the  lifting  function  from 
one  system  to  the  other.  Also  avoided  are  the  duplicated  structure  for 
lift  system  support  and  other  major  load  paths  that  must  be  provided  with 
separate  lift  systems. 

Unfavorable  aerodynamic  interference  occurs  between  multiple  lift  sys¬ 
tems  such  as  separate  wings  and  rotors,  and  can  cause  serious  stability 
problems  and  performance  losses,  particularly  in  low-speed  and  autoro- 
tational  flight.  The  use  of  the  single  Rotor/Wing  lift  system  in  the  CRA 
precludes  this  problem  area. 

The  Rotor/ V/ing  is  rigidly  mo\;nhu  on  the  fuselage  through  bearings  that 
allow  only  lotational  motion,  and  the  blades  are  similarly  mounted  to  the 
hub  section,  allowing  only  pitch  motion.  This  arrangement  provides  effi¬ 
cient  support  of  the  snort,  stiff  blades.  The  Rotor/Wing  also  serves  as 
an  aerodynamic  fairing  of  the  structure  and  equipment  in  the  hub  area,  thus 
providing  the  aerodynamic  cleanness  required  for  efficient  high-speed 
flight. 

The  Hot  Cycle  Rotor/Wing  provides  flexibility  of  operation.  Safe  landings 
can  be  made  in  helicopter,  autogyro,  and  airplane  flight  configurations. 
Overload  takeo.  fs  can  be  made  in  either  the  helicopter  mode  (in  ground 
effect)  or  the  airplane  mode. 
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In  the  event  of  power  failure  or  other  emergency,  the  Rotor/ Wing  air¬ 
craft  has  the  capability  of  safe  autorotational  landing  from  any  flight  mcde. 
From  airplane  flight,  the  rotor  can  be  started  by  using  only  aerodynamic 
forces.  Wind  tunnel  tests  indicate  that  autorotational  landing  character¬ 
istics  are  comparable  with  those  of  current  helicopters. 

The  Hot  Cycle  propulsion  system  used  with  the  Rotor/Wing  transmits 
power  pneumatically  through  lightweight  ducting,  eliminating  the  weight 
and  complexity  of  power  turbines,  shaf'.s,  gearboxes,  clutches,  and  pro¬ 
pellers  of  a  turboshaft-driven  composite  aircraft.  Since  there  is  no  rotor 
shaft  drive  torque  reaction  on  the  fuselage,  there  is  no  need  for  an  anti¬ 
torque  tail  rotor;  directional  control  in  helicopter  flight  is  provided  by  a 
small  yaw  fan  in  the  tail. 

An  extensive  background  of  research  and  development  exists  that  substan¬ 
tiates  many  technical  areas  involved  in  the  Hot  Cycle  Rotor/ Wing.  By 
marrying  the  helicopter  and  the  jet  airplane,  by  retaining  the  best  features 
of  both,  and  by  eliminating  the  basic  limitation  of  each,  the  Rotor/ Wing 
will  open  up  a  new  spectrum  of  vertical -lift  capability. 


RESEARCH  AND  DEVELOPMENT  BACKGROUND 


The  feasibility  of  the  Hot  Cycle  propulsion  system  has  been  established 
through  an  extensive  R  and  D  program  that  culminated  in  the  successful 
flight  testing  of  the  USAAVLABS  XV-9A  Hot  Cycle  Research  Aircraft 
shown  in  Figure  During  160  hours  of  rotor  operation  and  35  hours  of 
flight  testing  that  were  completed  in  August  1965,  structural  and  mechan¬ 
ical  design,  weights,  and  cooling  adequacy  were  verified.  Gas  leakage 
was  found  to  be  negligible  (less  than  1/5  of  1  percent),  and  noise  was  de¬ 
termined  to  be  essentially  equal  to  that  of  the  quietest  type  of  VTOL  air¬ 
craft  (turboshaft  helicopters).  The  rotor  performance  prediction  method 
used  for  the  CRA  was  verified,  and  the  reduction  in  maintenance  require¬ 
ments  promised  by  the  Hot  Cycle  system  was  illustrated  by  the  low  logis¬ 
tical  requirements  during  XV-9A  flight  operations.  The  Hot  Cycle 
propulsion  system  can  be  applied  to  the  Rotor/ Wing  CRA  with  reasonable 
assurance  of  its  successful  application. 


Figure  4.  XV-9A  Hot  Cycle  Research  Aircraft. 
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The  aerodynamic  characteristics  of  the  Rotor/ Wing  in  all  flight  regimes 
have  been  established  through  model  test  programs  carried  out  during  a 
3-1/ 2-year  period.  All  essential  aerodynamic  parameters  have  been  de¬ 
fined  covering  a  broad  range  of  configurations,  including  the  configuration 
chosen  for  the  CRA. 


Hovering  performance  was  es¬ 
tablished  in  whirl  stand  tests 
(Figure  5)  during  which  effects 
of  various  blade  sections  and 
hub  planform  shapes  were  in¬ 
vestigated  to  establish  appro¬ 
priate  Rotor/Wing  geometry. 

Under  U.  S.  Navy  sponsorship, 
an  extensive  wind  tunnel  test 
program  was  conducted  that 
covered  helicopter,  autogyro, 
and  airplane  flight  modes  and 
conversion  between  stopped- 
and  running- rotor  regimes. 
These  tests  (Figure  6)  indicated 
that  the  helicopi  and  airplane 
mode  performance  and  flying 
qualities  were  satisfactory,  that 
autorotational  capability  during 
both  conversion  and  emergency 


Figure  6.  Rotor/Wing  Wind  Tunnel  Tests. 
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landing  was  adequate,  and  that  starting  and  stopping  the  rotor  could  be 
accomplished  in  a  simj  '.e,  straightforward  manner  by  the  pilot  using  only 
normal  control  motions  and  without  recourse  to  automatic  devices. 

During  the  preliminary  design  program,  additional  aerodynamic  testing 
was  accomplished  on  nodels  simulating  the  specific  design  of  the  Rotor/ 
Wing  chosen  for  the  CRA.  Wind  tunnel  tests  (Figure  7)  validated  the  fixed- 
wing  lift,  drag,  and  stability  characteristics  of  the  CRA  configuration  and 
verified  the  suitability  of  the  low  position  of  the  horizontal  tail  chosen  for 
the  CRA.  A  transonic  wind  tunnel  test  (Figure  8)  was  carried  out  in  coop¬ 
eration  with  the  U.  S.  Navy  Bureau  of  Weapons,  and  the  results  show  ex¬ 
cellent  lift,  drag,  ar.d  stability  characteristics  of  the  CRA  design  up  to 
Mach  0.  9.  A  model  closely  simulating  the  specific  Rotor/Wing  configura¬ 
tion  selected  for  the  CRA  was  recently  tested  on  the  whirl  stand  (Figure  9). 
Results  of  these  tests  show  that  hover  performance  is  somewhat  superior 
to  that  of  earlier  designs;  the  results  provide  an  excellent  validation  of  the 
CRA  rotor  design. 

In  addition  to  the  testing  briefly  summarized  above,  design  and  analytical 
development  applicable  to  the  Rotor/ Wing  has  been  accomplished.  Per¬ 
formance,  dynamics,  and  flying  qualities  have  received  particular  atten¬ 
tion,  and  analytical  methods  have  been  developed  and  mechanized  on  high¬ 
speed  computers  (IBM  7094)  to  cover  all  modes  of  flight  of  the  Rotor/Wing. 
A  thorough  analysis  of  the  CRA  configuration  using  these  analytical  tools 
has  verified  satisfactory  dynamic  characteristics  --  vibration,  flutter 
margins,  and  aircraft  response  --  and  has  established  performance  and 
flying  qualities  for  all  flight  regimes. 


Figure  7.  CRA  Low-Speed  Wind  Tunnel  Tests. 
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Figure  9.  CRA  Whirl  Teccs. 
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DESCRIPTION  OF  AIRCRAFT 
■■  —  — — -  ■  ■  - - 

i 

In  the  definition  of  the  preliminary  design  of  a  Hot  Cycle  Rotor/ Wing  air¬ 
craft  to  meet  or  surpass  all  of  the  stated  CRA  requirements,  the  following 
primary  criteria  were  followed: 

1.  Performance  and  operational  capabilities  of  greatest  feasible 
scope  and  flexibility  were  to  be  provided  to  enhance  the  value  and 
significance  of  the  test  results  from  the  CRA  flight  research 
program. 

i 

2.  Safety  was  to  be  maximized  by  placing  major  emphasis  on  simplic¬ 
ity,  reliability,  and  fail-safe  design.  Proven  zero-zero  ejection 

seats  were  to  be  provided  as  an  ultimate  crew  safety  feature. 

i 

3.  Maximum  use  of  proven  available  components  and  technology  was 
to  be  made  to  simplify  and  increase  the  reliability  of  the  design 
and  to  minimize  the  cost  of  the  aircraft  development  program. 

4.  Margins  were  to  be  provided  on  all  basic  CRA  performance  re¬ 
quirements  to  maximize  assurance  of  program  success. 

I 

f 

5.  The  aircraft  configuration  was  to  be  defined  so  that  CRA  test  data 
would  have  maximum  direct  applicability  to  future  development  of 
operational  composite  aircraft. 

The  general  arrangement  of  the  selected  CRA  configuration  i-;  sho,vn  in 
Figure  10,  and  the  basic  features  of  the  interior  configuration  are  shown 
in  Figure  11.  Table  I  presents  some  of  the  leading  particulars  defining 
the  CRA. 

,  The  overall  configuration  selected  for  the  CRA  provides  a  clean  aerody¬ 
namic  shape.  Location  of  the  cockpit  forward  of  the  rotor  allows  the  ap¬ 
plication  of  qualified  zi  ro-zero  ejection  seats  as  an  ultimate  safety  factor 

<  during  exploratory  research  with  the  aircraft.  The  use  of  a  single  engine 

simplifies  the  installation  and  t’.e  operational  characteristics  of  the  power 
plant  system.  A  high  degree  of  engine  reliability  is  predicted  for  the  J52 
turbojet  engine,  which  has  been  proven  in  more  than  10  years  of  successful 
service  in  a  variety  of  military  and  commercial  aircraft.  The  placement 
of  the  engine  just  below  the  rotor  allows  an  unobstructed  cargo  compart¬ 
ment  of  nearly  twice  the  minimum  size  specified  in  the  CRA  requirements. 
Location  of  the  jet  nozzle  at  the  extreme  rear  of  the  aircraft  avoids  any 
possible  problems  from  jet  impingement,  and  its  vertical  and  angular 
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General  Arrangement. 


TABLE  I.  BASIC  CHARACTERISTICS 


Rotor/Wing  diameter 

50.  0  ft 

Wing  span 

44.  9  ft 

Overall  length 

70.  7  ft 

Overall  height 

26.  7  ft 

Cargo  compartment  height  x  width  x  length 

6.  0  x  5.  5  x  29.  1  ft 

Empty  weight 

13,  169  lb 

Design  gross  weight 

19,  635  lb 

Alternate  gross  weight 

30,  000  lb 

Design  maneuver  load  factors 

Helicopter 

+3.  0,  -0.  5 

Airplane 

+4.  5,  -1.0 

Power  plant 

One  Pratt  and  Whitney 

J52-P-8A  turbojet 

orientation  assures  minimal  trim  changes  as  a  result  of  power  changes  in 
autogyro  or  airplane  flight. 

The  design  of  structure  and  systems  of  the  CRA  is  based  on  conventional 
application  of  established  helicopter  and  airp'ane  technology  and  practice. 
The  fuselage  and  empennage  are  typical  of  conventional  subsonic  fixed- 
wing  aircraft  structures  using  semimonocoque  construction  of  skin,  frames, 
longerons,  and  spars.  The  major  structure  of  the  Rotor/Wing  consists  of 
a  central  box  beam  in  each  blade  section  and  two  parallel  box  beams  in  the 
wing  section  adjacent  to  each  blade.  Leading  and  trailing  edge  structures 
are  of  aluminum  alloy  honeycomb  or  truss-core  sandwich  material.  Major 
frames  occur  only  at  the  root  transition  structure  between  the  blade  and 
wing.  A  nonrotating  space  frame  pylon  structure  provides  support  of  the 
main  rotor  bearing  inside  the  Rotor/ Wing  hub  itself.  The  pylon  in  turn  is 
supported  from  the  fuselage  at  four  points  that  are  the  intersections  of  the 
rugged  main  fuselage  frames  and  the  upper  fuseiage  longerons. 

Conventional  airplane -type  tricycle  landing  gear  employed  on  the  CRA  is 
designed  for  usr  in  either  the  he.licopte r  or  the  airplane  mode.  A  powered 
irreversible  flight  control  system  is  supplied  by  two  completely  independ¬ 
ent  hydraulic  systems,  with  each  system  serving  as  a  continuous  backup 
for  the  other. 

Empty  weight  of  the  CRA  has  been  established  during  the  preliminary  de¬ 
sign  program.  Since  the  CRA  employs  available  systems  and  components 
to  a  high  degree,  actual  weight  is  known  for  approximately  35  percent  of 
the  total  empty  weight.  The  remaining  weight  has  been  established  from 
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the  design  and  stress  analysis  and  is  substantiated  by  compaiative  statis¬ 
tical  analysis. 

The  CRA  is  designed  for  operation  by  one  pilot.  However,  cockpit  accom¬ 
modations  and  controls  are  provided  for  both  a  pilot  and  a  copilot,  as  may 
be  desired  for  test  operations  and  pilot  familiarization. 

Provisions  are  made  in  the  design  of  the  CRA  for  installation  of  instrumen¬ 
tation  to  measure,  record,  and  telemeter  flight  test  data  on  performance 
parameters,  strains,  positions,  acce  ^rations,  temperatures,  pressures, 
and  so  forth.  A  panel  for  control  and  monitoring  of  flight  test  instrumen¬ 
tation  is  located  in  the  cockpit. 

A  parametric  study  was  the  basis  for  sizing  the  major  components  of  the 
CRA. 
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PERFORMANCE  DATA 


The  J52-P-8A  turbojet,  in  a  single-engine  installation,  was  chosen  to 
power  the  CRA. 

Hughes  has  accumulated  extensive  data  directly  applicable  to  the  design  of 
the  Hot  Cycle  Rotor/ Wing  CT  '  The  performance  described  in  this  section 
has  been  determined  directly  from  these  data  by  using  accepted  standards 
for  converting  model  test  data  to  full  scale.  Hughes'  experience  with  Hot 
Cycle  propulsion  encompasses  10  years  of  design,  whirl  stand,  and  fli  '-t 
test  activities.  This  experience  has  provided  detailed  documentation  of  the 
characteristics  of  the  Hot  Cycle  system. 

Rotor/ Wing  aerodynamic  studies  have  extended  over  nearly  4  years  and  in¬ 
clude  model  whirl  stand  investigations  and  wind  tunnel  tests  covering  all 
modes  of  flight,  from  low-speed  helicopter  flight,  through  conversion,  to 
airplane  flight  at  Mach  numbers  up  to  0.  9. 

Performance  characteristics  have  been  established  through  the  use  of  wind 
tunnel  data  corrected  to  full-scale  Reynolds  numbers. 

Table  II  summarizes  the  major  performance  items. 


TABLE  II.  HOT  CYCLE  ROTOR/ WING  CRA 
PERFORMANCE  SUMMARY 


At  Design  Gross  Weight  Except  as  Noted 


Ho  ver  ceiling,  out  of  ground  effect,  95°F,  ft 
Hcver  ceiling,  out  of  gr  mnd  effect,  standard  day,  ft 
Disc  loading,  lb/ sq  ft  (based  on  2  5  -  ft  radius) 

Maximum  speed,  sea  level  standard,  kn 

Maximum  speed,  13,  000  ft  standard,  kn 

Range*  with  3,  000-lb  payload  (cruise  at  35,  000  ft),  n  mi 

Ferry  range**  (cruise  at  35,  000  ft,  takeoff  gross  weight 

30,  000  lb),  n  mi 


■:Based  on  engine  specification  fuel  flow  --  no  fuel  reserves 
included. 

*Engine  SFC  increased  5 %  --  fuel  reserve  equals  10%  of  initial  fuel. 


1  3,  100 
19,  500 
10 
400 
490 
400 

2,  575 
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I  Ho  CRA  is  capable  of  hovering  out  of  ground  effect  at  6,  000  feet,  95°F, 
at  a  gross  weight  of  26,  000  pounds,  which  is  6  36b  pounds  more  than  the 
design  gross  weight.  At  an  alternate  gross  weight  of  30,  000  pounds,  the 
CRA  can  hover  OGE  at  6,  500  feet,  standard  day,  and  can  carry  fuel  and 
payload  of  16,  365  pounds. 

Conversion  from  helicopter  to  airplane  in  level  flight  can  be  carried  out  at 
any  altitude  up  to  15,  000  feet  at  design  gross  weight  on  a  standard  day. 

The  capability  and  versatility  of  the  Hughes  CRA  are  summarized  in  the 
overall  flight  envelope  shown  in  Figure  12.  At  the  design  gross  weight  of 
19,  635  pounds,  the  hovering  ceiling  is  19,  500  feet  on  a  standard  day.  The 
airplane  mode  ceiling  is  in  excess  of  35,  000  feet,  and  the  maximum  air¬ 
speed  is  490  knots.  Conversion  from  helicopter  mode  to  airplane  mode 
takes  advantage  of  an  autogyro  flight  envelope  that  extends  to  ’7,  500  feet 
under  standard  conditions. 

The  conversion  from  helicopter  mode  through  autogyro  mode  to  airplane 
mode  is  made  in  the  following  manner.  After  takeoff,  the  ship  is  flown  as 
a  helicopter  up  to  a  speed  of  approximately  100  knots.  The  power  divert 
switch  is  then  placed  in  the  AIRPLANE  position,  the  collective  pitch  is 
.  lowered  to  maintain  approximately  85  percent  of  normal  rpm  for  autogyro 
flight,  and  the  forward  speed  is  increased  to  approximately  150  knots  by 
adjusting  engine  thrust.  The  mode  selector  swdtch  is  then  set  to  AIRPLANF 
position,  and,  while  roughly  constant  forward  speed  is  maintained,  the  col¬ 
lective  pitch  is  increased  to  approximately  10  degrees  to  slow  the  Rotor/ 
Wing.  As  Rotor/ Wing  speed  decreases,  the  angle  of  attack  of  the  aircraft 
is  increased  to  transfer  the  lift  from  the  blades  to  the  wing.  When  the  rpm 
slows  to  approximately  40  percent,  the  Rotor/ Wing  brake  is  applied  with 
the  toe  pedals  and  the  collective  pitch  control  is  low'ered  to  the  zero  blade 
angle  position  as  the  Rotor/ Wing  stops.  When  the  Rotor/ Wing  reaches  5 
rpm,  the  Rotor/ Wing  locator  rices  automatically  and  engages  the  locking 
pin,  which  stops  the  Rotor/ Wing.  Wing  and  blade  locks  then  engage,  the 
Rotor/Wing  controls  are  de  activated,  the  inlet  duct  is  raised,  and  the  yaw- 
,  fan  doors  are  closed.  The  aircraft  is  now  in  airplane  flight. 

To  reconvert  from  airplane  to  autogyro  flight,  basically  the  reverse  se¬ 
quence  is  followed.  After  the  aircraft  is-slowed  to  the  conversion  airspeed 
»  of  approximately  150  knots,  the  mode  selector  switch  is  placed  in  ROTOR 
position.  This  unlocks  the  Rotor/ Wing  and  blades,  activates  the  Rotor/ 

Wing  controls,  opens  the  yaw-fan  doors,  retracts  the  inlet  duct,  and  re¬ 
tracts  the  Rotor/Wing  locator.  The  collective  pitch  is  lowered  to  full  down 
(-10  degrees)  and,  as  the  rpm  increases,  is  raised  gradually  to  obtain 
approximately  85-percent  Rotor/ Wing  rpm.  Level  flight  is  maintained  by 
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Figure  ) Overall  Flight  Envelope. 
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lowering  the  angle  of  attack  of  the  wing  as  the  rpm  is  increasing  to  trans¬ 
fer  the  lift  from  the  wing  to  the  blades.  After  steady  autogyro  flight  is 
achieved,  the  forward  speed  is  reduced  to  approximately  3  00  knots  while 
constant  collective  pitch  is  maintained. 

At  the  forward  speed  for  conversion  to  helicopter  flight,  the  power  is  di¬ 
verted  to  the  Rotor/ Wing  and  the  collective  pitch  control  is  raised  to 
achieve  level  helicopter  flight. 

The  feasibility  of  the  above  procedure  has  been  substantiated  in  wind  tunnel 
tests  and  is  discussed  further  in  this  report  under  Stability,  Control,  and 
Flying  Qualities.  The  section  entitled  Structures  shows  that  the  Rotor/ 
Wing  is  free  from  flutter  and  aeroelastic  divergence  during  the  conversion 
and  throughout  the  flight  envelope. 


AIRPLANE  MODE  PERFORMANCE 


Flight  Envelope 

Figure  13  presents  the  flight  envelope  in  the  airplane  mode.  Sir.  curves 
are  shown  on  this  plot.  The  maximum  and  minimum  airspeeds  with  mili¬ 
tary  power  are  based  on  the  drag  polars  shown  in  Appendix  I.  Both  stall 
and  minimum  trim  speeds  are  less  than  the  military  power  minimum  speed, 
and  therefore  are  not  shown.  Curves  of  speed  for  best  climb  and  speed 
for  best  range  are  included.  Speed  for  best  range  is  defined  as  maximum 
speed  for  °9  percent  of  maximum  specific  range.  The  Vne  design  limit  is 
400  knots  equivalent  airspeed  (KEAS).  The  inte-section  of  the  military 
power  limit  and  Vne  curves  at  a.  13,000-foot  altitude  shows  a  maximum 
true  airspeed  of  490  knots. 

Takeoff  and  Landing  -  Airplane  Mode 

Takeoff  and  landing  can  be  accomplished  in  the  airplane  mode  with  the 
Rotor/ Wing  locked  and  the  engine  producing  thrust  as  a  turbojet. 

The  angle  of  attack  for  takeoff  and  landing  is  limited  by  the  tail  clearance 
angle,  which  is  14  degrees.  To  be  conservative,  a  maximum  angle  of  12 
degrees  is  assumed.  The  lifi  curve  slope  as  obtained  from  wind  tunnel 
tests  is  2.  49  per  radian,  or  0.  0434  per  degree.  C^  maximum  for  this 
angle  is  0.  521. 

Figure  4-27  of  Reference  1  was  used  to  estimate  the  takeoff  distance  to 
clear  a  50-foot  obstacle.  At  sea  level  standard  and  design  gross  weight, 
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Figure  13.  Flight  Envelope,  Airplane  Mode. 
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this  distance  is  3,  100  feet  and  the  takeoff  speed  is  145  knots.  At  3,  000 
feet,  standard  temperature,  and  design  gross  weight,  the  distance  is  3,800 
feet  and  the  takeoff  speed  is  152  knots. 

The  total  landing  distance  over  a  50-foot  obstacle  at  design  gross  weight  is 
computed  using  equation  4.  55  of  Reference  1.  This  distance  is  8,  850  feet 
at  sea  level,  standard  temperature  and  9,  640  feet  at  3,  000  feet,  standard 
temperature.  This  distance  can  be  reduced  to  approximately  4,  000  feet 
with  the  addition  of  a  drag  chute. 

Rate  of  Climb 


Figure  14  presents  rates  of  climb  versus  altitude  w'th  military  and  normal 
power  for  a  standard  day  in  airplane  more.  The  graph  shows  that  the  rate 
of  climb  exceeds  7,  500  feet  per  minute  at  design  gross  weight. 

Payload- Range 

Figures  15  and  16  present  payload- range  data  for  cruise  altitudes  up  to 
35,  000  feet.  In  computing  these  curves,  to  the  2-minute  allowance  at  nor¬ 
mal  power  for  warm-up,  takeoff-,  and  climb  required  by  MIL-C-5011A  is 
added  another  2-minute  allowance  for  conversion  to  airplane  flight;  no  al¬ 
lowance  for  distance  is  considered.  The  climb  to  cruise  altitude  was  as¬ 
sumed  on  course;  no  distance  allowance  was  made  at  the  destination  for 
descent.  Two  minutes  at  normal  power  was  assumed  for  reconversion  to 
helicopter  flight  and  landing  at  the  remote  base.  No  fuel  reserve  is  in¬ 
cluded.  Specific  fuel  consumption  (SFC)  is  taken  from  engine  specifica¬ 
tions,  and  installation  losses  are  accounted  for. 

Ferry  Mission 

The  ferry  mission  is  computed  with  takeoff  at  the  alternate  gross  weight  of 
30,  U00  pounds.  The  power  requirements  at  this  weight  in  each  mode  of 
flight  are  shown  in  this  section  under  Composite  Power  Available,  which 
indicates  that  there  is  sufficient  overlap  in  the  flight  envelope  to  convert 
easily  in  level  flight  from  helicopter  through  autogyro  to  airplane  flight. 

For  the  ferry  range  computation,  the  SFC  is  increased  by  5  percent  and 
a  reserve  of  10  percent  of  the  initial  fuel  is  assumed.  As  required  by 
MIL,- C- 50 1 1  A,  2  minutes  at  normal  rated  power  at  sea  level  is  assumed 
for  starting  the  engines,  taking  off,  and  accelerating  to  climb  speed;  an 
additional  2  minutes  at  normal  rated  power  is  added  for  conversion.  The 
mission  profile  is:  climb  on  course  with  military  power  (30-minute  rating) 
to  reach  a  35,  000-foot  altitude,  continue  cruise  at  speed  for  best  range  at 
35,  000  feet  to  destination,  and  land  without  distance  credit  for  descent  to 
sea  level.  Based  on  the  above  assumption,  the  ferry  range  is  2,  57  5  nauti¬ 
cal  miles.  This  distance  provides  worldwide  ferry  capability. 
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Figure  14.  Maximum  Rate  of  Climb,  Airplane  Mode. 
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Figure  16.  Payload  Extended  Range. 


HELICOPTER  MODE  PERFORMANCE 


Flight  Envelope 

Helicopter  operation  under  standard  conditions  is  summarized  in  Figure 
17.  The  maximum  speed  is  established  by  blade  stall  considerations.  A 
conservative  criterion  of  12-degree  retreating  tip  angle  has  been  used. 

Hovering  Performance 


Hover  ceiling  out  of  ground  effect  is  presented  as  a  function  of  gross  weight 
for  both  standard  and  95°F  temperature  conditions  in  Figure  18.  At  95°F, 
hover  ceiling  at  design  gross  weight  is  13,  100  feet.  At  95°F  at  6,  000  feet, 
hover  OGE  is  possible  at  a  weight  of  26,  000  pounds.  The  out-of-ground- 
effect  hovering  power  at  design  gross  weight  is  summarized  in  Table  III. 


TABLE  III.  SUMMARY  OF  HOVERING  PERFORMANCE  -  OGE 


Sea  Level 

6, 000  Feet 

Ambient  temperature,  ’F 

59 

95 

VT,  fps 

720 

720 

Download,  lb 

1,  033 

1,  033 

C 

0.  00855 

0.  01141 

CT/a 

0.  0519 

0.  0692 

Cq  ,  Rotor/ Wing 

0.  C00972 

0.  0013791 

Figure  of  merit 

0.  521 

0.  568 

Yaw  fan  thrust,  lb 

40 

38 

Yaw  fan  power,  hp 

30 

25 

Rotor/Wing  power  required,  hp 

3,  077 

3,  270 

Total  power  required,  hp 

3,  142 

3,  329 

Fuel  flow,  lb/hr 

3,  666 

3,  800 

Total  power  available,  hp 

7,  240 

5,  065 

Fuel  flow,  lb/hr 

8,  114 

5,  648 

Excess  power,  hp 

4.  098 

1, 736 

Hover  in  ground  effect  is  sumn  arized  in  Figure  19.  The  Rotor/Wing  con¬ 
figuration  experiences  a  benefit  from  ground  effect,  better  than  that  exper¬ 
ienced  by  a  Cv-nvenlional  helicopter  rotor. 


Both  the  basic  hovering  performance  and  the  effect  <>f  ground  proximity 
are  calculated  by  using  parameters  drawn  from  n  ent  Hughes  tests  of 
Rot.  /Wing  models  closely  approaching  the  CRA  configuration. 
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Figure  17.  Flight  Envelope,  Helicopter  Mode. 
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Vertical  Rate  of  Climb 


Helicopter  mode  vertical  climb  capability  is  summarized  in  Figure  20. 
Sea  level  rate  of  climb  at  design  gross  weight  is  6,  500  feet  per  minute. 


AUTOGYRO  MODE  PERFORMANCE 
Flight  Envelope 

Autogyro  flight  may  be  thought  of  as  the  key  to  the  Rotor/ Wing  conversion 
process  between  helicopter  and  airplane  operating  modes.  Since  autogyro 
flight  involves  the  propulsion  mode  of  airplane  flight  combined  with  th  ■  lift¬ 
ing  mode  of  helicopter  flight,  it  permits  a  two-step  conversion  from  one  to 
the  other.  Accordingly,  the  autogyro  flight  envelope  of  Figure  21  is  of  in¬ 
terest  since  it  controls  the  region  wherein  conversion  can  be  effected.  Note 
that  autogyro  flight  is  possible  to  an  altitude  of  17,  500  feet  on  a  standard 
day. 


EMERGENCY  LANDING  CHARACTERISTICS 


Figure  22  presents  auto  rotational  rate  of  descent  versus  forward  speed  for 
design  gross  weight  at  sea  level  standard.  From  helicopter  flight,  auto- 
rotation  is  entered  by  lowering  the  collective  pitch  to  maintain  the  rotor 
rpm.  Autorotation  is  entered  from  the  autogyro  mode  by  simply  lowering 
the  nose  without  changing  the  collective  setting.  At  forward  speeds  of  less 
than  90  knots,  the  rate  of  descent  is  computed  assuming  85-percent  rpm. 
For  values  greater  than  90  knots,  the  collective  pitch  is  assumed  to  be  2 
degrees,  which  is  the  value  used  during  the  autogyro  mode  of  flight. 

In  case  of  power  failure  during  helicopter  or  autogyro  flight,  normal  heli¬ 
copter  auto  rotational  landings  are  performed.  The  regions  marked  "avoid" 
on  Figure  23  represent  those  flight  regimes  where  transition  to  autorotation 
is  either  difficult  or  impossible.  These  regions  have  been  defined  by  cal¬ 
culating  differences  from  Hughes  OH-6A  flight  test  results  with  the  aid  of 
the  autorotational  constant,  K,  as  described  in  Reference  2. 

In  case  of  power  failure  during  airplane  flight,  the  pilot  can  elect  to  land 
the  CR.A  as  an  air-'ane  or  to  convert  to  autogyro  mode  and  make  an  auto¬ 
rotational  landing.  This  latter  procedure  is  carried  out  as  follows.  The 
first  phase,  in  airplane  flight,  is  a  speed  reduction  to  roughly  150  knotSi 
If  at  low  height  above  terrain,  a  zooming  climb  is  made  in  which  altitude 
is  gained  and  speed  is  reduced  to  150  knots.  The  aircraft  kinetic  energy 
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Figure  20.  Maximum  Vertical  Rate  of  Climb, 
Helicopter  Mode. 
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Figure  21.  Flight  Envelope,  Autogyro  Mode. 
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Figure  22.  Auto  rotational  Rate  of  Descent. 
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Figure  23.  Predicted  Height- Velocity  Curve, 
Helicopter  and  Autogyro. 


(less  drag  losses)  is  traded  for  a  gain  in  altitude,  followed  by  a  pushover 
to  approximately  150  knots.  The  conversion  takes  place  at  a  roughly  con¬ 
stant  speed  of  150  knots  in  a  descent,  during  which  potential  energy  is 
traded  for  the  kinetic  energy  required  to  bring  the  Rotor/Wing  up  to  nor¬ 
mal  rotational  speed  and  to  supply  the  aircraft  drag  losses.  Following 
conversion  to  autogyro  mode,  airspeed  is  reduced  to  approach  speed  (60 
to  80)  followed  by  the  final  flare  to  an  autorotative  landing.  Figure  24 
presents  the  region  in  which  conversion  cannot  be  effected  and  an  airpxane- 
type  power-off  landing  must  be  made. 
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Figure  24.  Emergency  Landing,  Airplane  Mode. 
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PERFORMANCE  PARAMETERS 


The  following  pages  summarize  the  essential  parameters  used  in  calculat¬ 
ing  the  Hughes  CRA  performance.  Comparison  of  these  parameters  with 
actual  test  data  is  shown  wherever  such  a  comparison  can  be  made  simply. 
In  cases  where  parameter  derivation  from  test  results  is  more  complex, 
full  development  will  be  found  in  the  appropriate  Appendix. 

Dimensional  Data  and  Performance  Constants 


Pertinent  constants  of  dimensional  and  performance  significance  are  pre¬ 
sented  in  Tables  IV  through  VII  for  airplane  and  helicopter  modes.  These 
constants,  in  addition  tc  the  graphs  that  follow,  facilitate  spot  calculations 
to  confirm  or  to  extend  the  performance  charts. 


TABLE  IV.  AIRPLANE  MODE  DIMENSIONAL  DATA  AND 
PERFORMANCE  PARAMETERS 

Dimensions 

Rotor/Wing  planform  area 

526  sq  ft 

Rotor/Wing  aspect  ratio 

3.  95 

Rotor/Wing  span 

44  ft  11  in. 

Fuselage  length 

70.  0  ft  8  in. 

Total  wetted  area 

3,  090  sq  ft 

Frontal  area 

171  sq  ft 

Aerodynamics 

Equivalent  flat  plate  drag  area 

8.  8  sq  ft 

Span  efficiency  factor,  e 

0.  895 

Maximum  lift/drag  ratio 

12.  0 

Mach  number  for  drag  divergence 

0.  75 

Propulsion 

Engine 

One  J52-P-8A 

Tail  pipe  pressure  loss  ratio  =  APt/Pt 

6.  4% 

Engine  accessory  power  extraction 

19.  7  hp 

Engine  air  bleed 

0.  2% 

Diverter  valve  leakage 

0.  7% 

Inlet  mass  flow  ratio  at  cruise 

0.  5 

Inlet  pressure  loss  at  cruise 

0.  5% 
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TABLE  V.  DIMENSIONAL  DATA  AND  PERFORMANCE 

PARAMETERS  FOR  HELICOPTER  AND 

AUTOGYRO  MODES 

Dimensions 

Rotor/  Wing  diameter 

50  ft 

Rotor/ Wing  disc  area 

1,  964  sq  ft 

Blade  weighted  equivalent  chord 

4.  32  ft 

Blade  solidity 

0.  165 

Normal  rotor  speed 

275  rpm 

Normal  rotor  tip  speed 

7  20  ft/  sec 

Yaw  fan  diameter 

4.  7  ft 

Yaw  fan  moment  arm 

30.  0  ft 

Yaw  fan  normal  speed 

2,  930  rpm 

Power  Requived  Parameters 

Equivalent  flat  plate  drag  area 

16.  35  sq  ft 

Rotor  figure  of  merit  (sea  level  standard, 

0.  521 

design  gross  weight) 

Yaw  fan  thrust 

40  lb 

R.otor  power  extraction  (sea  level  standard) 

64  hp 

Fuselage  download  (hover) 

1,  033  lb 

Propulsion 

Autogyro  -  Same  as  airplane  mode 

Helicopter 

% 

Engine 

One  J52-P-8A 

Overall  pressure  recovery  at  rotor  tip  nozzle 

0.  96 

Tip  nozzle  velocity  coefficient 

0.  96 

Engine  air  bleed 

0.  2% 

Diverter  valve  leakage 

0.  9% 

Engine  accessory  power  extraction 

40.  7  hp 

Engine  inlet  pressure  loss  (hover) 

0.  2% 

Engine  inlet  temperature  rise  (hover) 

4°F 
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TABLE  VI.  GLOSS  WEIGHT  BREAKDOWN  (LB) 


Rotor/ Wing  group 

2,  753 

Tail  group 

704 

Body  group 

2,  098 

Landing  gear 

600 

Flight  control  group 

729 

Engine  section 

240 

Propulsion  group 

3,  545 

Auxiliary  power  unit 

150 

Instrument  and  navigation  equipment  group 

120 

Hydraulic  group 

205 

Electrical  group 

300 

Electronics  group 

900 

Armament  group  (gunfire  protection) 

250 

Furnishings  and  equipment  group 

412 

Auxiliary  gear  group 

8 

Air  conditioning  and  anti-icing  group 

40 

Undefined  weight 

115 

EMPTY  WEIGHT 

13, 169 

Crew'  (2) 

400 

Fuel  (usable) 

3,  000 

Fuel  (unusable) 

30 

Oil 

36 

Cargo 

3,  000 

DESIGN  GROSS  WEIGHT 

19, 635 

TABLE  VII.  ENGINE  DATA 


Guaranteed  Sea  Level  Static  Ratings  -  Pratt  and  Whitney  J52-P-8A 

(Model  JT-8B-3) 

Thrust 

SFC  (Maximum) 

Condition 

(lb)' 

(lb/hr/lb  thrust) 

Maximum 

9,  300 

0.  86 

Military 

9,  300 

0.  86 

Normal 

8,  200 

0.  81 

90-percent  cruise 

7,  380 

0.  79 

75-percent  cruise 

6,  150 

0.  76 
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Airplane  Mode  Aerodynamics 


Airplane  mode  performance  of  the  CRA  has  been  calculated  by  standard 
techniques,  using  the  family  of  drag  polars  presented  in  Appendix  I.  These 
calculations  can  be  summarized  in  terms  of  overall  lift/drag  ratio  versus 
lift  coeffici^.  .t  as  shown  in  Figure  25. 
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Helicopter  Performance 


The  helicopter  mode  performance  reported  herein  has  been  calculated 
through  a  computer  program  containing  all  the  terms  and  corrections 
available  to  modern  rotary-wing  technology  as  described  in  Appendix  II 
It  as  impossible  to  present  a  single  performance  parameter  cur\e  that 
adequately  summarizes  all  of  the  factors  that  are  involved  in  these  calcu¬ 
lations.  However,  the  net  result  of  the  calculations  is  a  series  of  power- 
required  curves  that  can  be  related  to  the  classical  Cj  versus  Cq  curves 
of  Figures  26,  27,  and  28  for  u  =  0,  0.  25,  and  0.  35,  respectively.  It 
must  be  recognized  that,  these  Cq1  -  Cq  curves  do  not  present  the  inter¬ 
actions  of  blade  Mach  number  and  C,p/a  in  sufficient  detail  to  permit  ex¬ 
tensions  of  the  calculated  helicopter  flight  envelope  in  terms  of  either 
altitude  or  maximum  speed.  This  must  be  done  during  the  complete 
analysis  procedure. 

Whirl  tower  test  data  from  Reference  3  are  included  in  Figure  26  as  an 
indication  of  the  excellent  correlation  between  the  CRA  performance  cal¬ 
culations  and  the  actual  test  data.  The  difference  that  does  exist  repre¬ 
sents  a  conservative  value  of  scale  and  configuration  effects.  Helicopter 
forward  flight  aerodynamics  are  summarized  and  compared  with  model 
test  data  in  Figures  27  and  28.  At  p  =  0.  25  (Figure  27),  the  CRA  calcu¬ 
lated  performance  is  in  even  closer  agreement  with  the  wind  tunnel  results 
than  was  the  case  for  hover  performance  in  Figure  26.  Note  that  the  hover¬ 
ing  model  test  results  reported  here  are  from  whirl  tower  tests  at  the 
Hughes  plant,  whereas  the  forward  flight  data  are  from  tests  at  the  Navy 
Ship  Research  and  Development  Center  Aerodynamics  Laboratory. 

At  gi  =  0.  35  (Figure  28),  tip  Mach  number  effects  have  assumed  sufficient 
importance  in  the  calculational  procedure  that  the  CRA  predicted  torque 
coefficients  substantially  exceed  the  model  test  values.  The  calculated 
values  are  considered  to  be  conservative;  however,  helicopter  maximum 
forward  speed  is  a  sensitive  quantity  in  the  conversion  procedure,  and 
conservatism  is  appropriate.  All  of  the  performance  curves  for  the  CRA 
include  the  effects  of  download  on  the  fuselage  in  hovering  and  download  on 
the  tail  in  forward  flight,  in  addition  to  the  power  extracted  for  the  yaw 
fan  and  for  cooling. 

Autogyro  Performance 

The  statements  of  the  preceding  paragraphs  regarding  the  difficulty  in  pre¬ 
senting  a  parametric  curve  that  adequately  represents  the  helicopter  per¬ 
formance  calculational  procedure  are  equally  applicable  io  the  autogyro 
situation.  A  significant  overview  ot  me  autogyro  performance  situation 
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THRUST  COEFFICIENT, 


fill. 


Figure  27.  Forv/ard  FI  Performance,  Helicopter 
Mode,  u  =  0.  25. 
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can  be  obtained  from  a  plot  of  overall  autogyro  lift/drag  ratio  versus 
advance  ratio. 

As  shown  in  Figure  29,  the  CRA  autogyro  performance  implies  overall  life/ 
drag  ratios  in  the  range  of  3.  0  to  4.  5.  Raw  wind  tunnel  data  from  Rotor/ 
Wing  tests  as  reported  in  Reference  4  have  been  transferred  to  Figure  29 
for  comparison  with  the  CRA  calculations.  The  very  close  agreement  be¬ 
tween  the  small-scale  test  results  and  the  full-scale  calculations  suggests 
that'  full  credit  has  not  been  taken  for  Reynolds  number  effects  in  deriving 
the  full-scale  factors  from  the  wind  tunnel  data.  However,  since  autogyro 
flight  is  the  key  mode  in  the  conversion  of  the  CRA  from  helicopter  to  air¬ 
plane  flight,  it  is  appropriate  Li  at  the  autogyro  mode  calculations  be  based 
on  the  most  conservative  performance  parameters. 


Hot  Cycle  Propulsion  Performance 


The  helicopter  mode  propulsion  system  of  the  CRA  is  very  closely  related 
to  that  of  the  XV-9A  Hot  Cycle  Research  Aircraft,  which  was  tested  during 
1964  and  1965. 


ADVANCE  RATIO 

Figure  29.  Lift/ Drag,  Autogyro  Mode. 
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The  performance  of  the  Hot  Cycle  system  depends  primarily  upon  two 
parameters;  namely,  overall  pressure  recova.  /  from  the  engine  exhaust 
to  the  blade  tip,  and  tip  nozzle  effective  velocity  coefficient.  Both  param¬ 
eters  have  been  identified  during  the  XV-9A  program,  and  the  values  used 
for  the  CRA  represent  a  conservative  application  of  the  XV-9A  test  results 
as  summarized  in  Figure  30. 

Overall  pressure  recovery  for  the  CRA  is  calculated  to  be  slightly  lower 
than  for  the  XV-9A,  as  a  result  of  somewhat  higher  duct  Mach  numbers 
in  the  CRA  design.  This  effect  is  opposed  by  the  effect  of  smaller  duct 
length/ diameter  ratio  in  the  CRA,  and  the  net  penalty  shown  in  Figure  30 
is  conservatively  stated. 

In  the  XV-9A  tip  nozzle  cascades,  turning  and  accelerating  losses  could 
not  be  isolated.  Accordingly,  the  tether  test  (Reference  6)  Cye  of  0.  94 
was  based  on  flow  conditions  prior  to  the  final  turn.  For  the  CRA  config¬ 
uration,  it  is  easier  to  calculate  the  turning  losses  separately  and  to  use 
a  nozzle  velocity  coefficient  based  on  conventional  turbojet  nozzle  experi¬ 
ence;  the  value  used,  Cye  -  0.  96  ,  is  again  conservative.  Complete  de¬ 
tails  of  the  procedures  for  calculation  of  helicopter,  autogyro,  and  airplane 
power  available  are  included  in  Appendix  III. 

Composite  Power  Available  and  Power  Required  Curves 

Power  available  and  power  required  curves  covering  all  three  flight  modes 
have  been  prepared  for  a  variety  of  weights  at  sea  level  standard;  5,  000 
feet  standard;  and  6,  000  feet,  95°F  conditions.  These  curves  are  included 
here  as  Figures  31,  32,  and  33,  respectively.  They  represent  the  com¬ 
bined  effects  of  the  parameters  just  discussed. 

Power  required  and  power  available  calculations  for  the  CRA  are  in  every 
case  built  upon  test  data  from  closely  related  configurations.  Any  correc¬ 
tions  to  the  test  data  for  minor  configuration  changes  and  for  the  effects  of 
small-scale  test  conditions  follow  accepted  techniques. 

Figure  34  presents  curves  of  specific  range  versus  true  airspeed  in  the 
airplane  mode  for  the  two  weights  and  various  altitudes. 
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CRA  Blade  Tip 
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Location  of  Calculated 
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An  effective  nozzle  coefficient 
C.y e  =  0.  94  has  been  estab¬ 
lished  based  on  the  measured 
gas  condition  before  the  turn¬ 
ing  venues. 


An  effective  nozzle  coefficient 
CVe  =  0.  96  has  been  used  for 
performance  prediction  based 
on  the  calculated  gas  conditions 
afte  r  the  turn. 


Figure  30.  Overall  Rotor  System  Pressure  Recovery, 
Helicopter  Mode. 


44 


Figure  31.  Power  Require 


t 


Figure  33.  Power  Required  and  Power  Available,  6,  000  Feet,  95 
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—  —  —  Gross  Weight  =  28,  000  1 
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Figure  34.  Specific  Range  Versus  True  Airspeed. 
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WEIGHT  AND  BALANCE 


This  section  of  the  report  presents  the  results  of  the  weight  and  balance 
analysis  performed  during  the  CRA  preliminary  design  study.  It  includes 
a  Part  I  Summary  Weight  Statement  that  has  been  prepared  in  accordance 
with  the  format  and  content  requirements  of  MIL-STD-451.  Weight  and 
balance  calculations  are  also  presented  with  substantiation  for  the  esti¬ 
mated  weight  empty.  The  weight  substantiation  includes  a  detailed  de¬ 
scription  of  the  design  and  the  analytical  methods  used  to  determine  CRA 
weights  from  the  design. 

Since  the  design  employs  proven,  fully  developed  systems  and  components 
to  the  maximum  practicable  extent,  actual  weights  were  used  to  determine 
35  percent  of  the  total  weight  empty.  The  remaining  65  percent  of  weight 
empty  was  determined  by  using  design  analysis  verified  by  comparative 
analysis  and  parametric  study. 

The  estimated  weights  and  center  of  gravity  limits  for  the  Composite  Re¬ 
search  Aircraft  are  as  follows; 

Weight  empty  13,  169  lb 

Design  gross  weight  19,635  lb 

(with  3,  000-lb  payload 
and  3,  000-lb  usable  fuel) 

Forward  eg  limit  Sta  585  (at  design  gross  weight) 

Aft  eg  limit  Sta  600 

Lateral  eg  limit  ±8  in.  from  centerline 

These  data  are  based  on  the  following  design  and  weight  considerations: 


Rotor/ Wing  radius  25  ft 

Speed  400  KEAS 

Disc  loading  10  lb/  sq  ft 

t  Helicopter  mode  ultimate  load  factor  4.  50 

Airplane  mode  ultimate  load  factor  6.  75 

Engine  (1)  J52-P-8A 

Fixed  specification  weights: 

» 

Furnishings  and  equipment  1,  200  lb 

Avionics  900  lb 

Armor  protection  100  lb/crew  member  250  lb 

50  lb/engine 

Auxiliary  power  unit  150  lb 

Payload  3,  000  lb 

Fuel  3,000  1b 
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MIL-STD-451,  PART  II 


NAME- 

DATE- 


PAGE _ 

MODEL- 

REPORT. 


DETAIL  W-TQHT  STATEMENT 
ROTORCRAFT  ONLY 
ESTIMATED— 

(Cross  out  those  not  applicable) 


PONTR APT  ^  ^ ~XT1 ^‘C-33^-  (T) _ 

ROTORCRAFT,  GOVERNMENT  NUMBER _ 

ROTORCRAFT,  CONTRACTOR  NUMBER _ 

MANUFACTURED  by  Uu-lics  'Tool  Cosnany  -  Aircraft  Division 


Main 

Auxiliary 

Manufactured  by 

Pratt  A  Vr.iitr.ey 

Model 

j>?-p-Sa 

Number 

Propeller 

Manufactured  by 

Model 

Number 

1 


50 


Mll-SYD-451,  PART  I 
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MIL-STD-451,  f'A&f  I 


ROTORCRAJT  PAGE 

NAME _  SUMMARY  WEIGHT  STATEMENT  MODEL- 

DATE _ _ _ WEIGHT  EMPTY— Continued  REPORT. 


l 

- - - - : 

1 

9 

4 

INSTRUMENT  AND  N  AVIOATION AL  EQUIPMENT  OR 

OOP 

120 

• 

■nil Hi  n  — — i 

1 

NAVIOATIONAL  EQUIPMENT 

7 

1 

,  M 

■ 

1 

HYDRAULIC  AND  PNEUMATIC  GROUP 

205 

1* 

■  ■ 

IBlfl 

11 

PNEUMATIC 

11 

14 

14 

ELECTRICAL  GROUP 

300 

11 

A  C  SYSTEM 

11 

DC  SYSTEM 

500 

17 

it 

It 

ELECTRON  ICE  OROUP 

900 

» 

EQUIPMENT 

11 

INSTALLATION 

20 

n 

U22 

n 

Biiiiifl 

a 

kvl'f.vi  <il>  1  Mu  JllhWilJlil  ry;  -^;rn 

■  .  | 

250 

^  V  .'. 

■  ■■■ 

□ 

■  A*i .4^1^  1 ,4 VKI'l  fJJlrf’l  M  AH  fl.il 

WKKKMM 

527 

n 

ACCOMMODATIONS  TOR  PERSONNEL 

2-A 

» 

MISCELLANEOUS  EQUIPMENT 

X  1MCL 

LEE 

i if.d 

» 

FURNISHINGS 

42 

» 

KMEROENCY  EQUIPMENT 

65 

•1 

IIS 

SI 

11 

a 

>77'..  |  |H 

i . ■ 

■ 

■  ■ 

_ k£2 _ 

19 

AIR  CONDlTtONlNO 

91 

ANTI-ICINO 

97 

IS 

m 

PHOTOGRAPHIC  OROUP 

40 

HQU1PMENT 

41 

INSTALLATION 

41 

41 

AUXILIARY  GEAR  OROUP 

8 

44 

AIRCRAFT  HAN  DUNG  ORA  U. 

4ft 

LOAD  HAN  DUNOOKAR 

4ft 

A  TO  OKAR 

47 

a 

4ft 

■■■Hi 

ftl 

ftl' 

tl 

— 

44 

MANUFACTURING  VARIATION 

ftft 

"ic 

_  _  _ 

17 

TOTAL— WEIO JIT  EMPTY— PAOES  L 1  AND  1 

113.169 

♦Statement  of  work  allows  a  total  of  1,200  lb.  for  these  items’. 
**These  weights  fixed  by  statement  of  work. 
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Mll-STD-451,  PART  I 


MIL-STD-451,  PART  I 


SUMMARY  WEIGHT  STATEMENT  PAGE _ 

NAME _ DIMENSIONAL  STRUCTURAL  DATA  MODEL- 

DATE _  ROTORCRAFT  REPORT. 


I 

LENGTH -OVERALL  FT  70.5  X  BLADES  FOLDED-  FT  ) 

I 

OENERAL  DATA  |  BOOM 

FUS 

NAC 

CABIN  | 

s 

LENOTI' -MAXIMUM  FEET 

70.3 

26.5 

26.2  1 

4 

DEPTH  — MAXIMLM  FEET 

tmmm 

7.9 

3.6 

6.0  ; 

• 

WIDTH  -MAXIMUM  Ff ET 

6-3 

5-5  i 

• 

323 

7 

WETTED  AREA  GLASS  Sq.  Ft. 

WRffflM 

t 

WIN^TAIL  4  FLOOR  DATA 

WINO 

H  TAIL 

V  TAIL 

FLOOR 

1 

10~ 

0R06S  AREA-SQUARE  FEET 

591 

153 

130 

"T4T 

WEIGHT/GROSS  AREA— POUND®  PER  SQUARE  FE  IT 

4.7 

2.? 

2.4 

0.9 

11 

SPAN— FEET 

45.3 

27.0 

15.5 

11 

FOLDED  SPAN- FEET 

- 

IS 

THEORETICAL  ROOT CHORC— INCHES 

190 

90 

131 

14 

MAXIMUM  THICKNE8E  INCHE8 

26 

12 

21 

IS 

CHORD  AT  PLAN  FORM  BREAK— INCilE8 

266 

K9 

131 

II 

MAXIMUM  THICK  -JESS-INCHES 

26 

12 

21 

17 

THEORETICAL  TIP  CHORD-INCHES 

18 

MAXIMUM  THICKNE8S— INCHE8 

19 

DORSAL  AREA  INCLUDED  IN  FUSEL  AO*  BQ  FT 

TAIL  BQ  FT  | 

TAIL  LENGTH  28%  MAC  WINO  TO  14%  MAC  HORIZONTAL  TAIL  32-5  FEET  | 

11 

AREA — 8Q  rr  PER  ROTORCRAFT 

FLAPS 

AILERONS 

SPOILERS 

n 

SLATS 

WINS  LX 

WINO  TE 

u 

-ROTOR  DATA-TYPE  X  ART1CCLAT  INO-FLARM  KO-TKETO  IXO- RIGID  -  Tail  Rotor  X  | 

14 

X  MA  IN  ROTOR.Ririd  X 

x  Yaw  TA  il  rotor  Fan  X  i 
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The  requirements  of  MIL-S-8698  (ASG)  govern  the  helicopter  flight  struc¬ 
tural  criteria;  MIL-A-8861  (ASG)  and  MIL-A-8865  (ASG)  govern  the  airplane 
mode.  MIL-S-8698  (ASG)  applies  to  landing  and  ground  handling. 

Weight  loadings  are  summarized  in  Table  VIII. 


TABLE  VIII.  SUMMARY  OF  WEIGHT 

LOADINGS 

Weight 

Item 

(lb) 

Weight  empty 

13, 169 

Crew  (2) 

400 

Oil 

16 

Unusable  fuel 

30 

Minimum  flying  weight 

13,  635 

Payload 

3,  000 

Zero  fuel  weight 

16, 635 

Fuel 

3,  000 

Gross  weight 

19,  635 

Weight  and  balance  calculations  for  the  CRA  are  contained  in  the  following 
group  of  tables  and  illustrations.  Figure  35  shows  the  reference  data 
planes  for  the  CRA.  The  center-of-gravity  envelope  is  shown  graphically 
in  Figure  36.  Cargo  compartment  weight  and  balance  calculations,  includ¬ 
ing  permissible  cargo  loading  limits,  are  shown  in  Figures  37  and  38. 


SUBSTANTIATION  OF  ESTIMATED  WEIGHTS 


It  is  of  particular  significance  that  the  weight  estimate  for  the  Composite 
Research  Aircraft  is  more  conservative  than  that  which  was  forecast  for 
the  prototype  OH-6A.  No  significant  extrapolation  or  unusual  mechanical 
innovations  have  been  used  in  the  Composite  Research  Aircraft. 

Table  JLX  presents  a  comparison  of  the  CRA  group  weights  with  those  of 
other  helicopters  and  of  airplanes. 

The  weight  empty  for  the  CRA  was  determined  by  using  actual  weight  data, 
where  available,  and  from  specific  design  analysis,  comparative  analysis, 
and  parametric  analysis,  as  applicable  for  each  case. 


# 
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GROSS  WEIGHT  -  LB/  1000 


I  i  i  i 

Forward  eg  Limit 

(Depends  on  Gross  Weight) 


24 


Ait  eg  Limit 


22 


20 


<p  Normal  Gross 

/  Weight  and  eg 

/  I  I 


I 


18 


16 


Normal  Zero  Fuel 
Weight  and  eg 


14 


~Jy~  Minimi 

a 


Minimum  Flying  Weight 


12 


J=Ql 


Weight 

■  A»bL. 

1 

Weight  empty 

1).  169 

Crew  (2) 

400 

Oil 

36 

Unusable  fuel 

30 

2 

Minimum  Hying  weight 

13.  635 

Add  cargo* 

♦  3.000 

3 

Zero  fuel  design  gross* 

16,  635 

Add  fuel 

♦  3.000 

4 

Design  gross  weight* 

19.635 

Remove  fuel 

•  3,000 

Add  cargo* 

♦  3.  927 

5 

Zero  fuel  alternate  wt* 

20.  562 

Add  fuel 

♦  3.  000 

6 

Alternate  gross  weight* 

23.  562 

Remove  all  cargo 

-  6.927 

Add  fuel* 

♦  13.  365 

7 

Alternate  weight* 

30,000 

Remove  fuel* 

-13.  365 

Add  fuel** 

♦  13.  365 

6 

Alternate  weight** 

30.000 

Remove  ferry  fuel** 

-13,  365 

Add  cargo** 

♦  3.000 

9 

Design  gross  weight** 

19.635 

Empt'  Weight 


•Most  forward  eg 
••Most  aft  eg 

i  -i _ 


_L 


578  580  582  584  586  588  590  592  594  596  598  600  602 

HORIZONTAL  ARM  STATION  -  IN. 

Figure  36.  Center-of-Grovity  Envelope  -  All  Flight  Modes. 


Limit  -  Aft  Cargo  Area 


! 


Lateral  eg  Limit  =  ±8  in 
Minimum  Flying  Weight  =  13,635  lb 


The  fixed  weights  specified  in  the  Statement  of  Work  total  2,  500  pounds, 
which,  together  with  the  fixed  weight  of  the  engine,  amounts  to  35  percent 
of  the  weight  empty.  Of  the  ren  aming  65  percent  of  the  CRA  weight 
empty,  85  percent  was  calculated  by  analysis  of  the  design.  The  remain¬ 
ing  15  percent  of  the  CRA  weight  empty  was  verified  by  comparative  analy¬ 
sis  and  validated  by  statistical  and  parametric  study.  In  addition,  nearly 
all  weights  derived  by  design  analysis  were  verified  and  validated  against 
statistical  data. 
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TABLE  IX.  GROUP  WEIGHT  COMPARISON 
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Based  on  performance  using  current  production  T-64  engines  rather  than  derated  YT-64 
engine  s . 


i\  1  e t hod  of  Anal y  sis 


The  following  paragraphs  p-rsmt  c  bricl'  rrvif^  of  the  methods  emploved 
in  estimating  the  various  component  weights.  Included  also  are  tables, 
ciiarts,  and  graphs  used  to  derive  or  to  validate  the  weight  estimates. 

Roto  r  /  Wing  Group 


Roto  r/ '*;ing  weights  shown  in  Table  X  were  derived  by  calculating  the 
major  structural  elements  and  supplementing  these  weights  with  estimated 
allowances  for  minor  elements.  (See  Figure  3 9 .  ) 


table:  x.  rotor/ win r.  wFiGirr  brkakdowx 

Component  Weight 

Total  Weight 

Item 

(lb) 

(lb) 

Blade  Assemblies  (3) 

700 

Spars 

804 

.ate r spar  panel s 

66 

Leading  edge  panels 

48 

Trailing  edge  panels 

57 

Ribs  and  stiffening 

109 

Torque  tube  and  attachment 

165 

Balance  weights 

51 

Wing  Assembly 

8,  053 

Box  beam  structure 

358 

Structural  skin  panels 

84  u 

Structural  ribs 

516 

Blade  retention  system 

880 

Hub  structurt  and  bearings 

418 

Leading  -  trail  ing  edge  fairings 

881 

Blade  lock  system 

80 

Total  Rotor/ Wing  Group 

8,  753 

ROTOR  CROUP  WEIGHT  -  LB 


10,  000 


8 

6 

4 


2 


1, 000 

6 

4 


2 


100 

103  104  1 

DESIGN  GROSS  WEIGHT  -  LB 

Figure  39.  Main  Rotor  Group  Weight  Versus  Design  Gross  Weight. 
Tail  Group 

The  tail  group  comprises  the  yaw  fan  assembly,  the  yaw  fan  doors,  the 
vertical  stabilizer  including  the  rudder,  and  the  all-movable  horizontal 
surfaces  that  function  as  elevons. 

Yaw  Fan 


The  CRA  yaw  fan  has  six  blades,  each  a  scaled-up  version  of  the  light¬ 
weight  blades  used  on  the  U.  S.  Army  OH-6A  light  observation  helicopte 
The  similarity  of  the  blade  size,  power  requirements,  and  construction 


of  the  two  aircraft  permits  a  meaningful  comparison  of  weights  derived  by 
design  analysis  with  known  data  from  the  OH-6A  design.  The  weights  of 
the  OH-6A  components  and  the  resulting  yaw  fan  weights  are  summarized 
in  Table  XI. 


TABLE  XI.  COMPARISON  OF  CRA  AND  OH-6A  TAIL 
BLADE  ASSEMBLY 


Item 

OH-6A 

CRA 

Unit  blade  weight,  lb/ blade 

2.  25 

3.  70 

Total  blade  weight,  lb/ rotor 

4.  50 

22.  20 

Hub  weight,  lb 

2.  80 

12.  00 

Total  yaw  fan  assembly  weight, 

lb  7.  30 

34.  20 

Tail  Surfaces  Group 

The  basic  dimensions  and  weights  of  the  vertical  and  horizontal  (eleven) 

surfaces  are  shown  in  Table  XII. 

TABLE  XII.  BASIC  DIMENSIO 

ATS  OF  TAIL  GROUP  SURFACES 

Item 

Vertical  Tail 

Elevons  (Total) 

Span,  in. 

186 

334 

Area,  sq  ft  (exposed) 

130 

158 

Tip  chord,  in. 

81 

69 

Root  chord,  in. 

131 

90 

Aspect  ratio 

1.  75 

4.  20 

Leading  edge  sweep  angle,  deg 

17 

18 

Airfoil  section  root 

NACA  64z  A0 16 

NACA  64z  A0 1 5 

Airfoil  section  tip 

NACA  64z  .A 0 1 2 

NACA  64z  A0 1  0 

Tail  length  to  rotor,  ft 

30.  1 

29.  5 

Rudder  hinge  line  (%  chord) 

80 

- 

Rudder  span,  in. 

123 

- 

Weight,  lb 

306 

"»  /  a 

JO'± 

Figure  40  presents  the  results  of  a  parametric  analysis  of  tail  group  unit 
weights  taken  from  a  group  of  representative  aircraft.  The  correlation  of 
the  data  derived  by  structural  analysis  with  the  historical  data  is  good, 
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Figure  40.  Tail  Group  Weight  Comparison. 


and  the  computed  unit  weight  of  the  CRA  tail  surface  compares  favorably 
with  the  curve. 

Body  Group 

The  GRA  fuselage  weighs  2,  098  pounds.  A  study  of  unpressurized  aircraft 
fuselage  weights  (Wg)  (Figure  41)  shows  an  excellent  correlation  between 
weights  and  parameters  containing  the  following  variables: 


1. 

Ultimate 

load  factor  (n) 

2. 

Design  g] 

:oss  weight  (Wg),  lb 

3. 

Fuselage 

length  ( L) ,  ft 

4. 

Fuselage 

width  (w),  ft 

5. 

Fuselage 

height  (h),  ft 

The  weight  equation  derived  is  as  follows: 


W 


B 


117. 7n 


0.  50 


f  WgL(w  +h) 


10 


0.  651 


This  curve  clearly  substantiates  the  CRA  body  group  weight  calculation 
based  upon  the  structural  analysis. 
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TABLE  XIII.  LANDING  GEAR 

WEIGHT  BREAKDOWN 

Weight 

Total 

Item 

(lb) 

(lb) 

Main  Gear 

456 

Wheels  (11.0  -  12) 

44 

Tires  (32.  2  x  11.  20  Type  III) 

80 

Brakes 

32 

Mechanism,  oleo,  actuators 

260 

Support  structure  -  body 

40 

Nose  Gear 

112 

Wheels  (4.  4  -  10) 

16 

Tires  (18  x  44  Type  VII) 

21 

Mechanism,  oleo,  actuators 

65 

Support  structure  -  body 

10 

Gear  Controls 

32 

Total  alighting  gear 

group 

600 

Flight  Controls  Group 

The  flight  controls  group  as  defined  in  this  report  consists  of  the  following 
system  controls: 


1.  Rotor/Wing  blade  controls  (longituoinal,  lateral,  and  vortical) 

2.  Rotor/ Wing  brake  lock 

3.  Yaw  fan  and  rudder  controls  (directional) 

4.  Elevon  controls  (longitudinal  and  lateral) 

5.  Yaw  fan  doors 

6.  Aerodynamic  trim  (artificial  load  reel) 

7.  Deactivating  system  (mode  conversion) 


The  flight  controls  group  weight  has  been  estimated  to  be  7  29  pounds,  based 
upon  data  obtained  from  layouts  and  structural  analysis.  Of  the  7  29  po  >nds 
of  total  weight,  128  pounds  is  for  controls,  including  actuators  not  usually 
associated  with  pure  helicopter  functions: 
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Engine  and  Nacelle  Section 


This  section  consists  of  the  engine  mounts,  fire  walls,  and  fixed  and  re¬ 
movable  panels  enclosing  the  engine,  diverter,  and  tail  pipe  sections.  The 
combined  weight  of  this  group,  including  engine  mounts,  is  c  alculated  to  be 
211  pounds. 

Propulsion  Group 

The  various  systems  comprising  the  propulsion  group  of  (he  Hot  Cycle 
Rotor/Wing  Composite  Research  Aircraft  consist  of  the  following: 


1. 

Engine 

2. 

Air  induction  system 

3. 

Exhaust  system 

4. 

Accessory  gearbox 

5. 

Lubrication  system  (Rotor/ Wing) 

6. 

Fuel  system 

7. 

Engine  controls 

8. 

Starting  system 

9. 

Rotor/Wing  jet  drive  system 

10. 

Yaw  fan  drive  system 

Engine 

The  Pratt  and  Whitney  J-52-P-8A  engine  weighs  2,  118  pounds. 

Air  Induction  System 

The  weight  of  the  air  induction  system  is  181  pounds  and  includes  the  re¬ 
traction  system  for  the  inlet  duct  assembly. 

Exhaust  System 

The  weight  breakdown  of  this  system  is  shown  in  Table  XIV. 

Accessory  Gearbox 


The  weight  of  the  accessory  gearbox  is  57  pounds  and  is  based  on  the  fol¬ 
lowing  design  criteria: 


1.  High-speed  rpm 

2.  Low- speed  rpm 

3.  Gear  ratio  (GR) 

4.  High-speed  torque 

5.  Low- speed  torque  (Q) 


5,  000 
275 
18.  2 

105  ft-lb  (weighted  average) 

1,  908  ft-lb  (weighted  average) 
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TABLE  XIV.  EXHAUST  SYSTEM  WEIGHT  BREAKDOWN 


Item 


Weight 

(lb) 


Exhaust  duct 
Thermal  insulation 

Seals,  bellows,  clamps,  and  connectors 

Tail  pipe  ejector 

Supports  and  miscellaneous 

Total  exhaust  system  weight 


The  calculated  weight  of  the  gearbox  plotted  on  Figi 
cent  of  the  statistically  derived  curves. 


IS  Wit  ill 


npr 

jr  ^  - 


Figure  43.  Gearbox  Weight  Comparison. 


Lubrication  System 


The  lubrication  system  weight  of  39  pounds  includes  the  elements  required 
to  supply  circulating  oil  to  the  Rotor/Wing  hub  bearings  and  accessory 
gearbox. 

Fuel  System 

The  fuel  system  consists  of  two  lightweight  bladder-t.ype  fuel  cells  having 
a  capacity  Oi  1,  500  pounds  of  fuel  per  cell.  A  system  weight  of  264  pounds 
was  derived  by  comparative  analysis  with  a  similar  XV-9A  aircraft  instal¬ 
lation.  Table  XV  presents  a  weight  comparison  of  the  CRA  and  the  XV-9A 
fuel  systems. 


TABLE  XV.  FUEL  SYSTEM 

WEIGHT 

- - 

BREAKDOWN 

CRA 

XV-9A 

Item 

(lb) 

(lb) 

Fuel  cell  installation 

184 

182 

Pumps 

32 

16 

Valves  and  plumbing 

48 

62 

Total 

264 

260 

Engine  Controls 

The  engine  control  system  consists  of  linkages,  cables,  and  levers  con¬ 
necting  the  fuel  control  power  lever  on  the  engine  to  the  control  devices  in 
the  cockpit.  On  the  basis  of  design  analysis,  the  weight  of  the  system  has 
been  established  at  25  pounds. 

Starting  System 

The  engine  is  started  using  an  engine -mounted  impulse-type  air  turbine 
unit  that  operates  from  compressed  air  delivered  by  an  Ml-Al  gas-turbine 
cart.  The  starter  rotates  the  rear  compressor  of  the  engine  to  a  speed 
high  enough  to  permit  light-off.  The  cn-board  start  system  consists  of  the 
weight  items  listed  in  Table  XVI. 
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TABLE  XVI.  STARTING  SYSTEM  WEIGHT 

BREAKDOWN 

Weight 

Item 

(lb) 

Starter  (Bendix  Model  36-E83  x  60A) 

24.  5 

Air  supply  duct  system 

2.  0 

Air  control  valve 

3.  5 

Total  engine  starting  system 

30.  0 

Rotor/Wing  Jet  Drive  System 

The  CRA  Hot  Cycle  Rotor/ Wing  jet  drive  installation  consists  of  the  diverter 
valve  and  the  duct  system  required  tc  direct  the  high-energy  gas  to  the 
rotor  blade  tips  for  driving  the  Rotor/ Wing.  The  weight  estimate  of  128 
pounds  for  the  CRA  diverter  valve  has  been  obtained  by  a  comparative  siz¬ 
ing  from  the  J-85  diverter  valve,  which  weighs  85  pounds.  A  weight  of  55 
pounds  has  been  estimated  for  the  nonrotating  portion  of  duct,  stationary 
seal,  and  valve  supports. 

The  rotating  section  of  the  jet-drive  system  begins  at  the  rotating  seal 
located  on  the  lower  end  of  the  gas  distributor  duct  manifold  and  terminates 
at  the  Rotor/Wing  blade  tip  nozzles.  The  weight  of  this  portion  of  the  jet- 
drive  system  is  337  pounds;  the  total  jet-drive  system,  including  the  di¬ 
verter  valve  ’nstallation,  weighs  520  pounds. 

Yaw  Fan  Drive  System 

The  yaw  fan  drive  system  consists  of  two  gearboxes  and  a  drive  shaft  sys¬ 
tem  with  weight  estimated  at  49  pounds. 

Miscellaneous  Fixed  Equipment  and  Furnishing 

In  accordance  with  the  requirements  outlined  in  the  Statement  of  Work,  the 
empty  weight  includes  allowance  for  the  following  equipment  weights: 

1.  Auxiliary  power  unit  -  150  pounds  (including  a  20-kva  alternator) 

2.  Furnishings  and  equipment  -  1,  200  pounds  to  include  the  following: 

a.  Instruments  and  navigation  group 

b.  Hydraulic  and  pneumatic  group 

c.  Electrical  group 
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d.  Crew  accommodations  group 

e.  Air-conditioning  and  anti-icing  group 

f .  Auxiliary  gear  group  (ground  handling  or  hoisting) 

3.  Avionics  -  900  pounds 

4.  Armor  -  25C  pounac  (100  pounds  per  crew  member  plus  50  pounds 
per  engine) 

The  weights  of  the  APU,  the  armor,  and  the  avionics  are  listed  under  their 
proper  entries  in  the  Detail  Weight  Statement.  The  1,  200-pound  allowance 
for  furnishings  and  equipment  has  been  distributed  among  the  listed  groups 
based  on  weight  estimates  of  proposed  group  systems. 

Instruments  and  Navigation  Group 

Forty-eight  instruments  and  indicators  will  be  used,  and  the  estimated 
weight  of  the  instrument  and  navigation  equipment  installation  is  120  pounds. 

Hydraulic  and  Pneumatic  Group 

The  hydraulic  and  pneumatic  roup  consists  of  the  components  that  make 
up  the  central  power  system.  This  group  includes  pumps,  drives,  reser¬ 
voirs,  accumulators,  regulators,  valves,  controls,  plumbing,  fluid,  sup¬ 
ports,  and  other  items.  It  does  not  include  actuating  cylinders  and 
associated  components,  which  are  properly  allocated  to  their  respective 
functional  group.  The  CRA  hydraulic  system  has  been  estimated  at  205 
pounds.  Figure  44  is  presented  to  validat  '  the:  estimated  weight  of  the 
hydraulic  system. 

Electrical  Group 

A  28-vdc  electrical  power  system  with  a  400-ampere  generator  is  used  to 
provide  primary  power  for  the  CRA.  The  weight  of  the  electrical  group 
installation  has  been  estimated  at  300  pounds,  based  on  the  system  require¬ 
ments.  Figure  45  presents  the  results  of  a  study  showing  the  relationship 
between  helicopter  electrical  group  weights  and  gross  weight.  A  plot  of 
the  CRA  electrical  group  on  this  graph  shows  that  the  weight  is  reasonable. 

Furnishings  and  Equipment  Group  (Crew  Accommodations) 

The  furnishings  and  equipment  group  consists  of  the  crew  accommodation 
items  and  miscellaneous  pieces  of  equipment.  A  total  weight  of  420  pounds 
has  been  estimated  for  this  group. 
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ELECTRICAL  GROUP  WEIGHT  -  LB 


DESIGN  GROSS  WEIGHT  -  LB 


Figure  44.  Hydraulic  System  Weight  Comparison 


DESIGN  GROSS  WEIGHT  -  I  B 


Figure  45.  Electrical  Group  Weight  Comparison 


Air-Conditioning  and  Anti-Icing  Group 


The  cockpit  air-conditioning  system  consists  of  a  lightweight  air-cycle 
turbine  fan  assembly  that  operates  from  engine  bleed  air.  The  weight 
breakdown  of  the  system  is  as  shown  in  Table  XVII. 


TABLE  XVII.  AIR  CONDITIONING  AND  ANTI-ICING  GROUP 
WEIGHT  BREAKDOWN 


Item 

Weight 

(lb) 

Conditioning  unit  (Hamilton  Standard, 

P/N  HS  570839-5) 

18 

Ram-air  fan 

4 

Valves 

6 

Ducts,  plumbing,  and  fittings 

12 

Total  air-conditioning  system  weight 

40 

Auxiliary  Gear  Group 

The  auxiliary  gear  group  consists  of  aircraft  sad  cargo  load-handling  gear. 
A  weight  of  8  pounds  has  been  allotted  to  this  group. 

Avionics  Group 

In  accordance  with  the  Statement  of  Work,  an  allowance  of  900  pounds  of 
avionics  equipment  has  been  included  in  the  weight  empty  of  the  CRA.  The 
weight  of  the  HTC-AD-installed  avionics  equipment,  however,  has  been 
estimated  at  78  pounds. 
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STABILITY,  CONTROL,  AND  FLYING  QUA  LITIES 


The  stability  and  control  characteristics  of  the  helicopter,  autogyro,  con¬ 
version,  and  airplane  flight  modes  of  the  Hot  Cycle  Rotor /Wing  Composite 
Research  Aircraft  have  been  investigated.  It  was  found  that  satisfactory 
flying  qualities  are  achieved  in  all  flight  regimes.  MIL-H-8501A  and  MIL- 
F-8785  (ASG)  have  been  followed  to  assure  satisfactory  flying  qualities  in 
helicopter  and  airplane  modes.  In  general,  the  handling  qualities  are 
superior  to  those  required  by  military  specification. 

The  extensive  wind  tunnel  model  data  obtained  during  the  Rotor/Wing  model 
research  program  conducted  under  the  sponsorship  of  the  Office  of  Naval 
Research  (References  4  and  7)  and  the  Hughe  s  -  sponsored  model  test 
program  (Reference  8)  form  a  reliable  basis  for  the  stability  and  control 
\nalysis.  During  the  Rotor/Wirg  research  program,  the  major  area  of 
investigation  has  been  directed  toward  developing  the  technique  for  conver¬ 
sion  flight  between  the  rotating  and  the  stopped- rotor  modes,  to  demon¬ 
strate  that  the  Rotor/ Wing  could  be  successfully  stopped  and  started  in 
flight.  Successful  conversions  were  repeatedly  accomplished  in  the  wind 
tunnel  from  the  running- rotor  to  the  stopped- rotor  mode  and  back  again. 

The  conversion  procedure  is  simple  and  straightforward  such  that  a  pilot 
can  perform  conversion  manually  and  have  a  large  margin  of  control.  An 
analysis  of  the  vibratory  acceleration  at  the  pilot  station  during  the  time 
that  the  Rotor/ Wing  is  starting  or  stopping  in  flight  shows  that  this  is  less 
than  50  percent  of  the  allowable  limit  in  accordance  with  MIL-H-8501A. 

Adequate  control  margins  exist  for  all  flight  conditions  fron  40  knots 
rearward  to  the  limit  dive  speed.  The  summary  curves  presented  in 
Figures  46,  47,  and  48  show  the  required  control  positions  for  trimmed 
level  flight  in  the  helicopter,  autogyro,  and  airplane  flight  modes.  It  can 
be  seen  that  there  are  no  large  control  position  changes  during  conversion 
from  one  flight  mode  to  another. 

In  the  helicopter  and  autogyro  flight  modes,  the  Rotor/Wing  configuration 
provides  angular  response  and  damping  in  both  pitch  and  roll,  superior  to 
that  required  by  MIL- H  - 8501  A.  The  yaw  fan  provides  satisfactory  handl¬ 
ing  characteristics  in  yaw.  For  the  higher  helicopter  and  autogyro  flight 
speeds,  the  elevon  and  rudder  surfaces  become  effective,  and  additional 
pitch,  roll,  and  directional  control  is  available. 

The  airplane  flight  neutral  point  of  68- percent  wing  mean  aerodynamic 
chord  (MAC)  and  the  maneuver  point  of  74-percent  wing  MAC  are  well  aft 
of  the  recommended  aft  eg  of  36.  6-percent  wing  MAC,  demonstrating 
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Figure  48.  Collective  Pitch  Angle  for  Trimmed  Level  Flight. 


adt  Auate  margin  in  accordance  with  MIL- F- 8785  (ASG).  This  large  static 
margin  will  provide  good  longitudinal  dynamic  stability  characteristics  for 
the  Rotor /Wing  aircraft. 

The  differential  deflection  of  the  elevons  provides  the  roll  control  needed 
to  meet  the  rolling  requirements  of  MIL-F-8785  (ASG)  in  airplane  flight. 
The  normal  adverse  yaw  characteristic  experienced  by  the  wing-aileron 
type  of  roll  control  is  eliminated  by  the  elevor.  roll  control  system.  In 
fact,  model  test  data  show  a  favorable  yawing  moment  with  elevon  deflec¬ 
tion.  Analysis  shows  that  the  damping  of  the  lateral-directional  oscilla¬ 
tions  of  the  aircraft  is  in  compliance  with  MIL-F-8785  (ASG)  requirements, 
and  thus  the  aircraft  will  have  satisfactory  lateral  dynamic  characteristics. 

The  vertical  tail  provides  positive  directional  stability  for  all  flight  modes. 
The  tail  was  sized  to  provide  satisfactory  directional  stability  in  helicopter 
flight  mode.  The  tail  area  sized  for  this  condition  also  satisfies  the  direc¬ 
tional  stability  requirements  for  airplane  flight  in  accordance  with  MIL- 
F-8785  (ASG).  The  rudder  was  sized  to  provide  steady- state  sideslip 
angle  of  at  least  10  degrees  during  landing  at  1.  1  VgT  (MIL-F-8785  (ASG)). 

All  flight  control  systems  incorporate  irreversible,  hydraulically  powered, 
tandem  actuators  with  artificial  feel  systems.  Satisfactory  longitudinal 
cyclic  stick  forces  are  provided  by  the  combination  of  a  conventional  q 
bellows- spring  artificial  feel  system.  At  low  speeds,  the  spring  provides 
the  desired  level  of  stick  force  per  inch.  At  high  airplane  flight  speeds, 
the  q  spring  provides  the  desired  level  of  stick  force  per  g.  The  •■ystem 
incorporates  an  electric  actuator  to  trim  fee)  forces  to  zero.  The  lateral 
and  directional  feel  forces  are  provided  by  simple  spring  artificial  feel 
systems  that  incorporate  electric  trim  force  actuators. 

Discussion  of  the  stability  and  control  characteristics  of  the  CRA  and  the 
conformation  with  requirements  for  each  flight  mode  is  presented  in  the 
subsequent  paragr  CL  phs. 


HELICOPTER  FLIGHT 


Hover 

To  study  the  hover  control  response  of  the  CRA,  a  six-degree-of-freedom 
system  of  analysis  was  formulated.  The  effects  of  the  flexibility  of  the 
rigidly  attached  Rotor/ Wing- to-hub  system  are  calculated  with  the  rotor 
blades,  wing,  and  pylon- fuselage  combination  represented  by  a  series  of 
concentrated  mass-spring  systems.  The  equations  of  motion  were 
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programmed  for  the  IBM  7094  computer  to  obtain  the  hover  control 
response  time  histories  for  the  CRA. 


Figures  49  and  50  present  the  hover  control  response  time  histories  in 
pitch  and  roll.  Also  shown  for  comparison  purposes  are  the  control 
response  characteristics  of  an  articulated  rotor  with  3-percent  hinge  off¬ 
set.  The  results  show  that  the  pitch  and  roll  rates  of  the  Rotor/Wing  air¬ 
craft  develop  much  more  rapidly  than  those  of  the  articulated  rotor  system 
resulting  in  excellent  control  response. 


Table  XVIII  presents  a  summary  of  the  angular  response  characteristics 
of  the  CRA  in  pitch  and  roll  and  compares  them  with  the  minimum  angular 
resronse  requirements  of  MIL-H-8501A  for  visual  flight.  As  can  be  seen, 
the  angular  response  in  both  pitch  and  roll  is  much  superior  to  that  re¬ 
quired  by  MIL-H-8501A. 


TABLE  XVIII.  ANGULAR  RESPONSE  IN  HOVER  - 
PITCH  AND  ROLL 


CRA 

Minimum  Requirements 
per  MIL- H- 8501 A 

Item 

Angular  Displacement  in  Degrees 

Pitch 

Response  to  1 -inch  control 
(t  =  1  sec) 

12.  6 

1.  6 

Response  to  full  control 
(t  =  1  sec) 

75.  6 

6.  7 

Roll 

Response  to  1 -inch  control 
(t  =  1/3  sec) 

6.  5 

1.  0 

Response  to  full  control 
(t  =  1/3  sec) 

. 

39.  0 

3.  0 

Design  gross  weight  =  19,635  lb 

Table  XIX  presents  the  angular  velocity  damping  in  both  pitch  and  roll 
and  compares  it  with  the  damping  requirements  of  MIL-H-8501A.  As  can 
be  seen,  the  damping  of  the  CRA  is  approximately  13  times  the  minimum 
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damping  in  pitch  and  23  times  the  damping  in  roll  required  by  MIL-H- 
8501A.  The  high  damping  and  high  control  power  that  are  characteristic 
of  the  rigidly  attached  rotor-to-hub  system  will  provide  the  CRA  with 
excellent  handling  characteristics. 


TABLE  XIX.  DAMPING  IN  HOVER 

Angular  Velocity  Damping 
(Ft-  Lb  /  Rad /'Sec ) 

Axis 

CRA 

Per  MIL-H-8501 A 

Pitch 

372,000 

29,700 

Roll 

372,000 

15,372 

Design  gross  weight  =  19,635  lb 

Figure  50  shows  that  the  roll  rate  is  slightly  greater  than  the  maximum 
20  degrees  per  second  per  inch  of  stick  specified  by  MIL-H-8501A.  If 
this  condition  is  achieved  by  the  full-scale  aircraft,  the  lateral  rotor 
cyclic  pitch  travel  could  simply  be  reduced,  since  adequate  lateral  pitch 
range  exists  for  all  flight  conditions. 

The  directional  angular  response  of  the  CRA  presented  in  Table  XX  for 
hover  and  for  a  35-knot  side  wind  is  expected  to  provide  satisfactory 
handling  characteristics  in  yaw  for  the  tip-driven  Rotor/ Wing  aircraft. 
Although  the  control  responses  are  less  than  those  required  by  MIL-H- 
8501  A,  it  is  felt  that  the  response  requirements  of  M1L-H-8501A  are 
primarily  for  shaft-driven  helicopters,  which  require  large  tail  rotors  to 
counteract  the  torque  reaction  of  the  main  rotor  and,  in  addition,  to  pro¬ 
vide  directional  control.  These  large  tail  rotors  are  much  more  sensitive 
to  gusts,  and  they  require  greater  directional  control  response.  Thus,  it 
is  felt  that  the  directional  control  requirements  of  MIL-H-8501A  are 
considerably  greater  than  those  necessary  for  the  tip-jet-driven  CRA.  At 
normal  helicopter  flight  speeds,  the  rudder  surface  becomes  effective, 
and  additional  directional  control  is  provided. 

Forward  Flight 

Using  the  data  and  method  of  the  analysis  described  in  the  preceding 
section,  the  helicopter  forward  flight  trim  control  positions  are  shown  in 
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Figure  51.  The  control  positions  are  presented  for  both  the  forward  and 
aft  eg  conditions  at  the  design  gross  weight  of  19,635  pounds  for  sea  level 
standard  day. 


TABLE  XX.  ANGULAR  RESPONSE  IN  HOVER  YAW 


CRA 

Requirements 
per  MIL- H- 8501 A 

Item 

Angular  Displacement  in  Degrees 

Yaw 

Response  to  1 -in.  pedal 
(t  =  1  sec) 

2.  2 

4.  0 

Response  to  full  pedal 
(t  =  1  sec) 

7.  3 

1Z.  0 

Response  to  full  pedal  in 
35-kn  side  wind 
(t  =  1  sec) 

3.  5 

4.  0 

Design  gross  weight  =  19,635  lb 


The  results  show  the  stick  position  variation  with  speed  throughout  the 
flight  range  from  40  knots  rearward  to  maximum  forward  speed.  The 
maximum  helicopter  forward  speed  as  limited  by  a  retreating  blade  angle 
of  1Z  degrees  occurs  at  approximately  140  knots.  This  maximum  forward 
speed  provides  more  than  the  desired  speed  ov  rlap  of  Z0  knots  between 
the  helicopter  mode  and  the  low- speed  end  of  the  autogyro  mode,  for  con¬ 
verting  from  the  helicopter  mode  to  the  autogyro  mode.  This  can  be  seen 
from  the  summary  curves  of  Figure  46;  in  Figure  51,  it  can  be  seen  that 
there  is  adequate  stick  margin,  both  longitudinal  and  lateral,  throughout 
the  helicopter  mode  speed  range. 

Figure  5Z  presents  the  results  of  the  angle  of  attack  stability  calculations. 
Reference  9  shows  that  some  instability  with  angle  of  attack.  Mj  ,  may 
be  allowed,  depending  on  the  stabilizing  effect  of  the  pitch  damping.  The 
results  presented  in  Table  XIX  show  that  the  rotor  of  the  CRA  has  approx¬ 
imately  1Z  times  the  damping  in  pitch  required  by  MIL-H-8501A.  In  addi¬ 
tion,  the  damping  contribution  from  the  large  horizontal  tail  in  forward 
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Figure  51.  Control  Positions  for  Trim  Helicopter  Level  Flight. 
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Figure  52.  Helicopter  Flight  Angle -of- Attack  Stability. 


flight  results  in  an  aircraft  with  high  pitch  damping.  Thus  the  CP-A  has 
good  maneuver  characteristics. 

Figure  53  presents  the  directional  stability  characteristics  in  forward 
flight.  The  results  show  positive  directional  stability  throughout  the  heli¬ 
copter  speed  range.  The  CRA  also  possesses  good  directional  control 
characteristics  from  the  combination  of  the  yaw  fan  and  rudder. 

The  CRA  has  positive  effective  dihedral  throughout  the  helicopter  flight 
mode.  This  can  be  seen  from  the  results  presented  in  Figure  54  The 
aircraft  also  possesses  good  lateral  control  characteristics  from  the 
rotor  control  in  conjunction  with  the  differential  elevons. 
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AUTOGYRO  FLIGHT 


Autogyro  flight  is  an  extension  of  the  helicopter  flight  mode,  where  the 
rotor  autorotates  and  the  engine  functions  as  a  conventional  turbojet; 
control  is  primarily  from  the  cyclic  pitch,  augmented  by  the  elevons. 


The  flight  control  characteristics  required  for  level  autogyro  flight  are 
presented  in  Figure  55  for  the  forward  and  aft  eg  conditions.  The  curves 
are  based  on  the  data  and  method  of  the  analysis.  The  various  power 
effects  of  tail  pipe  thrust  on  the  control  analysis  are  considered. 


AIRSPEED  -  KN 

Figure  55.  Control  Positions  for  Trim  Autogyro  Flight, 
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The  longitudinal  cyclic- stick  position  with  speed  for  both  the  forward  and 
aft  eg  is  fairly  flat.  However,  with  the  q-bellows  spring  artificial-  feel 
system,  the  increased  force  required  to  attain  higher  speed  results  in 
satisfactory  flying  characteristics.  As  can  be  seen,  there  is  adequate 
contrcl  margin  throughout  the  autogyro  mode. 

To  simplifv  the  flight  control  procedure  for  the  pilot  in  the  autogyro  mode, 
flight  is  performed  at  a  constant  collective  pitch  setting.  The  setting  is 
such  as  to  produce  an  initial  autorotating  rotor  rpm  of  247  (90  percent) 
when  going  from  helicopter  to  autogyro  flight.  The  setting,  of  course,  is 
dependent  upon  the  weight  and  altitude  conditions.  A  typical  curve  of  rotor 
rpm  versus  airspeed  is  presented  in  Figure  56  for  an  up  collective  pi*ch 
setting  of  2.  0  degrees.  This  setting  corresponds  to  the  design  gross 
weight  of  19,635  pounds  at  sea-level  standard  conditions.  In  the  initial 
return  phase  of  the  autogyro  mode  (V  =  150  knots),  the  collective  pitch  is 
set  to  produce  approximately  91  percent  of  full  rotor  rpm.  This  collective 
pitch  then  results  in  the  proper  rotor  rpm  for  minimum  power  at  the  point 
of  converting  from  autogyro  back  to  helicopter  flight. 

The  directional  and  effective  dihedral  characteristics  of  the  CRA  in  the 
autogyro  mode  are  very  similar  to  the  stable  characteristics  that  the  air¬ 
craft  possesses  in  the  helicopter  configuration. 


CONVERSION  FLIGHT 


During  the  Rotor/ Wing  model  research  program,  ihe  major  areia  of 
investigation  was  directed  toward  establishing  the  technique  for  com  rsion 
between  the  rotating  and  stopped- rotor  modes.  These  model  tests  have 
demonstrated  repeated  successful  conversions  in  the  wind  tunnel  from  the 
rotating-rotor  to  the  stopped- rotor  mode  and  back  again.  The  extensive 
model  data  accumulated  during  these  tests  are  used  as  the  basis  for 
analyzing  the  conversion  flight  characteristics  of  the  CRA.  The  results 
are  presented  and  discussed  herein  in  two  parts:  first,  the  conversion 
from  autogyro  flight  to  airplane;  second,  the  reconversion  from  airplane 
back  to  autogyro. 

Autogyro  Flight  to  Airplane  Flight 

The  longitudinal  and  lateral  cyclic  stick  positions,  collective  pitch  angles, 
and  fuselage  attitude  required  for  conversion  from  the  autogyro  mode  at 
90-percent  rotor  speed  to  the  stopped  mode  at  a  typical  conversion  speed 
of  150  knots  are  presented  in  Figures  57  and  58  for  the  forv/ard  and  aft  eg 
conditions.  As  can  be  seen,  adequate  longitudinal  and  lateral  cyclic 
control  is  available  throughout  the  conversion  mode. 
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The  collective  pitch  angles  and  fuselage  attitudes  shown  during  the  level 
flight  conversion  are  based  on  the  model  test  results.  The  angles  are 
considered  to  be  typical  of  the  angles  expected  during  actual  in-flight  con¬ 
version.  However,  depending  on  pilot  technique,  these  angles  may  vary 
somewhat.  As  can  be  seen  from  the  test  conversion  map  in  Figure  59, 
there  is  a  large  latitude  in  the  allowable  combinations  of  fuselage  attitudes 
and  control  positions  chat  can  decelerate  the  rotor  in  flight  (outside  of 
Cq  =  0  boundary)  and  yet  maintain  balanced  1-g  flight. 

Again,  looking  at  Figures  57  and  58,  when  the  pilot  starts  to  decelerate 
the  Rotor/Wing  by  applying  up  collective  pitch  (0  =  10°),  he  will  also  move 
the  cyclic  stick  forward  and  to  the  right  to  trim  out  the  resulting  rolling 
and  pitching  moments.  At  approximately  40-percent  rotor  speed,  the 
pilot  begins  to  apply  brake  pressure  with  the  toe  pedals  to  further  decel¬ 
erate  the  Rotor  /Wing,  gradually  lowering  the  collective  stick  toward  zero 
blade  pitch  until  the  Rotor/ Wing  reaches  approximately  5  rpm.  Upon 
reaching  5  rpm,  the  Rotor /Wing  locator  mechanism  automatically  raises 
and  engages  the  locking  Din.  After  the  Rotor  /Wing  is  locked,  a  deactivat¬ 
ing  mechanism  automatically  disengages  the  rotor  cyclic  and  collective 
pitch  control  and  locks  the  blades  in  zero-incidence  position.  The  yaw  fan 
doors  close.  The  aircraft  is  then  in  airplane  flight  and  is  flown  with 
normal  airplane  controls;  namely,  stick  and  rudder  pedals. 

A  typical  conversion  time  history  is  shown  in  Figure  60.  The  time  re¬ 
quired  to  aerodynamically  decelerate  the  Rotor /Wing  from  autogyro 
rotational  speed  (90-percent)  to  40-percent  speed  is  calculated  to  be 
approximately  10  seconds,  based  on  model  test  data  (Reference  4)  cor¬ 
rected  to  the  full-scale  Rotor/ Wing  configuration.  Time  to  decelerate 
the  Rotor/Wing  from  40-percent  rpm  to  5  rpm  using  the  Rotor/Wing  brake 
is  calculated  to  be  between  3  and  5  seconds,  depending  on  the  rate  of 
application  of  the  toe  pedal  brake  in  conjunction  with  the  use  of  rudder 
pedals  to  react  the  resulting  torque.  As  the  Rotor  /Wing  slows  down  to 
very  low  rpm's,  the  aircraft,  for  a  brief  period  (1  to  2  seconds)  until  the 
Rotor  /Wing  is  stopped,  is  subjected  to  the  typical  3-per-rev  rotor  pitch¬ 
ing  nnd  rolling  moment  amplitudes  shown  in  Figure  61  measured  during  an 
initial  startup  of  the  Rotor /Wing  (also  applicable  to  the  Rotor/ Wing  slow¬ 
down  condition).  Converting  the  moments  into  angular  motion  for  the  CRA, 
the  maximum  aircraft  angular  motion,  based  on  the  conservative  assump¬ 
tion  of  zero  damping,  (as  shown  in  Figure  62),  is  approximately  ±3  degrees 
in  roll  and  less  than  ±0.5  degree  in  pitch  and  occurs  at  approximately  5- 
percent  rotor  speed.  At  lower  rpm,  the  combined  cl  aracteristics  of  the 
low  rpm  and  the  collective  pitch  reduction  remove  the  3-per-rev  moments. 
A  more  detailed  discussion  and  presentation  of  data  appears  in  Reference  4. 
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Figure  60.  Conversion  Time  History. 
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These  amplitudes  of  angular  motion  are  considered  to  be  sufficiently  small 
that  they  should  not  cause  any  discomfort  to  the  pilot.  This  is  substan¬ 
tiated  by  calculating  the  vibratory  acceleration  at  the  pilot  station  based 
on  the  measured  3-p'.r-rev  moment  amplitude  of  Figure  61,  and  by  com¬ 
paring  the  results  with  the  maximum  allowable  vibratory  acceleration  of 
MIL-H-8501A.  The  results  are  presented  in  Table  XXL  As  can  be  seen, 
the  vibratory  acceleration  at  the  pilot's  station  for  the  CRA  during  con¬ 
version  is  approximately  50  percent  less  than  the  allowable  limit  in 
accordance  with  MIL- R- 8501  A. 

Thus,  during  the  conversion,  the  vibratory  acceleration  at  the  pilot's 
station  is  very  similar  to  that  of  current  helicopters  in  transition  flight. 


TABLL  XXI. 

VIBRATION  CHARACTERISTICS  AT  PILOT 

STATION  DURING  CONVERSION 

Vibratory  Acceleration  at  Pilot  Station 

Direction 

CRA 

(g) 

Maximum  Allowable  per 

MIL- H- 8501  A,  para  3.7.1  (c) 

(g) 

Ve  rtical 

0.162 

0.30 

Lateral 

(at  pilot' s  head) 

0.106 

0.30 

Airplane  Flight  to  Autogyro  Flight 

Figures  57  and  58  also  present  the  longitudinal  and  lateral  cyclic  stick 
positions,  collective  pitch  angles,  and  fuselage  attitudes  required  to 
accelerate  the  Rotor/Wing  from  zero  speed  to  full  rotor  speed  using  only 
aerodynamic  forces  and  maintaining  balanced  1-g  flight.  Based  on  the 
results  of  model  test  data  extrapolated  to  full  scale,  the  time  required  to 
accelerate  the  Rotor/ Wing  during  1-g  flight  from  zero  to  50-percent  rpm 
is  calculated  to  be  approximately  9  seconds;  from  zero  to  100-percent 
rpm,  the  time  is  calculated  to  be  approximately  20  seconds.  Detailed 
analysis  of  the  time  to  accelerate  the  Rotor/ Wing  is  presented  in  the 
section  titled  Performance  Data.  If  the  pilot  desires  to  accelerate  the 
Rotor/ Wing  much  faster  than  the  normal  1-g  procedure  presented  here,  he 
can  pull  the  cyclic  stick  aft  and  flare  the  aircraft,  which  results  in  rotor 
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acceleration  similar  to  that  experienced  by  conventional  helicopters  during 
a utor optional  landing  flares. 

The  reconversion  procedure  from  airplane  to  autogyro  flight  is  just  a 
reverse  procedure  of  the  autogyro-  to-airplane  flight  discussed  oreviously, 
and  it  is  not  reiterated  here. 

During  the  accelerating  rotor  sequence,  as  in  the  decelerating  rotor  se¬ 
quence,  the  Rotor  /Wing  has  the  capability  of  maintaining  balanced  l-g 
flight  throughout  the  rotor  rpm  range.  As  shown  on  Figures  57  and  58,  for 
both  forward  and  aft  eg  conditions,  there  is  a  generous  margin  of  longitudi¬ 
nal  and  lateral  cyclic  control  throughout  the  reconversion  from  airplane  to 
aubu^y ro  xiight. 

Based  on  the  positive  longitudinal  and  directional  stability  and  effective 
dihedral  characteristics  available  in  the  airplane  and  helicopter  flight 
modes,  the  stability  characteristics  during  conversion  are  satisfactory. 

Structural  dynamic  studies  of  the  CRA  during  conversion  show  that  the  air¬ 
craft  is  free  of  aeroelastic  divergence  and  control  system  flutter.  Detail 
analyses  of  these  studies  are  presented  in  the  section  titled  Structures. 


AIRPLANE  FLIGHT 


Longitudinal 

Based  on  data  and  method  or  analysis,  the  power-off  neutral  point  v/as 
determined  for  several  values  of  C  b  and  is  presented  in  Figure  63.  The 
results  show  that  the  power -off  neutral  point  for  the  CRA  is  independent  of 
Cj^.  The  neutral  point  of  68-percent  wing  MAC  is  well  aft  of  the  recom¬ 
mended  aft  eg  of  36.  6-percent  wing  MAC.  This,  therefore,  demonstrates 
adequate  margin  in  accordance  with  MIL-F-8785  (ASG)  and  will  result  in 
good  dynamic  stability  characteristics  of  the  aircraft.  As  discussed  pre¬ 
viously,  the  large  margin  is  due  to  the  large  horizontal  tail,  which  was 
sized  to  provide  satisfactory  longitudinal  stability  characteristics  in  the 
helicopter  and  autogyro  flight  regimes. 

Power  effects  on  the  neutral  point  were  investigated  and  found  to  be  small. 
The  location  of  the  jet  exhaust  exit  aft  ot  the  horizontal  tail  and  the  close 
proximity  of  the  .nrust  axis  to  the  aircraft  eg  minimize  the  power  effect 
on  the  aircraft  neutral  point.  Thus,  for  all  practical  purposes,  the  power- 
on  neutral  point  is  equal  to  the  power-off  case.  The  maneuver  point  is 
calculated  based  on  the  method  presented  in  Reference  10.  The  additional 
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stability,  A  (dC\i/dCL)»  during  maneuvers  due  to  damping  in  pitch  from 
the  large  tail  places  the  maneuver  point  approximately  6  percent  aft  of  the 
neutral  point,  or  at  74-percent  wing  MAC. 

Figure  64  presents  the  elevon  angle  required  for  trim  level  flight  versus 
airspeed  for  the  design  gross  weight  at  sea  level  standard  day.  Curves 
are  presented  for  both  the  forward  and  aft  eg  conditions.  Since  the  elevon 
is  directly  geared  to  the  cyclic  stick,  the  corresponding  stick  positions 
can  be  obtained  from  the  gearing  curve  presented  in  Figure  65. 

Figure  66  presents  the  elevon  angle  required  for  trimmed  flight  as  a 
function  of  wing  Cl  for  the  forward  and  aft  eg.  As  can  be  seen,  there  is 
adequate,  longitudinal  control  power  to  trim  out  the  aircraft  at  the  most 
demanding  condition  of  Cl  max  during  landing  in  ground  effect.  The  ele¬ 
von  required  for  landing  in  ground  effect  was  calculated  based  on  Refer¬ 
ence  11  in  conjunction  with  the  measured  downwash  angle  presented  in 
Figure  67.  The  elevon  angle  required  for  pull-up  maneuvers  versus  wing 
Cj^  is  presented  in  Figure  68  for  1-g  and  4.  5-g  conditions. 

The  onset  of  initial  drag  divergence,  which  is  discussed  in  the  section 
titled  Performance  Data,  is  expected  to  occur  at  approximately  M  =  0.  75. 
This  is  well  above  the  maximum- speed  sea-level  Mach  number  of 
M  =  0.6  (400  KEAS)  used  in  the  stability  and  control  analysis.  Qualitative 
investigation  indicates  that  the  compressibility  effect  on  the  stability  and 
control  characteristics  at  M  =  0.6  should  be  small  (Reference  12).  The 
use  of  the  all-moving  tail  instead  of  elevators  will  minimize  the  Mach 
number  effect  on  the  control  effectiveness  at  higher  speeds. 

Preliminary  test  data  from  a  recently  completed  transonic -speed  wind 
tunnel  test  of  the  CRA  model  show  good  agreement  with  the  above  predic¬ 
tion  of  the  compressibility  effects  on  the  aircraft.  These  test  results 
show  that  between  M  =  0.4  and  M  =  0.8,  there  is  little  change  in  trim 
flight  control  position  and  neutral  point  location. 

Satisfactory  longitudinal  control  forces  will  be  obtained  in  the  airplane 
flight  mode  with  a  spring -assisted  q-bellows  artificial  feel  system  that 
incorporates  an  electric  actuator  to  trim  forces  to  zero.  This  system 
provides  the  desired  level  of  stick  force  per  g  in  steady  maneuvers.  In 
addition,  it  incorporates  a  damper  that  provides  good  feel  during  tran¬ 
sient  maneuvers. 

Lateral- Directional 


The  CRA  will  possess  positive  effective  dihedral  and  stable  directional 
stability  characteristics  throughout  the  airplane  flight  regime  based  on 
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Figure  64.  Elevon  Angle  Versus  Airspeed  for  Tiimmed  Level  Fligh:. 
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Figure  65.  Stick  -  Elevon  Gearing. 
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Figure  66.  Elevon  Angle  Versus  C  for  Trimmed  Level  Flight. 
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tiie  results  of  model  test  and  theoretical  calculations.  The  vertical  tail 
was  sized  to  provide  satisfactory  directional  stability  in  the  helicopter 
flight  mode.  The  vertical  tail  area  sized  for  this  condition  also  satisfies 
the  requirement  to  provide  a  steady- state  sideslip  capability  of  at  least  10 
degrees  with  full  rudder  deflection  (MIL-F-8785  (ASG)  at  1.1  Vg^),  and  not 
to  exceed  15  degrees  to  prevent  flow  separation. 

Based  on  measured  wind  tunnel  test  roll  control  power  from  the  differen¬ 
tial  elevon  deflections  and  the  theoretical  calculation  of  the  aircraft's  roll 
damping  (Table  XXII),  the  resulting  roll  characteristics  of  the  Rotor/l^ing 
are  as  shown  in  Figure  69.  It  can  be  seen  that  there  is  adequate  roll 
control  to  meet  the  rolling  requirements  of  pb/2V  =  0.07  at  300  knots  in 
accordance  with  MIL-F-8785  (ASG)  for  Class  II  aircraft.  In  order  to  pre¬ 
vent  the  possibility  of  the  aircraft's  exceeding  its  structura.  limitation  at 
equivalent  airspeeds  in  excess  of  260  knots,  a  q-feel  device,  similar  to 
that  on  che  longitudinal  control  system,  will  be  incorporated  in  the  lateral 
artificial  feel  system.  The  device  will  lir  ut  the  aircraft's  roll  rate  by 
increasing  the  lateral  control  force  gradient.  The  dashed  lines  of 
Figure  69  show  the  reduction  in  roll  rate  due  to  such  a  device.  Aeroelastic 
effects  on  roll  control  response  were  considered  but  were  found  to  be 
small,  since  the  air  loads  on  the  differential  elevens  are  acting  near  the 
hinge  line. 

The  normal  adverse  yaw  characteristic  produced  by  the  wing  aileron-type 
roll  controls  is  eliminated  in  the  CRA  differential  elevon  roll  control  sys¬ 
tem.  This  can  be  seen  from  the  roll  control  power  test  presented  in 
Figure  70.  In  fact,  the  model  data  show  favorable  yawing  and  differential 
elevon  deflections. 

The  curve  of  l/(C)|/2  versus  |$/Ve|  showing  Dutch-roll  dynamic  stability 
characteristics  is  presented  in  Figure  71.  The  stability  derivatives  used 
to  calculate  the  above  parameters  are  presented  in  Table  XXII.  As  can  be 
seen,  the  CRA  meets  the  requirements  of  MIL- F- 8785  (ASG)  and  thus  has 
satisfactory  lateral-directional  dynamic  characteristics.  The  basic  rea¬ 
sons  for  the  stable  Dutch-roll  characteristic  for  the  CRA  are  due  to  the  i 

relatively  large  vertical  fin  surface  and  zero  wing  incidence  setting  with 
respect  to  the  fuselage  waterline.  This  latter  design  parameter,  being 
dictated  by  helicopter  requirements,  produces  a  favorable  product  of 
inertia,  which  contributes  to  the  stable  Dutch-roll  characteristics. 

The  rudder  control  power  with  a  30-percent- chord,  67 -percent-span 
rudder  is  adequate  to  meet  the  MIL-F-8785  (AS2)  requirement  of  devel¬ 
oping  at  least  10  degrees  of  steady  sideslip  during  landing  at  1 .  1  Vg^* 
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Figure  69.  Roll  Performance. 
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Figure  71.  Lateral- Directional  Dynamic  Stability  Parameter. 
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The  lateral  feel  force  is  provided  for  the  CRA  by  a  simple  spring  artificial 
feel  system  and  incorporates  an  electric  actuator  to  trim  forces  to  zero. 

As  discussed  previously,  a  q-feel  device  similar  to  the  longitudinal  con¬ 
trol  feel  system  will  be  incorporated  in  the  lateral  feel  force  system. 

The  directional  feel  force  is  also  provided  by  a  simple  spring  artificial 
feel  system  and  is  trimmed  out  by  means  of  an  electric  actuator. 


TABLE 

XXII.  LATERAL  STABILITY  DERIVATIVES 

(All  derivatives  are  per  radian) 

Item 
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STRUCTURES 


This  section  of  the  preliminary  design  study  covers  structural  design 
approach,  principal  structural  features,  design  criteria,  basic  loads, 
structural  analysis,  and  aeroelastic  properties  to  indicate  design  solutions 
for  the  major  structural  areas.  Criteria  for  treatment  of  fatigue  and 
thermal  stresses,  and  for  the  structural  materials  used  and  the  corres¬ 
ponding  allowable  stresses,  are  included. 

The  preliminary  structural  analysis  includes  the  data  and  the  results  for 
the  major  areas  of  interest  and  concern  in  the  primary  structure  of  the 
vehicle.  Unconventional  structural  features  are  explained  and  analyzed. 
Important  features  are  indicated  by  sketches  or  illustrations  throughout  the 
report. 

The  significant  structural  features  of  the  Hughes  Composite  Research 
Aircraft  are: 

1.  Simplicity  -  short  direct  load  paths  with  a  minimum  of  disconti¬ 
nuities  or  splices. 

Z.  Light  weight  -  due  to  use  of  well-proven  advanced  structural 
design  and  materials  technology. 

3.  Reliability  gains  and  weight  savings  -  due  to  the  Hot  Cycle  ducted 
pneumatic  propulsion  system  as  compared  with  a  conventional 
drive  through  multiple  dynamic  elements. 

4.  Single  main  lilting  surface  -  Rotor/Wing  provides  entire  lift  for 
both  helicopter  and  fixed-wing  airplane  modes  of  operation. 

5.  Large  aeroelastic  margins  -  Rotor/Wing  provides  optimum 
strength  and  rigidity  for  high-speed  fixed-wing  flight. 

6.  Minimum  vibration  -  helicopter  vibratory  accelerations  and  forces 
are  minimized  by  use  of  both  first  and  second  harmonic  main 
rotor  pitch  control. 

7.  Nonrotating  hub  type  support  -  eliminates  rotating  -  bea m  fatigue 
loads. 

Fail-safe  structural  features  -  for  improved  level  of  safety. 
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8. 


9.  Crashworthiness  -  provided  by  a  combination  of  adequate  crash 
load  factors  and  energy-absorbing  structure. 

10.  No  antitorque  rotor  -  tip-jet  drive  eliminates  torque  reaction  on 
fuselage.  The  small  yaw  fan  is  used  only  for  helicopter  mode 
maneuvers. 

11.  Simple  fan  drive  mechanism  -  yaw  fan  is  driven  through  hyper¬ 
critical  shafting  with  minimum  of  dynamic  elements  (an  extension 
of  the  supercritical  shaft  designs  pioneered  by  HTC-AD  on 
Model  269  and  OH-6A  helicopters). 

12.  Thermal  safety  design  -  insulation,  isolation,  and  shielding 
employed  for  minimization  of  thermal  stresses  for  both  the  hot 
and  the  cold  structures,  but  providing  a  fail-safe  installation  even 
in  the  extremely  unlikely  case  of  puncture  or  leakage. 

13.  Avoidance  of  ground  resonance  problems  -  by  use  of  the  rigid 
Rotor  /  Wing. 

14.  Long  fatigue  life  -  through  minimization  of  fatigue  loadings  and 
elimination  of  unnecessary  discontinuities  and  stress  concen¬ 
trations,  coupled  with  conservative  application  of  advanced 
materials  and  processing  technology. 

15.  Minimum  vibration  and  fatigue  loading  in  cruise  flight  -  jet 
airplane  smoothness  obtained  during  major  portion  of  flight 
through  elimination  of  propellers  and  stopping  of  rotor. 

16  Fixed-wing  capability  -  structural  provision  for  landing  or  take¬ 
off  as  a  fixed-wing  aircraft. 

17.  Uncomplicated  loading  -  comparatively  indiscriminate  loading  of 
cargo,  passengers,  and  fuel,  as  all  major  useful  load  items  are 
centered  near  the  vehicle  center  of  gravity, 

18.  Structurally  simple  conversion  -  from  helicopter  mode  to  auto¬ 
gyro  mode  of  operation;  simple  full-time  flight  controls;  no  rotor 
folding,  retracting,  or  stow'ing;  and  a  minimum  of  sequential 
actuating  devices  during  conversion. 

Aerodynamically  clean  structure  -  single  lifting  surface,  sub¬ 
merged  yaw  fan,  and  adequately  stiffened  external  aerodynamic 
skin  surfaces  provide  low-drag  fixed-wing  aircraft  aerodynamic 
characteristics  up  to  transonic  speeds. 
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PRINCIPAL  STRUCTURAL  FEATURES 


The  Hot  Cycle  propulsion  system  represents  an  advancement  in  safety, 
reliability,  and  low  maintenance  with  long  service  life  over  current 
rotary- wing  aircraft. 

The  outstanding  attributes  of  the  Hot  Cycle  rotor  system  are  its  simplicity, 
due  to  the  elimination  of  the  many  moving  parts  required  by  other  propul¬ 
sion  systems,  and  the  light  weight  that  results,  not  only  in  the  propulsion 
system  itself,  but  also  throughout  the  entire  vehicle  as  a  result  of  the 
lightweight  propulsion  system.  The  reliability  advantage  obtained  through 
the  elimination  of  the  many  dynamic  components  is  an  equally  outstanding 
feature  of  the  Hot  Cycle  system. 

Isolation  of  both  thermal  and  structural  strains  is  provided  in  the  design 
of  the  hot  gas  ducting  system  through  proper  design  of  mounts,  reinforce¬ 
ments,  and  flexible  joints.  In  the  event  of  a  puncture  or  leak  in  the  hot 
gas  system  from  any  unforeseen  cause,  the  surrounding  primary  structure 
of  the  vehicle  is  both  shielded  and  designed  to  provide  continued  safe  flight 
and  landing  even  after  exposure  to  massive  quantities  of  the  hot  gases. 

In  addition  to  the  isolation  of  both  hot  and  cold  components  from  a  struc¬ 
tural  viewpoint,  judicious  use  is  made  of  insulation,  cooling  airflow,  and 
lightweight  shielding  to  eliminate  any  detrimental  effects  from  the  inter¬ 
action  of  the  hot  and  cold  components.  Further,  the  differential  expansion 
of  the  materials  used  in  the  primary  structure,  where  slightly  elevated 
temperatures  may  exist,  is  minimized  either  by  using  materials  of  similar 
expansion  rates  or  by  designing  to  permit  a  certain  amount  of  differential 
expansion  to  be  accommodated  in  the  structure.  Transient  thermal  effects 
are  minimized  within  the  hot  gas  system  by  detail  design  to  assure,  uniform 
heat-up  and  cool-down  of  the  components.  The  materials  used  in  the  hot 
components  are  standard  production  materials  having  wide  usage  in  the 
jet-engine  industry.  They  are  used  successfully  on  the  XV-9A  Hot  Cycle 
Research  Aircraft,  and  require  no  new'  technology  development  for 
application  to  the  CRA. 

Fail-safe  structural  and  mechanical  design  philosophy  is  incorporated  in 
the  proposed  aircraft.  Design  service  life  objectives  for  all  important 
primary  structural  and  mechanical  components  have  been  established  at 
4,000  hours  to  assure  excellent  initial  safety  and  reliability  of  the  research 
vehicles  with  minimum  operational  problems.  The  rigid  Rotor/Wing  is 
considered  the  optimum  for  the  fixed-wing  mode  of  operation,  providing 
maximum  bending  and  torsional  rigidity  and  simplest  conversion  from  the 
structural  and  mechanical  standpoints. 
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The  design  approach  to  crashworthiness  for  the  CRA  continues  along 
principles  established  and  proven  on  the  Model  269  and  OH--6A  helicopters. 
Heavyweight  items  that  could  inflict  serious  injury  in  the  event  of  a  minor 
crash  are  designed  for  crash  load  factors.  In  addition,  impact  energy 
absorption  capability  is  designed  into  the  structure,  where  appropriate, 
to  provide  an  even  greater  level  of  crash  safety. 

Light  Weight 

The  Hughes  design  approach  has  been  to  eliminate  all  possible  deadweight 
not  required  for  safety,  reliability,  and  long  life  of  the  structure.  This 
has  been  done  by  careful  attention  in  design  and  analysis  toward  an  opti¬ 
mum  structure;  by  using  modern,  currently  available  materials  and  pro¬ 
cesses;  by  incorporation  of  detail  design  features  to  maximize  the  fatigue 
strength  of  the  structure;  by  structural  provisions  to  achieve  the  desired 
aeroelastic  characteristics;  and  by  choosing  the  simplest,  most  compact 
configuration  to  meet  the  mission  requirements.  The  preliminary  stress 
analysis  substantiates  all  important  structural  areas  for  both  the  static 
and  the  fatigue  loading  requirements. 

The  fuselage,  landing  gear,  and  empennage  are  all  representative  of 
lightweight  conventional  subsonic  fixed-wing  aircraft  components.  Much 
statistical  information  is  available  on  the  weight  of  structures  of  this  type; 
however,  the  adequacy  of  the  weights  presented  for  the  proposed  CRA 
design  is  further  substantiated  by  the  preliminary  stress  analysis  for  ail 
the  important  structural  sections.  The  component  weights  presented  for 
this  vehicle  are  substantiated  uy  using  only  current  state-of-the-art 
design,  materials,  processes,  fabrication,  and  assembly  practices. 

Simplicity 

Articulation  joints,  folding  hinges ,  retraction  mechanism,  rotor  stowage, 
tilting  or  fairing  provisions,  and  main  rotor  mechanical  drive  system 
components  are  absent  in  the  proposed  design.  The  control  system 
eliminates  duplicate  control  systems  and  disconnection  devices.  Elimina¬ 
tion  of  the  need  for  such  systems  reduces  weight  and  complexity  while 
enhancing  safety  and  reliability. 

Major  structure  in  the  rotor  blade  and  wing  consists  of  a  central  box  beam 
in  the  blade  and  two  parallel  box  beams  in  the  wing.  Leading  and  trailing 
edge  structures  are  of  aluminum  alloy  honeycomb  or  truss- core  sandwich 
material  in  both  cases.  Major  frames  or  ribs  occur  only  at  the  root 
transition  structure  from  the  blade  to  the  pitch  shaft  in  the  blades,  and  at 
the  two  pitch  bearing  support  points  at  the  outboard  ends  of  the  Rotor  /Wing 
primary  structure.  There  is  no  rotating  drive  shaft  for  the  main  rotor; 
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instead,  a  nonrotating  space-frame  pylon  structure  provides  support  for 
the  main  rotor  bearings  inside  the  Rotor /Wing  hub  itself.  The  pylon,  in 
turn,  is  supported  by  the  fuselage  at  the  four  points  where  the  rugged  main 
frames  and  the  upper  main  longerons  intersect. 

The  fuselage  is  a  very  simple  structural  arrangement,  consisting  of  a 
semimonocoque  structure  composed  of  four  main  longerons  plus  skin, 
stiffened  by  transverse  frames  and  formers.  The  semimonocoque  hori¬ 
zontal  tail  surfaces  are  all-movable  elevons  providing  control  of  both 
pitch  and  roll  in  the  aircraft  mode.  The  vertical  surface  consists  of  a 
chordwise  stiffened  semimonocoque  two- spar  construction  that  supports 
the  rudder  and  houses  the  yaw  fan.  The  tail  surfaces  are  supported  in 
the  fuselage  by  light  but  rigid  truss -type  bulkheads.  The  center  fuselage 
contains  an  uninterrupted  rectangular-box  passenger /cargo  compartment, 
centered  directly  below  the  Rotor/ Wing  and  at  the  vehicle  center  of 
gravity.  The  fuel  is  contained  in  two  tanks  that  are  also  centered  about 
the  vehicle  center  of  gravity,  one  forward  and  one  aft  of  the  passenger- 
cargo  compartment. 

The  retractable  tricycle-type  landing  gear  represents  the  simplest  possi¬ 
ble  arrangement,  being  mounted  at  the  intersections  of  rugged  frames  and 
longerons  in  the  fuselage. 

The  all-jet  Hot  Cycle  propulsion  system  follows  the  simple  arrangement 
already  proven  in  the  XV-9A  Hot  Cycle  Research  Aircraft. 

Structural  Materials 

Currently  available  materials  are  used  throughout  the  structure  of  the 
Hughes  Hot  Cycle  Rotor/Wing  CRA.  Where  primarily  static  loads  are 
critical  and  the  intensity  of  loading  is  relatively  low,  aluminum  alloys 
are  used.  Where  aerodynamic  smoothness  and  maximum  fatigue  strength 
are  essential  and  yet  loading  intensity  is  low,  adhesive-bonded  honeycomb 
or  truss-core  sandwich-type  material  is  utilized;  for  example,  at  the  lead¬ 
ing  and  trailing  edges  of  the  Rotor/ Wing  and  of  the  rotor  blades.  Machined, 
integrally  stiffened  aluminum  alloy  box-beam  covers  are  used  for  the 
Rotor/Wing  primary  structure.  For  the  fuselage  and  tail  surfaces, 
adequately  stiffened  conventional  semimonocoque  aluminum  alloy  aircraft- 
type  structure  is  provided.  Aluminum  alloy  materials  ar^  not  used  where 
long-time  operating  temperatures  may  exceed  200 0  F. 

Where  static  loads  are  critical  and  the  intensity  of  loading  is  relatively 
high,  high-strength  low-alloy  or  maraging  steels  are  used.  Where 
maximum  fatigue  strength  is  desired  and  possible  exposure  to  temperatures 
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of  approximately  350 °F  may  exist,  either  a  maraging  stainless  steel  or  a 
titanium  alloy  is  used.  In  areas  of  moderate  static  loading  intensities, 
one  of  the  titanium  alloys  is  utilized.  The  high-strength  low-alloy  steel 
used  in  the  landing  gear  structure  likewise  reflects  current  practice 
throughout  the  aircraft  industry. 

In  the  preliminary  stress  analysis  presented  in  this  report,  there  are 
many  instances  where  the  structural  weight  differences  resulting  from 
using  a  titanium  alloy  or  the  maraging  stainless  steel  are  so  slight  that 
computations  have  been  shown  for  both  materials,  and  other  factors  such 
as  availability  and  fabricability  would  govern. 

For  the  hot  components  of  the  Hot  Cycle  ducted  propulsion  system, 
Inconel  718  nickel  alloy  is  an  overall  optimum  choice  for  the  anticipated 
duct-wall  temperatures.  This  material  received  wide  and  very  success¬ 
ful  usage  in  the  XV-9A  Hot  Cycle  Research  Aircraft,  where  its  compara¬ 
tive  simplicity  of  fabrication  and  processing  was  also  noteworthy. 

Fatigue  Considerations 


Preliminary  fatigue  test  data  presented  in  this  report,  plus  other  published 
and  unpublished  research  information,  have  been  utilized  in  choosing  the 
structural  materials  that  have  been  considered  for  use  in  the  Rotor /Wing 
and  blade  structures.  Elimination  of  the  many  usual  joints  and  splices  in 
the  proposed  Rotor  /Wing  and  blade  designs  constitutes  a  major  factor  in 
obtaining  maximum  fatigue  resistance  of  the  proposed  structure.  Adhe¬ 
sive  bonding  is  utilized  in  many  secondary  structural  areas  to  provide 
maximum  fatigue  strength,  particularly  where  aluminum  alloys  are  used. 
Where  mechanical  joints  are  unavoidable  for  fabrication  or  assembly 
purposes,  such  currently  available  and  proven  techniques  as  shot  peening 
or  expansion  prestressing  of  holes  and  reduction  of  stress  concentrations 
by  such  design  techniques  as  scalloping  or  integrally  machined  reinforce¬ 
ments  are  used.  There  is  ample  evidence  to  prove  that  these  techniques 
materially  increase  the  fatigue  strength  of  the  proposed  Rotor /Wing  and 
rotor  blade  structure.  Detail  design  to  minimize  such  deleterious  effects 
as  fretting  is  in  keeping  with  proven  past  practice  developed  for  the 
TH-55A,  OH-6A,  and  XV-9A  helicopters.  Optimum  pretensioning  of  all 
fasteners  is  another  factor  employed.  Careful  detail  attention  to  the 
provision  of  ample  fillet  radii  and  minimum  discontinuity  of  cross  sections 
is  likewise  provided.  Materials  subject  to  stress-corrosion  cracking  are 
either  avoided  in  the  design  or  given  special  heat-treat  or  mechanical 
processing  to  prevent  this  problem.  In  the  fatigue -loaded  areas,  the 
materials  chosen  are  those  that  provide  minimum  notch  sensitivity  and 
lowest  crack  propagation  rates  established  by  test  data  (see  Figure  72). 


118 


DESCRIPTION  OF  MAJOR  STRUCTURAL  COMPONENTS 


Rotor /Wing  Blades 

The  Rotor /Wing  blade,  shown  in  Figure  7  3,  is  a  low-aspect-ratio,  rigidly 
retained  type  for  maximum  simplicity  of  structure  and  ducting  and  for 
ease  of  in-flight  conversion  between  helicopter  and  fixed-wing  modes  of 
operation.  The  blade  centrifugal  force  is  transmitted  through  a  laminated 
tension/torsion  membe~  to  a  retainer  at  the  rotor  hub  that  is  common  to 
all  three  blades.  The  laminated  strap  member  permits  both  collective 
and  cyclic  feathering  in  the  helicopter  mode.  Steady  and  cyclic  shears  and 
bending  moments  at  the  roots  of  the  blades  are  transmitted  through  two 
sets  of  angular- contact  ball  bearings  into  the  tip  ribs  of  the  Rotor /Wing 
structure.  Each  of  these  bearing  sets  is  supported  by  a  rugged  transverse 
frame  attached  rigidly  to  the  Rotor/ Wing  primary  beam  structure.  The 
rotor  blade  structure  in  the  area  of  the  feathering  bearings  and  the  blade 
root  consists  of  a  tubular  pitch  shaft  that  permits  the  propulsion  duct  to  be 
located  coaxially  on  the  feathering  axis.  Immediately  outboard  of  the 
feathering  bearings,  the  tubular  shaft  tapers  into  a  two- spar  box  that  con¬ 
stitutes  the  primary  bending  and  centrifugal  load-carrying  structure  of  the 
blade.  The  propulsion  ducting  in  this  transition  section  of  the  blade  splits 
into  two  ducts  of  smaller  diameter  in  order  to  stay  within  the  airfoil  con¬ 
tour.  The  hot  gas  ducting  reacts  all  gas  pressure  loadings  independently, 
and  it  is  interconnected  flexibly  and  mounted  to  the  blade  structure  to 
isolate  both  thermal  and  structural  deflections.  The  primary  bending 
structural  material  chosen  for  both  the  tubular  pitch  shaft  and  the  box 
beam  is  titanium  alloy;  however,  a  maraging  stainless  steel  may  be  used 
alternatively  within  the  allotted  weight.  The  hot  gas  ducting  is  insulated 
and  shielded  from  the  surrounding  primary  structure  so  that  the  maximum 
structural  temperatures  will  not  exceed  approximately  300°F  in  the  hottest 
spots.  Cooling  airflow  is  provided  to  the  extent  necessary  to  maintain  the 
desired  temperatures.  In  the  event  of  a  puncture  of  the  hot  gas  ducting, 
the  adjacent  primary  structure  is  capable  of  operating  at  the  resulting 
higher  temperatures  until  a  safe  landing  can  be  effected.  The  blade  box- 
beam  structure  is  designed  to  provide  maximum  fatigue  strength  by  elimi¬ 
nation  of  splices  and  other  discontinuities  and  by  use  of  scalloped  edges, 
expansion  prestressing,  and/or  shot  peening  of  the  attachment  holes. 

These  techniques  for  maximizing  the  fatigue  strength  of  fabricated  assem¬ 
bles  of  this  type  are  readily  accomplished  within  the  current  advanced 
state  of  the  art.  The  allowable  fatigue  stresses  that  have  been  used  in  the 
analysis  section  of  this  report  allow  conservatively  for  statistical  scatter, 
to  assure  high  probability  of  no  failure.  The  leading  and  trailing  edge 
structures  support  the  local  air  loads  on  those  portions  of  the  blade;  in 
addition,  they  are  utilized  for  torsional  strength  and  rigidity  of  the  blade. 
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This  secondary  structure  is  not  subjected  to  significant  heating  from  the 
propulsion  system  and,  thus,  may  be  fabricated  as  an  adhesive -bonded 
aluminum  alloy  honeycomb  sandwich-type  structure.  This  construction 
provides  maximum  buckling  stability  and  fatigue  strength  versus  weight 
for  these  comparatively  lightly  loaded  portions  of  the  blade.  The  blade 
tip  is  removable,  providing  easy  inspection  and  removal  or  replacement 
of  all  propulsion  components.  The  removable  blade  tip  section  also  houses 
the  nozzle  that  provides  the  rotor  tip  thrust  of  the  propulsion  system. 

Wing 

The  wing,  shown  in  Figure  74,  provides  two  main  functions;  namely, 
support  of  the  rotor  blades  during  helicopter  mode  of  operation  and  pro¬ 
vision  of  fixed-wing  lift  in  the  airplane  mode.  As  in  the  case  of  the  blade 
structure  ,  the  helicopter  mode  of  operation  produces  the  maximum  design 
loads,  from  both  the  static  and  the  fatigue  viewpoints.  Centrifugal  loads 
from  the  blade,  as  previously  mentioned,  are  supported  independently  of 
the  primary  wing  structure,  thus  reducing  the  steady  tension  stresses  in 
the  wing  beams.  Rotor  blade  shear  and  bending  loads  imposed  at  the 
bearing  support  ribs  in  the  wing  tips  are  transmitted  inboard  to  the  main 
central  hub  bearing  attachment  by  a  double  box-beam  structure  located  on 
both  sides  of  each  set  of  propulsion  ducts.  Again,  those  portions  of  the 
primary  structure  immediately  adjacent  to  the  hot  gas  ducting  are  fabri¬ 
cated  of  either  stainless  steel  or  titanium  alloy  to  withstand  the  anticipated 
maximum  long-time  elevated  temperature  of  approximately  300°F.  These 
same  materials  will  also  withstand  short-time  emergency  loadings  at  the 
higher  temperatures  that  might  be  encountered  if  a  hot  gas  duct  were  punc¬ 
tured.  The  remaining  portion  of  the  primary  box-beam  structures  consists 
of  tapered,  uniformly  stressed,  aluminum  alloy,  integrally  machined  beam 
caps  that  run  uninterrupted,  with  no  splices,  from  one  wing  tip  to  the 
opposite  wing  tip.  The  double  box-beam  construction  is  used  to  permit 
removal  of  the  top  center  cover  material  in  the  region  of  the  ducting, 
bearings,  and  controls  for  ease  of  inspection.  The  sculptured  aluminum 
alloy  beam  caps  not  only  eliminate  all  major  splices  across  the  wing  but 
also  permit  local  reinforcements  in  an  optimum  manner  to  counteract  such 
stress  raisers  as  rivet  or  bolt  holes.  Temperatures  in  the  area  of  these 
primary  wing  beam  caps  are  not  expected  to  exceed  200°F  during  opera¬ 
tion  --  well  within  the  long-time  allowable  temperature  for  aluminum 
alloy.  As  in  the  case  of  the  rotor  blades,  all  hot  gas  ducting  is  insulated 
and  shielded  from  the  primary  structure,  and  cooling  airflow  is  metered 
to  maintain  the  desired  temperatures.  The  thrust  load,  radial  load,  and 
the  pitching  and  rolling  moments  that  must  be  transmitted  from  the  wing 
through  the  main  rotor  bearings  to  the  fuselage  are  provided  for  in  the 
Hughes  CRA  design  by  a  rugged  triangular  rib-frame  hub  structure  in  the 
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wing.  In  addition,  three  intercostal  ribs  are  included  to  attach  the  hub  at 
six  uniformly  spaced  locations  around  the  outer  bearing  housing.  This 
structure  provides  the  most  direct  load  paths  from  the  wing  co  the  main 
rotor  bearing  with  a  minimum  disruption  of  wing  and  bearing  housing 
structure.  The  bearing  ;...ttachments  are  made  in  such  a  manner  that 
distortion  of  the  bearing  due  to  wing  bending  deformation  is  minimized, 
while  the  triangular  rib  frame  tends  to  maintain  a  true  plane  at  all  times. 
This  type  of  support  provides  the  most  uniform  loading  of  the  bearings. 
The  remaining  leading  and  trailing  edges  of  the  wing  structure  are  of 
aluminum-alloy  adhesive -bonded  honeycomb-sandwich  construction  to 
provide  optimum  airfoil  smoothness,  to  withstand  local  air  loadings,  and 
to  add  torsional  stiffness  to  the  overall  Rotor/Wing  structure.  Light 
intermediate  ribs  at  approximately  20-inch  spacing  support  the  local  air 
loads  and  stabilize  the  overall  wing  structure. 

THERMAL  CONSIDERATIONS 


The  hot  portions  of  the  propulsion  system  for  the  Composite  Research  Air¬ 
craft  are  designed  for  temperatures  and  pressures  very  similar  to  those 
of  the  XV-9A  Hot  Cycle  Research  Aircraft.  Design  experience  as  applied 
to  the  CRA  is  listed  below: 

1.  Safety  and  reliability  -  additional  1.33  limit  factor  of  safety  on 
all  pressure -loaded  hot  gas  components. 

2.  Long  service  life  -  all  hot  ducting  components  designed  to  a 
0.2-percent  creep  deformation  life  of  4,  000  hours  for  the  vehicle. 

3.  Simplicity  -  circular  sections  used  to  the  greatest  possible  extent 
for  hot  gas  ducting.  A  minimum  of  secondary  stiffeners  required; 
easy  fabrication. 

4.  Light  weight  -  pressure  loads  carried  as  hoop  tension  stresses 
for  maximum  strength/ weight;  circular  shapes  provide  minimum 
duct  wall  surface  area  versus  cross-sectional  area. 

5.  Optimum  material  choice  •  hot  gas  components  are  fabricated 
of  Inconel  718  nickel  alloy.  This  material  has  excellent  short  - 
and  long-time  strength  at  operating  temperatures,  is  easy  to 
fabricate  and  process,  and  resists  crack  propagation. 

6.  Isolation  of  hot  and  cold  components  -  undesired  restraints  that 
would  otherwise  induce  locked -in  stresses  due  to  differential 
thermal  expansion  are  eliminated.  Structural  strains  are  also 
isolated  from  the  hot  gas  components. 
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7.  Insulation,  shielding,  and  cooling  -  the  strength  and  service  life 
of  the  primary  structure  adjacent  to  the  hot  gas  ducting  are 
increased  by  the  use  of  insulation,  shielding,  and  cooling.  Dif¬ 
ferential  temperature  strains  within  the  adjacent  primary  struc¬ 
ture  are  reduced  to  insignificant  levels.  Primary  structure  is 
protected  against  direct  hot  gas  impingement  in  case  of  a  puncture 
in  the  ducting. 

8.  Fail-safe  design  -  primary  structural  elements  adjacent  to  the 
hot  gas  ducting  are  designed  for  safe  short-time  operation  at  the 
elevated  temperatures  that  might  be  encountered  even  in  the  very 
unlikely  event  of  a  massive  hot  gas  duct  leakage. 

9.  Uniform  heating  of  hot  gas  components  -  stiffening  and  support¬ 
ing  elements  of  hot  gas  components  are  designed  to  operate  as 
close  as  possible  to  the  duct  wall  temperatures  in  order  to  mini¬ 
mize  thermal  stresses,  particularly  during  transient  operating 
conditions  such  as  start-up  or  shutdown. 

10.  Overall  system  -  no  dynamic  elements;  jet  aircraft  reliability  of 
hot  compor.ents. 

The  CRA  employs  the  exhaust  gases  of  a  J52-P-8A  turbojet  engine  for 
flight  propulsion  in  both  the  helicopter  and  airplane  modes.  In  the  helicop¬ 
ter  mode  of  operation,  the  hot  gases  are  directed  from  the  diverter  valve 
through  the  ducting  in  the  hub.  the  wing,  and  the  blades.  The  gases  are 
exhausted  at  the  blade  tips  through  nozzles  that  supply  the  driving  torque 
to  the  Rotor/ Wing.  In  the  airplane  mode,  the  diverter  valve  shuts  off  the 
flow  to  the  Rotor/ Wing  and  allows  the  hot  gases  to  flow  through  the  engine 
exhaust  tail  pipe.  In  this  mode,  propulsion  is  the  same  as  in  a  conven¬ 
tional  jet  aircraft. 

The  typical  ducting  cross  section  is  circular.  This  results  in  the  lightest 
weight  system,  since  all  the  pressure  loads  are  carried  by  hoop  tension 
stresses  and  since  duct  surface  area  versus  cross-sectional  area  is  opti¬ 
mum  (that  is,  minimum).  Any  additional  weight  that  otherwise  results 
from  stiffening  is  held  to  a  minimum  and  occurs  only  in  those  areas  where 
there  is  a  departure  from  the  circular  cross  section,  such  as  at  the  tip 
nozzles. 

The  required  duct  wall  thicknesses  for  either  peak  or  long-time  stress 
conditions  arc  thinner  than  the  minimum  gages  required  for  fabrication, 
which  are  held  to  0.007  inch  for  the  Rotor/Wing  system  ducting  and  0.012 
inch  for  the  engine  exhaust  tail  pipe,  hot  gas  distributor,  and  diverter 
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valve.  Thus,  very  conservative  operating  duct  wall  stresses  are  indi¬ 
cated,  providing  exceptional  reliability  and  safety. 


MATERIALS  AND  ALLOWABLE  STRESSES 


Materials  to  be  used  for  the  structure  of  the  CRA  have  been  selected  on 
the  basis  of  the  greatest  strength-to -density  ratio  suitable  for  the  temper¬ 
ature  environment  and  the  fatigue  and  static  loads  expected  to  be  encoun¬ 
tered.  The  design  conditions  are  very  similar  to  the  temperature  and 
static  and  fatigue  conditions  previously  encountered  on  the  XV- 9A  Hot 
Cycle  Research  Aircraft.  Design  and  material  selection  experience  as 
applied  to  the  CRA  is  listed  below: 

1.  Safety  and  reliability  -  titanium  and  steel  ?re  used  in  areas  of 
300°  to  400°F  maximum  temperature  environments.  These 
materials  have  good  short-time  properties  up  to  approximately 
1,000°F  for  an  assumed  emergency,  such  as  the  puncture  of  a 
hot  gas  duct. 

2.  Optimum  materials  -  aluminum  alloy  has  the  greatest  strength - 
to-density  ratio  up  to  200°F  for  structure  that  is  designed  to 
buckling  stability  requirements.  Titanium  alloys  or  maraging 
stainless  steels  have  the  greatest  fatigue  strength-to-density 
ratio  for  use  at  temperatures  of  300°  to  400°  F  and  are  also 
superior  for  maximum  static  tensile  loading.  Inconel  718  nickel 
alloy  has  superior  strength-to-density  ratio  for  the  hot  gas  duct¬ 
ing  components  (Rene  41  cobalt  alloy  shows  no  significant 
advantage  at  the  expected  duct  wall  temperatures,  and  would  be 
more  difficult  to  fabricate). 

3.  Maximum  fatigue  strength  -  the  safe,  conservative,  fatigue 
allowables  that  have  been  used  are  based  on  test  data,  reduced  by 
factors  to  allow  for  statistical  scatter,  size  effects,  and  finish 
tolerance. 

4.  Minimum  designed-in  stress  concentrations  -  scalloping,  rein¬ 
forcement,  and  prestressing  or  shot  peening  are  used  to  minimize 
the  effects  of  stress  raisers  where  fatigue  loadings  are  expected. 

5.  Stress  corrosion  -  temperatures  and  stress  levels  are  held  well 
below  the  limiting  levels  (for  both  aluminum  and  titanium  alloys). 

6.  Growth  possibilities  -  Rene  41  cobalt  alloy  offers  excellent  poten¬ 
tial  for  further  increase  in  Hot  Cycle  gas  temperatures  for  more 
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advanced  propulsion  systems  without  any  advance  in  the  existing 
materials  state  of  the  art. 

Basis  of  Material  Selection 


Materials  proposed  for  the  structure  of  the  CRA  are  based  on  the  selection 
of  the  currently  available  materials  with  the  greatest  strength-to-density 
ratios  for  the  temperature  environment  and  static  and  fatigue  loadings 
expected  to  be  encountered  during  vehicle  operation.  The  selection  of  the 
material  on  the  basis  of  strength-to-density  ratio  is  demonstrated  by 
Figures  75  through  77. 

Special  attention  is  given  to  eliminating  fretting  and  its  detrimental  effect 
on  fatigue  life.  High  clamp-up  loads  are  used  in  attachments  subject  to 
cyclic  loads  to  eliminate  relative  movements  of  the  attached  parts  that 
would  otherwise  lead  to  fretting.  An  example  of  this  type  of  attachment  is 
the  bolted  connection  of  the  Rotor /Wing  to  the  shaft.  Where  high  clamp - 
up  loads  are  not  used,  shrink-fit  bushings  are  used.  The  bushings  provide 
a  prestress  in  the  material  around  the  bolt  hole  to  minimize  the  stress 
cycling  under  fatigue  loads.  Adhesives  plus  fasteners  are  al"  used  in 
many  structural  areas  where  fretting  must  be  prevented.  Such  a  case  is 
in  the  blade  retention  strap  assembly,  where  the  laminates  are  bonded 
together  in  the  attachment  area  to  prevent  relative  movement.  Adhesive 
bond  ip  this  case  is  not  relied  on  to  transfer  load,  which  is  carried  entirely 
by  the  clamp-up  bolt  attachment. 

Surface  coatings  su^h  as  zinc  chromate,  epoxy,  and  so  forth,  are  used  to 
prevent  fretting  where  the  relative  movement  of  parts  due  to  deflection 
cannot  be  eliminated. 

Aluminum  Alloy 

Aluminum  alloy  is  used  for  all  structural  parts  where  the  design  is  dic¬ 
tated  primarily  by  the  buckling  stability  of  the  structure  rather  than  by 
a  fatigue  strength  requirement,  and  where  the  temperature  does  not  ex¬ 
ceed  approximately  200°F.  Figure  75  shows  that  aluminum  alloy  is  lighter 
than  steel  or  titanium  alloy  in  an  application  of  this  type,  such  as  for 
panels  under  edge  compression  on  the  compression  side  of  the  wing  and  for 
fuselage  longerons  and  skin  panels. 

In  all  statically  loaded  and  fatigue  loaded  structure  that  is  critical  in 
tension,  2024  alloy  is  used  instead  of  7075  alloy,  which  has  a  higher 
static  strength  but  which  also  has  a  higher  notch  sensitivity. 
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Ti-6Al-6V-2Sn 
Reference  I3t 
Table  5.  5.  1.  1 


Carpenter  455 
Maraging  Stainless 
Steel  Reference  14 


7075  Aluminum  Alloy 
Reference  15 


Figure  76.  Static  Strength-to-Density  Ratio  Versus  Temperature 
for  Titanium  Alloy,  Steel,  and  Aluminum  Alloy. 


Titanium  Alloy- 


Figure  77.  Safe  Allowable  Endurance  Limits,  Design  Cyclic  Stress  Versus  Density. 


A  typical  endurance  limit  value  for  cyclic  testing  on  smooth  aluminum 
alloy  specimens  (K^  =  1)  is  ±19,  000  psi.  The  maximum  allowable  value 
used  for  design  in  areas  free  of  stress  raisers  has  been  reduced  arbi¬ 
trarily  to  ±5,  000  psi  to  allow  for  statistical  scatter,  size  effects,  and 
finish  tolerances.  This  is  an  accepted,  reliable,  and  proven  value  which 
has  been  used  widely  by  the  helicopter  industry. 

The  A1  7000  series  alloys  are  used  only  where  advantageous  for  com¬ 
pressive  loadings  or  for  structure  where  fatigue  and  stress  corrosion 
problems  are  not  a  significant  consideration. 

Adhesive  bonding  is  used  to  the  fullest  extent  in  lieu  of  the  conventional 
rivet  or  bolt  attachments  in  order  to  provide  excellent  fatigue  strength. 

The  design  of  the  aircraft  also  takes  full  advantage  of  scalloping,  local 
reinforcement  and  prestressing  or  shot  peening  to  reduce  the  effect  of  the 
unavoidable  stress  raisers  for  fatigue  loadings.  Scalloping  has  been  used 
by  jet  engine  manufacturers  to  reduce  the  adverse  effects  of  stress  con¬ 
centrations  at  holes.  Also,  generous  transition  radii  are  used  to  reduce 
stress  concentrations.  Another  form  of  scalloping  which  has  been  used 
by  the  aircraft  engine  industry  is  the  undercutting  of  studs  and  bolts. 

Prestressing  or  shot  peening  is  used  on  such  stress  raisers  as  holes. 

The  prestressing  consists  of  passing  a  slightly  oversized  metal  ball  or 
mandrel  through  the  hole,  leaving  favorable  residual  compressive  stresses 
around  the  hole  and  thus  improving  the  fatigue  strength. 

As  a  result  of  all  the  design  provisions  for  relieving  the  adverse  effects 
of  stress  raisers,  an  allowable  design  endurance  limit  fatigue  stress  of 
±3,  000  psi  is  justified  for  those  structures  using  lightly  loaded  bolt  or 
rivet  attachments.  It  has  been  proven  by  tests  that  the  fatigue  improve¬ 
ment  techniques  mentioneo  above  will  actually  force  any  fatigue  crack 
that  may  occur  during  testing  to  initiate  outside  the  bolt  or  rivet  holes. 
Detrimental  effects  due  to  fretting  are  eliminated  in  such  areas  of  mech¬ 
anical  attachments  by  detail  attention  to  surface  coatings  and  to  fastener 
preloads  during  fabrication.  In  areas  where  mechanical  splices  are 
unavoidable  for  assembly  or  other  reasons  and  the  bolts  and  rivets  are 
more  highly  loaded,  the  safe  endurance  limit  fatigue  allowable  is  further 
reduced  to  ±2,  000  psi. 

Steels 


Figure  76  shows  that  Carpenter  455  maraging  steel  has  a  higher  static 
strength- to-density  ratio  than  7075  aluminum  alloy  and  a  slightly  lower 
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ratio  than  6AL-6V-2Sn  titanium  alloy.  High  static  loading  is  encountered 
on  such  structures  as  the  rotor  strap  retention. 

Figure  77  shows  that  this  steel  has  a  higher  fatigue  strength-to-density 
ratio  than  aluminum  a’loys  and  is  comparable  with  the  best  titanium 
alloys.  It  shows  only  a  slight  drop-off  in  strength  due  to  temperature  at 
the  expected  300°  to  j°F  environment  where  aluminum  alloys  cannot  be 
used.  It  also  performs  satisfactorily  for  short-time  temperature  condi¬ 
tions  up  to  1,O0O°F.  For  fatigue  applications,  this  steel  is  considered  as 
one  of  the  best  all-around  materials  tested  to  date,  shoving  exceptionally 
consistent  static  and  fatigue  test  properties  for  both  smooth  specimens 
and  those  with  holes,  and  for  both  sheet  and  bar  as  well  as  for  longitudinal 
and  transverse  grain  directions. 

After  precipitation  hardening  to  the  high  strength  level,  Carpenter  455 
maraging  steel  exhibits  good  toughness  and  excellent  notch  ductility. 

Fatigue  tests  on  notched  specimens  (hole  in  specimen)  exhibited  yielding 
and  necking  down  of  the  specimen  rather  than  tne  brittle -type  failure  that 
is  typical  of  the  usual  fatigue  fa”  ire  (see  Figure  72).  Crack  propagation 
is  slow.  A  fatigue  testing  program  on  Carpenter  455  maraging  steel  con¬ 
ducted  by  Hughes  Tool  Company  showed  that  cracks  in  notched  specimens 
were  usually  found  by  visual  inspection  before  they  were  propagated  suf¬ 
ficiently  to  cause  rupture  ora  decrease  in  test  load.  This  maraging 
stainless  steel  requires  no  corrosion  protection  or  plating  for  resisting 
normal  atmospheric  corrosion  and  salt-water  atmospheres.  Tests  in 
5-percent  and  20-percent  salt  spray  at  95  °F  demonstrated  excellent 
resistance  to  rusting  and  pitting;  no  rusting  was  apparent  after  14  days 
in  5-percent  salt  spray  at  95  °F.  Stress  corrosior  cracking  tests  in  (a)  20- 
percent  salt  spray  at  95  °F  and  (b)  boiling  6-percent  sodium  chloride  plus 
1  - 1 /2-percent  sodium  dichromate  showed  that  this  alloy  resists  stress 
corrosion  cracking  at  considerably  higher  stress  levels  than  any  other 
precipitation  hardening  stainless  steel.  It  also  shows  excellent  resistance 
to  elevated  temperature  oxidation  up  to  approximately  1,200°F. 

Carpenter  455  is  readily  formed,  machined,  or  welded  in  the  annealed 
state  and  its  cold  work-hardening  rate  is  low  --an  advantag  in  forming 
parts.  Another  advantage  of  the  material  is  that  during  age  hardening  its 
dimensional  change  is  only  1/10  percent,  thus  permitting  close  machining 
and  forming  in  the  annealed  state  followed  by  the  simple  aging  heat 
treatment. 

Carpenter  455  maraging  stainless  steel  can  be  used  readily  in  combina¬ 
tion  with  titanium  alloys  at  moderately  elevated  temperatures  without 
developing  detrimental  thermal  stresses,  since  the  coefficient  of  linear 
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expansion  of  this  steel  is  only  slightly  higher  than  that  for  the  titanium 
alloys  (6.0  x  10* ^  in.  /in.  / 0 F  versus  5. 0  x  1 0"^  in.  /in.  /  °F). 

Fatigue  tests  showed  an  endurance  limit  at  a  maximum  stress  of  145,000 
psi  (equivalent  to  80,000  ±65,000)  at  Kt  =  1  and  R  =  0.1.  The  test  data 
show  a  very  narrow  scatter  band.  The  safe  endurance  limit  fatigue  value 
used  for  design  has  conservatively  been  reduced  to  ±25,000  psi  for  areas 
free  of  stress  raisers  to  allow  for  scatter,  size  effects,  and  finish  toler¬ 
ances.  Fatigue  testing  of  notched  specimens  (holes),  without  prestress¬ 
ing  or  shot  peening  treatments,  showed  an  endurance  limit  of  68,000  psi 
maximum  stress  (R  =  0.1),  which  is  equivalent  to  37,500  ±30,500  psi. 

For  the  fatigue -loaded  parts  of  the  aircraft,  full  advantage  is  taken  of 
scalloping,  reinforcements,  and  prestressing  or  shot  peening  to  improve 
the  fatigue  strength  in  those  areas  where  stress  raisers,  such  as  bolt 
holes,  cannot  be  avoided.  In  view  of  this  attention  given  to  relieving  the 
adverse  effect  of  stress  raisers,  the  safe  allowable  design  endurance 
limit  (fatigue  stress  of  ±13,000  psi)  is  used  in  areas  of  lightly  loaded 
mechanical  fasteners.  At  the  few  unavoidable  splices  with  more  heavily 
loaded  fasteners,  a  further  reduction  in  the  safe  allowable  endurance 
limit  fatigue  stress  to  ±10,000  psi  is  conservatively  assumed. 

Titanium  Alloys 

Titanium  alloys  may  also  be  used  for  those  structural  parts  subject  to  a 
slightly  elevated  temperature  environment  of  300°  to  400  °F  (maximum), 
and  in  applications  where  i  gh  static  and  high  fatigue  strength- to-density 
ratios  are  desired.  So  '  applications  are  in  the  rotor  mast,  rotor  bearing 
housing,  blade  spars,  ana  ribs. 

Two  titanium  alloys  are  considered  to  be  most  suitable  for  the  aircraft  -- 
Ti  -  6A  L-  6  V-  2Sn  and  B  - 1 20  -  VC  A. 

Ti- 6AL- 6V- 2Sn  is  similar  in  many  respects  to  Ti-6AL-4V  but  has  some¬ 
what  higher  strength  and  greater  depth  hardenability  for  the  heat-treated 
condition.  Considerably  higher  toughness  with  some  sacrifice  in  static 
strength  is  attained  by  restricting  the  oxygen  content  to  0.  12  percent 
maximum. 

B-120-VCA  titanium  is  an  all- beta  alloy  and  is  supplied  in  the  solution 
heat-treated  condition.  The  most  desirable  feature  of  this  alloy  is  that 
after  machining,  only  aging  is  required  to  obtain  the  desired  strength 
level.  This  alloy  is  superior  to  the  other  titanium  alloys  in  bending  and 
cold-forming  operations.  For  fatigue  applications,  there  is  no  significant 


132 


penalty  for  using  the  proven  Ti-6AL,-4V  alloy  based  on  many  data  sources, 
including  data  for  specimens  with  holes  and  burrs. 

The  possibility  of  stress  corrosion  in  titanium  alloys  has  also  been  investi¬ 
gated,  and  there  should  be  no  problem  in  the  proposed  applications.  Stress 
corrosion  has  been  a  potential  problem  only  at  temperatures  above  450°F 
and  at  steady  stress  levels  above  45,000  psi.  In  the  CRA  applications,  the 
temperatures  and  stress  levels  are  both  held  well  below  these  limits. 

Thus,  no  problem  of  this  type  is  envisioned. 

Test  data  for  Ti-6Ai --6V-2Sn  show  an  endurance  limit  at  a  maximum 
stress  of  95,000  psi  at  =  1  and  R  =  0.1  (equivalent  to  5?., 250  ±42,750  psi). 

The  safe  endurance  limit  fatigue  value  used  for  design  has  conservatively 
been  reduced  to  ±14,500  psi  for  structural  areas  having  no  stress  raisers 
in  order  to  allow  for  scatter  in  the  test  data,  size  effects  and  finish 
tolerances. 

Fatigue  test  results  of  Ti-6AL-2Sn  notched  specimens  (K^  =3.5  and 
R  =  0.1)  indicate  40,000  psi  maximum  stress  at  endurance  limit  (equivalent 
to  22,000  ±18,000  psi).  These  properties  were  obtained  on  specimens  in 
the  same  heat-treated  condition  that  gives  an  ultimate  tensile  strength  of 
167  to  174  ksi  along  with  12  to  15  percent  elongation  and  32  to  47  percent 
reduction  of  area. 

Fatigue  testing  of  hole  notched  specimens  at  Hughes  shows  endurance  limit 
for  the  same  material  of  35,000  psi  maximum  stress  (equivalent  to  19,200 
±15,750  psi).  Where  mechanical  fasteners  are  used,  scalloping,  rein¬ 
forcement,  and  prestressing  or  shot  peening  are  used  to  assure  maximum 
fatigue  strength.  Where  the  fasteners  are  lightly  loaded,  the  safe  endur¬ 
ance  limit  fatigue  allowable  stress  is  conservatively  reduced  to  ±7,500  psi. 
At  unavoidable  spiicrs  with  more  heavily  loaded  fasveners,  the  safe  fatigue 
allowable  is  further  reduced  to  ±5,000  psi.  Table  XXIII  presents  a  sum¬ 
mary  of  safe  design  allowa.ble  stresses. 

Hot  Gas  Ducting  Material 

Inconel  718  is  used  for  all  hot  gas  ducting  systems  in  the  CRA.  It  has 
superior  short-tir  e  strength  properties  and  elongation  values  up  to 
1,200°F  (see  Figure  78),  which  is  above  the  peak  temperature  in  this 
design. 

Long-time  rupture  and  creep  properties  of  Inconel  718  are  also  superior 
to  those  of  Rene  41  up  to  1,150°F.  This  is  above  the  expected  peak  temp¬ 
erature  (see  Figure  79). 
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TABLE  XXIII. 

SUMMARY  OF  SAFE  DESIGN  ALLOWABLE  STRESSES 

_ 1 

Safe  Endurance  Limit  Fatigue  Allowables 

Mean  ±  Cyclic  Stresses 

Material 
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Figure  78.  Rene  41  and  Inconel  718  Static  Properties  Versus 
Temperature. 

Inconel  718  has  good  forming  qualities.  Its  slow  response  to  age  harden¬ 
ing  allows  it  to  be  welded  in  either  the  annealed  or  the  aged  condition 
without  spontaneous  hardening  during  heating  and  cooling.  It  has  good 
corrosion  resistance  to  a  wide  variety  of  environments. 
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Figure  79.  Two-Tenths  Percent  Creep  and  Creep  Rupture 
Stress  for  High-Temperature  Materials. 


Rene  41  was  also  considered  as  a  ducting  material.  It  has  excellent  static 
strength  and  superior  creep  and  rupture  properties  in  the  1,Z00°  to  1,400°F 
range  (see  Figures  78  and  79).  It  therefore  offers  excellent  potential  for 
further  increase  in  Hot  Cycle  gas  temperatures  that  may  be  encountered 
with  more  advanced  engines  in  a  future  growth  version  without  requiring 
any  new  advance  in  the  materials  state  of  the  art. 


Rene  41  is  not  as  easily  formed  and  fabricated  as  Inconel  718;  therefore, 
it  is  not  used  in  this  aircraft.  Both  Ren6  41  and  Inconel  718  were  very 
satisfactory  when  used  as  ducting  materials  on  the  XV-9A. 


The  Advanced  Engine  ana  Technology  Department  of  General  Electric 
Company  is  now  developing  a  weldable  nickel -base  sheet  alloy  that  has  a 
yield  strength  of  150,000  psi  and  a  stress  rupture  life  of  1,000  hours  at 
75,000  psi,  both  at  1,400’F.  These  properties  are  comparable  with  those 
of  Rene  41  at  1,400°F  and  provide  another  possible  alloy  for  use  in  future 
growth  versions  of  the  CRA. 
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Comparison  of  strength  versus  density  for  Inconel  718  and  Rene  41  at  peak 
temperatures  and  for  the  calculated  mean  effective  temperature  for  the 
4,000-hour  design  aircraft  operating  life  is  shown  in  Table  XXIV. 


TABLE  XXIV.  COMPARISON  OF  STRUCTURAL  MATERIALS  FOR 
THE  HOT  G/S  COMPONENTS 


Static  Strength  Creep  Strength 

Ftu/w  F(0. 2%  creep)/w 

Peak  duct  wall  temperature  =  Duct  wall  temperature  = 
Material  1090°F  1063°F 


Ren£  41 

w- 0.278-lb/in.  3  523,500  in.  315,400  in. 

Inconel  718 

w-0. 296-lb/in.  3  533,400  in.  405,400  in. 


AEROELASTICITY  AND  DYNAMICS 


Rotor  /Wing  Vibration  and  Flutter 

Vibration  and  flutter  calculations  were  made  for  both  the  helicopter  and 
the  airplane  operating  mode.  The  methods  employed  and  the  significant 
results  for  the  final  configuration  are  summarized  below.  The  require¬ 
ments  of  specifications  MIL-A-8870  (ASG)  and  MIL-S-8698  (ASG)  are  met 
or  exceeded  for  all  components. 

Method  of  Analysis 

1.  Helicopter  Mode  Structure 

The  dynamic  model  used  for  the  helicopter  mode  represents  one-third  of 
the  Rotor/Wing.  It  consists  of  a  pair  of  beams  with  bending  and  torsional 
flexibility  to  represent  the  wing,  and  a  single  beam  with  bending  and  tor¬ 
sional  flexibility  to  represent  the  blade.  Concentrated  masses  and  pitch¬ 
ing  inertias  are  located  at  twelve  judiciously  spaced  stations.  The  model 
is  connected  to  the  fuselage  in  pitching  and  flapping  by  flexible  pylon 
springs.  The  flexibility  of  the  control  system  is  introduced  as  a  concen¬ 
trated  torsional  spring  between  the  blade  and  the  wing. 


Two  different  symmetry  conditions  were  analyzed  in  the  helicopter  mode. 

In  the  first,  called  cyclic  symmetry,  the  wing  root  was  elastically 
restrained  by  the  pylon  springs  in  pitching  and  flapping,  and  vertical 
motion  was  rigidly  restrained.  In  the  second,  called  collective  symmetry, 
the  wing  root  was  rigidly  restrained  in  pitching  and  flapping;  the  vertical 
motion  was  restrained  by  a  concentrated  mass  representing  the  fuselage. 

<L.  Airplane  Mode  Structures 

The  left  wing  was  analyzed  in  preference  to  the  right  wing  in  view  of  the 
adverse  distribution  of  the  center  of  gravity  and  elastic  axis  locations  for 
the  left  wing. 

The  model  consists  of  the  same  beams  used  in  the  model  for  the  helicopter 
mode  and  an  additional  beam  to  represent  the  forward  part  of  the  wing. 

The  Rotor /Wing  is  clamped  in  vertical  translation  to  the  fuselage  at  two 
locations.  The  Rotor/Wing  is  additionally  connected  to  the  fuselage  at  the 
hub  by  means  of  flexible  pylon  springs  for  pitch  and  roll  and  by  a  rigid 
link  for  vertical  translation.  The  blade  control  system  flexibility  is  locked 
out  by  a  shear  pin. 

Three  different  symmetry  conditions  were  analyzed  in  the  airplane  mode: 

a.  Clamped  condition  -  all  fuselage  motions  were  rigidly  restrained. 

b.  Symmetrical  condition  -  fuselage  was  free  in  pitch  and  plunge  but 
was  rigidly  restrained  in  roll;  the  right  wing  was  assumed  to  be 
the  mirror  image  o e  the  left  wing;  the  horizontal  stabilizer  was 
represented  by  a  single  elastic  degree  of  freedom, 

c.  Antisymmetrical  condition  -  fuselage  was  rigidly  restrained  in 
pitch  and  plunge  but  was  free  in  roll:  the  right  wing  was  assumed 
to  be  the  mirror  image  of  the  left  wing. 

3.  Aerodynamic  Forces 

Incompressible  strip  theory  was  used  to  represent  aerodynamic  forces  at 
five  spanwise  stations.  The  center  of  pressure  for  each  strip  was  assumed 
to  be  at  the  (local)  quarter- chord  position. 

The  formulas  for  aerodynamic  forces  in  the  hovering  helicopter  mode  are 
built  into  the  computer  program  used  in  the  anc. lysis.  Iney  include  the 
effect  of  spanwise  slope  on  the  aerodynamic  pitching  velocity.  The  terms 
in  the  formulas  for  aerodynamic  forces  in  the  airplane  mode  v/ere  com¬ 
puted  for  an  assumed  sweepback  angle  equal  to  30  degrees.  They  include 
the  effect  of  spanwise  slope  on  angle  of  attack.  The  effects  of  the 
Theodorsen  lift  deficiency  function  were  treated  in  an  approximate  manner. 
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4.  Helicopter  Vibration  Modes 


Since  the  Rotor /Wing  has  three  blades,  the  important  resonances  for 
cyclic  modes  are  the  second  and  fourth  harmonics  of  rotor  speed,  and  the 
important  resonance  for  collective  mode  is  the  third  harmonic  of  rotor 
speed. 

From  calculations,  it  can  be  seen  that  there  are  no  resonances  between 
vibration  modes  and  these  harmonics  of  rotor  speed.  For  example,  the 
second  harmonic  resonance  of  first  cyclic  flapping  occurs  at  60  percent  of 
full  rotor  speed. 

As  a  result  of  the  absence  of  prominent  resonance  with  the  second,  third, 
and  fourth  harmonics  of  rotor  speed,  the  fuselage  vibration  level  at  the 
third  harmonic  rotor  speed  can  be  expected  to  be  low. 

The  effect  of  fuselage  response  in  pitch  and  roll  on  the  lower  Rotor/ Wing 
vibration  mode  frequencies  has  been  evaluated  by  the  six-degree-of -freedom 
analysis.  The  frequencies  of  the  vibration  modes  observed  in  the  non¬ 
rotating  coordinate  system  at  full  rotor  speed  are  recorded  in  Table  XXV. 
The  absence  of  third  harmonic  resonance  will  be  noted. 


TABLE  XXV.  GYROSCOPICALLY  COUPLED  FUSELAGE- ROTOR 


VIBRATION 

Damping 

uu 

U>/ Qq 

Ratio 

Mode 

(rad/sec) 

(cycles / rev) 

(Aerodynamic ) 

1 

3.  4 

0.19 

0.34 

2 

22.7 

0.79 

0.13 

3 

69.7 

2.42 

0.06 

4 

75.1 

2.61 

0.06 

5 

131.4 

4.55 

0.04 

5.  Flutter 

Results  of  the  hovering  flutter  analysis  for  cyclic  and  collective  helicopter 
modes  were  presented  in  V-g  curves  (speed  versus  damping).  A  flutter 
speed  margin  of  40  percent  above  maximum  operating  speed  is  indicated 
in  Figure  80  for  the  cyclic  mode.  Minor  adjustments  of  the  properties  of 
the  blade  can  be  made  to  bring  the  collective  mode  flutter  speed  up  to  the 


138 


ROTOR  SPEED  _Q_ 
FULL  RPM  '  no 


Figure  80.  Helicopter  Configuration  Cyclic  Symmetry,  Critical 
Flutter  Mod*-,  3  x  Basic  Control  Stiffness. 

same  margin.  In  addition,  it  should  be  noted  that  test  data  presented  in 
NACA  TN  4005  indicate  that  no  flutter  will  occur  at  a  tip  Mach  number 
greater  than  0.73.  This  tip  Mach  number  is  attained  at  less  than  the  calcu¬ 
lated  (incompressible)  flutter  speed,  indicating  that  no  flutter  should  be 
encountered  on  this  rotor.  Dynamic  model  tests  of  full-scale  Mach  number 
are  scheduled,  and  they  are  expected  to  confirm  this  conclusion. 

The  airplane  flutter  speed  of  575  KIAS  permits  a  of  500  KIAS  and  a  Vpj 
of  450  KIAS  in  accordance  with  MIL- A- 8860,  paragraph  6.  2.  3.  8.  Thus, 
by  means  of  a  minor  increase  in  load  criteria,  the  400  KIAS  value  of 
the  Rotor/Wing  CRA  could  be  raised  to  450  KIAS. 

The  elastic  axis  and  center  of  gravity  of  each  blade  are  located  near  the 
midchord.  This  location  is  inherent  in  the  Rotor/ Wing  concept  in  order 
to  provide  a  reasonable  symmetrical  static  aeroelastic  configuration  in 
the  airplane  mode.  It  also  represents  a  compromise  between  flutter  pre¬ 
vention  requirements  in  the  helicopter  and  airplane  modes,  since  a  loca¬ 
tion  nearer  the  leading  edge  in  the  helicopter  mode  is  nearer  the  trailing 
edge  of  the  left  wing  in  the  airplane  mode.  For  a  conventional  helicopter 
blade,  or  even  for  a  conventional  airplane  wing,  a  midchord  location  of  the 
center  of  gravity  would  be  regarded  as  quite  unfavorable  from  the  flutter 
viewpoint.  Its  effects  are  mitigated  for  the  Rotor/ Wing  configuration  by 
the  relatively  thick  airfoils,  short  movable  blade  span,  and  generally 
rugged  construction. 
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The  type  of  flutter  that  has  been  observed  in  the  analyses  of  both  operating 
modes  is  a  simole  binary  flutter  in  which  the  frequency  of  the  lowest  tor¬ 
sion  mode  is  depressed  downward  toward  coalescence  with  the  first  bend¬ 
ing  mode.  In  the  airplane  configuration,  sweepback  accentuates  the 
tendency  toward  flutter  by  increasing  the  frequency  of  the  first  bending 
mode  with  airspeed.  This  type  of  flutter  is  avoided  in  the  helicopter  mode 
by  maintaining  a  sufficiently  high  stiffness  in  the  control  system.  It  is 
avoided  in  the  airplane  mode  by  maintaining  midchord  positions  for  the 
center  of  gravity  and  elastic  axes  on  both  wings  and  by  providing  sufficient 
torsional  stiffness. 

6.  Divergence  in  the  Autogyro  Mode  During  Conversion 

As  the  Rotor/Wing  is  slowed  to  zero  rpm  during  conversion  to  the  air¬ 
plane  mode,  it  becomes  subject  to  static  aeroelastic  divergence.  The 
most  critical  condition  occurs  for  each  blade  when  it  is  near  the  240- 
degree -azimuth  position.  A  calculation  of  divergence  speed  has  been 
made  using  the  two  lowest  cyclic  modes  (first  flapping  and  first  torsion) 
as  degrees  of  freedom  in  a  coupled  analysis.  The  calculated  divergence 
speed  is  342  knots  --  well  above  t  le  operating  forward  speed  range  during 
conversion. 

Tail  Surface  Flutter  and  Divergence  Analysis 

As  seen  in  Table  XXVI,  the  tail  surfaces  have  flutter  and  divergence 
speeds  substantially  in  excess  of  the  margin  required  by  MIL-A-8870 
(ASG)  (that  is,  J  .15  VL). 


TABLE  XXVI.  TAIL  SURFACE  FLUTTER  AND  DIVERGENCE. 

u 

U_ 

U 

U^ 

F 

F 

D 

D 

Surface 

(kn) 

VL 

(kn) 

VL 

Elevon 

700 

1.40 

925 

1.85 

Ve  rtical 

Fin 

760 

1.52 

>760 

>1.52 

Note:  V  =  500  knots 

i-J 
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Because  of  the  conservatism  in  the  calculation  (neglect  of  structural  damp¬ 
ing  and  finite  aspect  ratio  effects)  and  the  more  than  adequate  margin 
indicated,  it  is  concluded  that  the  straightforward,  uncoupled  analysis  is 
sufficient  substantiation  of  freedom  frcm  flutter  and  divergence  of  the  tail 
surface. 


SUMMARY  OF  THE  PRELIMINARY  STRUCTURAL  ANALYSIS 


A  comprehensive  preliminary  structural  analysis  was  conducted  covering 
the  primary  structural  components  of  the  CRA.  A  general  discussion  of 
the  major  structural  areas  follows. 

Rotor /Wing  Blade 

The  arrangement  of  the  Rotor/Wing  blade  structure  is  shown  in  Figure  81. 
The  critical  loading  for  the  blade  occurs  in  the  helicopter  mode  of  oper¬ 
ation.  The  fatigue  case  designs  most  of  the  structure,  and  the  3-g  heli¬ 
copter  maneuver  gives  more  critical  static  loads  than  the  4.5-g  airplane 
case.  This  is  because  the  entire  lift  in  the  helicopter  mode  is  centered 
outboard  of  the  wing,  entirely  on  the  blades,  while  in  the  airplane  mode 
the  lift  is  applied  almost  entirely  on  the  delta  planform.  The  loading  is 
given  in  Figures  82  through  85. 

Aluminum  alloy  is  used  for  the  leading  and  trailing  sections  of  the  blade. 
Titanium  alloy  (alternate,  maraging  stainless  steel)  is  used  where  tem¬ 
perature  considerations  preclude  the  use  of  aluminum  and  where  fatigue 
strength  is  the  prime  consideration,  as  in  the  main  spars  and  the  feather¬ 
ing  torque  tube. 

Wherever  the  analysis  has  shown  fatigue  strength  to  be  a  consideration, 
particular  attention  is  to  be  given  to  the  fabrication  techniques  employed. 
The  intent  is  to  improve  fatigue  strength  by  use  of  such  techniques  as: 
shot  peening  or  prestressing  of  holes,  adequate  clamping  preload  of  the 
fasteners,  and  use  of  adhesive  bonding  to  prevent  fretting.  The  resulting 
improvement  in  allowables  will  enhance  service  life  and  reliability. 

Two  pages  showing  a  summary  of  stress  levels  in  the  blade  follow  the 
loading  curves.  These  stress  levels  are  in  line  with  those  in  general  use 
in  the  helicopter  industry. 


The  critical  loading  for  the  wing  occurs  in  the  helicopter  mode  of  opera¬ 
tion.  The  fatigue  case  designs  most  of  the  structure,  and  the  3-g 
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helicopter  maneuver  gives  more  critical  static  loads  than  the  4.  5-g  air¬ 
plane  maneu/er,  because  again  the  entire  lift  in  the  helicopter  mode  is 
centered  on  the  blades  outboard  of  the  wing. 

Design  and  analysis  considerations  are  similar  to  those  for  the  blades. 
The  choice  of  materials,  the  design,  and  the  fabrication  techniques  are 
such  as  to  provide  a  maximum  of  safety,  reliability,  and  service  life. 

A  sketch  of  the  primary  wing  structure  is  shown  in  Figure  81.  This 
structure  consists  of  three  pairs  of  box  beams  that  carry  the  shears, 
bending,  and  torsion  loads  to  a  central  hub  made  up  of  three  main  ribs, 
which  in  turn  transfer  the  loads  to  the  Rotor/Wing  mount.  Preliminary 
structural  analysis  data  for  the  wing  is  given  in  Appendix  IV. 


Figure  81.  Rotor /Wing  Blade  Structure. 
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Figure  83.  Blade  Limit  Loads,  Flapwise  Bending  Moments. 
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Limit  Loads,  Chordwise  Bending  Moments. 
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Figure  85.  Blade  Limit  Loads,  Torque  Loads. 


THERMAL  STRESS  ANALYSIS 


The  following  paragraphs  present  more  detailed  information  on  ihe  thermal 
stress  analysis.  Areas  covered  are  as  follows: 

1.  Ducting 

2.  Engine  exhausc  tail  pipe 

3.  Diverter  valve  and  hot  gas  distributor 

4.  Primary  structure  adjacent  to  the  hot  gas  ducting 

5.  Insulation 

6.  Isolation  of  thermal  strains  and  minimization  for  temperature 
differential  stresses 

Duct  Calculations 


i 

i 


i 

i 

, 


The  overall  vehicle  design  service  life  objective  for  the  Hot  Cycle  propul¬ 
sion  system  and  structural  components  used  in  the  C  IA  is  4,000  hours. 

The  ducting  system  used  for  the  helicopter  mode  begins  at  the  diverter 
valve  exit  and  continues  through  the  hub,  wing,  and  blades.  These  hot 
gas  components  are  conservatively  designed  for  a  minimum  >  of  1,000 
hours,  which  permits  25  percent  of  the  total  aircraft  life  to  be  used  in  the 
helicopter  mode,  based  on  the  following  temperature  and  pressure 
conditions  (Table  XXVII). 


TABLE  XXVIL  TEMPERATURE  AND  PRESSURE  SPECTRUM  FOR 
HUB,  WING,  AND  BLADE  HOT  GAS  DUCTING  - 
HELICOPTER  MODE 


Item 

Peak  Values 
(for  static 
strength 
check  only) 

1,000 

Hour 

Military 

Power 

Spectrum 

Normal 

Rated 

Power 

Hours 

- 

400 

600 

Gas  temper ature ,  °F 

1,190 

1,190 

1,070 

Pressure,  psig 

29.4 

26.5 

22.8 
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The  engine  exhaust  tail  pipe  used  for  the  airplane  mode  is  designed  for  a 
conservative  minimum  life  of  3,500  hours  or  87-1/2  percent  of  the  total 
design  vehicle  life  for  the  following  temperature  and  pressure  conditions 
(Table  XXVIII). 


TABLE  XXVIII. 

TEMPERATURE  AND  PRESSURE  SPECTRUM 

FOR  ENGINE  EXHAUST  TAIL  PIPE  - 
AIRPLANE  MODE 

Item 

Peak  Values 
(for  static  strength 
check  only) 

Military 

Power 

Normal 

Rated 

Power 

Hours 

- 

100 

3,  400 

Gas  temperature, 

°F 

1,  190 

1,  190 

1,  070 

Pressure,  psig 

un 

O 

o 

34.  3 

29.  4 

^Conservatively  includes 

dive  speed  dynamic 

pressure  increase. 

Wing  Ducting  Calculations 

Sample  calculations  for  9- 1/ 2-inch-diameter  wing  ducting  follow: 

1.  Material  is  Inconel  718  (see  Materials  and  Allowable  Stresses 
Section) 

Peak  gas  temperature  =  1,  190°F  and  pressure  =  29.  4  psig 
Duct  wall  temperature  =  1,  090°F 
Ftu  at  1,  090#F  =  154,  000  psi 
PR 


F.  =  . 


t  (duct  wall  thickness)  = 


(29.  4  psig)(l.  33)(  1 ,  5)(4.  75  in.  ) 
154,  000  psi 

0.  00182  in. 
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2.  Long-time  equivalent  gas  temperature  (based  on  Larson-Miller 
curves  included  in  the  Materials  and  Allowable  Stresses  Section) 
1 ,  160°F  and  pressure  =  26.  5  psig 

Duct  wall  temperature  =  1,  064°F 


0.  2  percent  creep  allowable  =  109,  000  psi 


F 


t 


PR 

t 


t  (duct  wall  thicKness) 


(26.  5  psig)(4.  7  5  in,  ) 
1 09,  000  psi 


=  0.  00117  in. 


3. 


Sample  calculation  for  wing  duct  stiffeners  required  for  a  5-psi 
negative  internal  pressure  due  to  autorotation: 


f 


c 


PR 

t 


3,  400  psi 


-J5j2,e  /_L\2 

,,,,  'L/ 

12(1-  v  ) 


wh  ere: 


f 

c 

=  compressive  stress 

P 

=  -  5  psi 

Fccr 

=  critical  compressive  stress 

E 

=  25  x  106psi  at  1,  090°F 

t 

-  0.  007  in. 

L 

=  stiffener  spacing 

R 

-  4.7  5  in. 

Ky 

=  16 

II 

o 

From  this  L  =  2.  3  in.  ;  but  L  is  increased  to  3  inches  to  account 
for  the  fixity  resulting  from  the  continuity  of  the  duct  past  the 
stiffener  rings. 
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Ring  stiffener  at  3-in.  spacing 


Engine  Exhaust  Tail  Pipe  Calculation 

1.  Material  is  Inconel  718  (see  Materials  and  Allowable  Stresses 
Section) 

Peak  gas  temperature  =  1,  190°F  and  pressure  =  50.  0  psig 
(Reference  Table  XXVIII)  Note:  Ram  pressure  adds  during 
airplane  mode. 

Duct  wall  temperature  =  1,090°F 
F(u  at  1,  090 0 F  =  154,  000  psi 


t  (duct  wall  thickness) 


(50.  0  psig)(  1 ,  33)(  1 .  5 ) ( 1 1 .  0  in.  ! 
154,  000  psi 


=  0.  0072  in. 


2.  Long-time  equivalent  gas  temperature  (based  on  Larson-Miller 
curves  included  in  Materials  and  Allowable  Stresses  Section) 

-  1,  090°F  and  pressure  =  34.  3  psig 

Duct  wall  temperature  =  999  °F 

0.  2  percent  creep  allowable  =  120,  000  psi 


F 


t 


PR 

t 


t  (duct  wall  thickness) 


(  34,  3  psig)(  1 1 .  0  in .  ) 
1  20,  000  psi 


=  0.  00315  in. 
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Calculatfon  for  Diverter  Valve  and  Hot  Gas  Distributor 

Material  is  Inconel  718  (see  Materials  and  Allowable  Stresses  Section). 

!.  Hoop  tension  in  Rotor/ Wing  hot  gas  distributor.  Peak  gas 
temperature  =  1,  190°F  and  pressure  =  2 9.  4  psig 

Duct  wall  temperature  =  1,  090 "F 

Ft  at  1, 0903F  =  154,  000  psi 

t  =  Thickness  required  for  hoop  tension  stresses 

PR 

a.  Spherical  end  Ft  =  — — 
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2.  Hoop  tension  stress  in  diverter  valve. 


Peak  gas  temperature  =  1,  190°F  =  50.  0  psig 
(Reference  Table  XXVII) 

Diverter  wall  temperature  =  1,090°F 


F 


t 


PR 

t 


t  (duct  wall  thickness) 


(50.  0  p-ife'd.  3 3 ) ( 1 .  5)(  1 2  in.  ) 
1 54,  000  psi 


=  0.  0078  in. 


« 


The  long-time  temperature  and  pressure  condition  does  not  design 
the  duct  thickness,  as  previously  shewn  for  the  wing  ducting. 


Adjacent  Primary  Structure 

The  hot  gas  ducting  system  is  routed  through  the  fuselage,  the  hub,  the 
wing,  and  the  blade.  This  requires  that  the  primary  structure  in  these 
areas  be  adequately  protected  from  the  heat  of  the  hot  gas  system,  so  that 
the  structural  materials  do  not  suffer  loss  of  strength,  undesirable  metal¬ 
lurgical  changes,  or  detrimental  thermal  stresses.  The  routing  of  the 
hot  gas  system  in  the  CRA  is  quite  similar  to  the  very  satisfactory  system 
in  the  XV-9A;  therefore,  it  requires  temperature  protection  for  very  sim¬ 
ilar  conditions.  The  hot  gas  ducting  system  is  isolated  and  separated 
from  the  primary  structure,  thus  permitting  insulation  to  reduce  the  tem¬ 
perature  of  the  structure.  In  the  fuselage,  hub,  wing,  and  blade,  cooling 
air  is  also  circulated  to  prevent  local  temperature  buildup.  In  the  blade 
and  the  wing,  shielding  is  also  employed  to  reduce  heating  of  the  primary 
structure  by  radiation.  The  shielding  also  prevents  the  impingement  of 
any  hot  gas  on  the  structure  in  the  event  of  a  gas  leak.  All  expected  tem¬ 
peratures  are  well  within  Lhe  tolerance  limits  of  the  titanium  alloy  and 
steel  materials  to  be  used  for  adjacent  primary  structures.  The  maxi¬ 
mum  temperature  expected  in  areas  of  aluminum  alloy  structures  is  2C0°F. 
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Rib  Cross  Section  AA  (thermal  and  air  load  benuing  stresses  add  at  the 
center) 

Air  load  =  3  psi  BBSQHT  ' 

UU  =  3  psi  x  6  in.  Rib  spacing  x  1-1/2  =  27.  0  lb/ in.  l 

8  in. 

..  tu  l3  27.  0  lb/ in.  (8  in.  ,,,  Rib  at  Duct 

M  =  ‘  U -  149  /Ib  Cutout 


UU  L  27.  0  lb/  in.  (8  in. 


149  in.  /lb 


,  .  ,  ,  Me  149  in.  /lb  (0.-60  in.  )  _ _ 

f  air  load  =  —  =  - ' - i 1 - - - 1  =  21,  800  psi 

1  0.  0041  in. 


f,  air  load  +  f  ,  =  -21, 800  -  11,  100  =  32,  900  psi 

b  thermal 

Fcr  =  126,000  psi  allowable;  therefore,  margin  of  safety  -  high. 
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Insulation 


The  complete  ducting  system  is  insulated  to  prevent  excessive  heating  of 
the  adjacent  primary  structure.  The  effectiveness  of  the  duct  insulation 
can  be  shown  by  the  experience  on  the  XV- 9A,  where  the  only  elevated 
temperature  protection  of  the  fuselage  from  the  yaw  duct  system  was  the 
duct  insulation  and  some  cooling  air.  The  highest  peak  temperature  meas¬ 
ured  on  a  fuselage  frame  where  the  duct  passed  through  was  Z14’F.  This 
is  well  within  the  allowable  temperature  for  aluminum. 

The  diverter  valve,  hot  gas  distributor,  wing  and  blade  ducting,  and  tail 
pipe  are  insulated  to  reduce  the  heat  flux. 

Isolation  of  Thermal  Strains 

The  hot  gas  system  is  structurally  isolated  from  the  aircraft  structure  in 
a  manner  similar  to  the  conventional  mounting  of  jet  engines,  as  shown  in 
the  following  sketch.  This  mounting  allows  the  duct  to  grow  as  a  result  of 
elevated  temperatures  without  restraint  diametrically  or  longitudinally. 
This  same  mounting  arrangement  also  isolates  structural  strains  from  the 
hot  gas  ducting  system. 

The  flexible  bellows  that  divide  the  ducting  system  into  appropriate  lengths 
likewise  perform  a  dual  function:  they  isolate  the  thermal  strains  from 
the  primary  structure  and  alsc  prevent  the  structural  strains  from  loading 
the  hot  gas  system. 


Typical  Six- Component  Duct  Mounting  * 

Minimization  for  Temperature  Differential  Stresses  in  the  Hot  Structure 

The  ducting  is  insulated  in  order  to  reduce  both  maximum  and  differential 
temperatures  in  the  colder  primary  structure.  Isolation  of  the  hot  ducting 
from  the  structure  also  aids  in  lowering  the  temperature  differential  in 
the  cold  structure,  since  almost  no  heat  is  then  transferred  by  conduction. 

Also,  cooling  airflow  is  provided  from  the  fuselage  through  the  hub  and  on 
into  the  wing  and  blade.  In  the  wing  and  blade,  the  top  and  bottom  panels  of 
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the  bay  containing  the  ducting  are  single -thickness  skin  panels.  The  areas 
of  these  skin  panels  are  approximately  equal  to  the  circumferential  area  of 
the  ducts,  thus  providing  an  efficient  path  for  whatever  heat  passes  through 
the  duct  insulation  to  escape  to  the  outside,  and  reducing  temperature 
buildup  in  the  structure. 

A  light  titanium  shield  is  provided  for  the  spar  webs  in  both  the  blade  and 
the  wing,  in  order  to  prevent  a  high  temperature  gradient  from  developing 
betw'een  the  center  of  the  spar  web  and  the  outside  of  the  wing  or  blade. 
Also,  the  structura1  materials  are  arranged  so  that  the  areas  of  highest 
temperature  rise  during  operation  are  of  a  material  (steel  or  titanium 
alloy)  having  the  lowest  coefficient  of  thermal  expansi  *,  and  the  areas  of 
least  temperature  rise  are  of  a  material  (aluminum  alloy)  having  the  high¬ 
est  coefficient  of  thermal  expansion. 

With  the  duct  insulation  and  the  shielding  of  the  prima  y  structure,  detri  ¬ 
mental  thermal  gradients  in  the  primary  structure  arc  eliminated.  The 
highest  predicted  temperature  in  the  blade  structure  is  300°F;  in  the  wing 
structure,  200°F. 
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PROPULSION  SYSTEM 


| 

i 

The  design  of  the  propulsion  system  provides  for  operation  of  the  Hot  Cycle 
Rotor/Wing  CRA  as  a  high-speed  VTOL  airplane.  Primary  design  empha¬ 
sis  is  placed  on  simplicity,  reliability,  and  safety  in  an  easily  maintainable 
single-engine  installation.  These  factors  are  inherent  in  the  Hot  Cycle 
propulsion  system  and  are  used  to  their  full  advantage.  During  the  auto¬ 
gyro  and  airplane  modes,  as  depicted  in  Figure  2,  the  engine  thrust  is  used 
in  the  normal  manner.  In  the  helicopter  mode  shown  in  Figure  2,  high 
energy  gas  is  diverted  from  the  engine  exhaust  up  through  the  hub  to  trv: 
tip  of  each  blade,  where  it  is  exhausted  to  drive  the  Rotor/ Wing. 

t 

! 

I 

DESIGN  CHARACTERISTICS 
* - 

The  primary  advantage  of  the  Hot  Cycle  propulsion  system  is  its  simplic¬ 
ity,  with  the  resulting  advantages  of  light  weight  and  reliability  gained  by 
the  elimination  of  many  heavy  and  complex  dynamic  components  required 
by  ocher  types  of  propulsion  systems.  The  weight  savings  obtained  from 
this  design  concept  are  reflected  not  only  in  the  propulsion  system  but 
throughout  the  aircraft.  The  increased  reliability  achieved  is  an  equally 
outstanding  featv  of  the  Hot  Cycle  system.  Materials  and  fabrication 
methods  are  full,  inderstood  and,  in  general,  follow  jet-engine  technology. 

ENGINE  INSTALLATION 

The  J52-P-8A  engine  (Figure  8b)  is  located  below'  the  wing  and  above  the 
cargo  compartment,  just  forward  of  the  rotor  centerline,  and  is  mounted 
to  the  fuselage  through  truss  members.  The  engine  is  readily  accessible 
for  inspection  and  maintenance  from  stowable  platforms  that  attach  to  the 
side  of  che  fuselage.  The  et.gine  removal  and  installation  procedure  is 
shown  in  Figure  87. 

AIR  INDUCTION  SYSTEM 

The  engine  air  induction  system  (see  Figure  88)  has  been  designed  to  give 
maximum  pressure  re^o--  >ry  and  minimal  flow  distortion  in  all  modes  of 
flight.  For  helicop'.e  operation,  a  bellmouth  on  the  engine  draws  air 
directly  from  the  area  beneath  the  Rotor/Wing,  This  inlet  location  as¬ 
sures  maximum  protection  from  the  recirculation  >f  debris  during  opera¬ 
tion  in  unprepared  areas.  For  airplane  flight,  the  inlet  duct  is  raised  to 
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or  High-Pressure  Bleed 
-Mounted  Blankets 


/er  Lever  Operating  Cabl 


provide  a  smooth,  gradual  diffusion  passage  from  the  duct  inlet  above  and 
behind  the  cockpit  to  the  bellmouth  entry  on  the  engine.  Conversion  is 
made  smoothly  from  one  flight  mode  to  another  without  detrimental  effect 
on  engine  operation.  The  inlet  duct  also  provides  a  smooth  external  aero¬ 
dynamic  fairing  between  the  rotor  and  the  fuselage. 


HOT  GAS  DUCT  SYSTEM 


The  knowledge  and  experience  gained  from  the  successful  XV-9A  Hot  Cycle 
Program  have  been  utilized  in  the  design  of  the  Rotor/ Wing  hot  gas  sys¬ 
tem.  Additional  factors  of  safety  have  been  applied  to  the  design  of  all 
pressurized  hot  gas  ducting,  and  only  materials  having  excellent  corrosion 
resistance  and  crack-prcpagation  resistance  are  used.  Isolation  of  both 
thermal  and  structural  strains  is  provided  in  the  design  of  the  hot  gas  duct¬ 
ing  system,  through  proper  design  of  mounts,  reinforcements,  and  flexible 
joints.  The  surrounding  primary  structure  of  the  vehicle  is  both  shielded 
and  designed  to  continue  safe  flight  and  landing  even  in  the  unlikely  event 
of  exposure  to  massive  quantities  of  the  hot  gases.  In  addition  to  the  iso¬ 
lation  of  both  hot  and  cold  components  from  a  structural  viewpoint,  insula¬ 
tion,  cooling  airflow,  and  shielding  minimize  any  possible  detrimental 
effects  from  the  interaction  of  the  hot  and  cold  components.  Further, 
thermal  differential  expansion  in  the  primary  structure  is  minimized  by 
using  materials  having  similar  thermal  expansion  rates.  Transient  ther¬ 
mal  effects  in  the  hot  gas  system  are  minimized  by  detail  design  to  assure 
even  heat-up  and  cool-down  of  the  components.  The  materials  used  in  the 
hot  components  are  standard  production  materials  that  have  wide  usage  in 
the  jet  engine  industry  and  do  not  require  the  development  of  new  technology. 

The  diverter  valve  located  immediately  aft  of  the  engine  directs  the  gas  up 
through  the  rotor  for  helicopter  operation  or  through  the  tail  pipe  and 
thrust  nozzle  for  autogyro  and  clrplane  modes.  A  slip  joint  between  the 
engine  and  diverter  valve  provides  for  sealing  and  thermal  expansion. 
seal  above  the  diverter  valve  permits  rotation  between  the  stationary  duct 
and  its  counterpart  in  the  rotating  system.  As  it  emerges  from  the  hub, 
the  gas  flows  into  three  separate  pairs  of  parallel  ducts  (separated  to  pro¬ 
vide  the  necessary  clearance  for  the  blade  retention  straps)  and  then  is 
routed  through  the  wing  to  each  blade.  Each  pair  of  ducts  combines  into 
one  single  duct  in  order  to  pass  through  the  torque  shaft  into  the  blade,  in 
the  blade  the  gas  is  again  routed  through  paired,  separate  ducts,  turned 
90  degrees,  and  ejected  at  the  trailing  edge  of  the  blade.  All  the  ducts  are 
insulated  to  reduce  heat  flux;  bellows  are  utilized  to  allow  for  thermal  ex¬ 
pansion;  and  seals  at  the  blade  root  are  installed  to  permit  rotation  for 
blade  feathering. 


158 


Installation  Workstand 
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Fore,  Aft,  and  Lateral  Relative 
Movement  Capability  of  Sling  for 
Engine  Alignment  Corrections 


Stl  Relative 
of  Sling  for 
■rections 
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Nozzle  fairings  are  installed  in  the  blade  trailing  edge  in  the  form  of 
upper  and  lower  hinged  doors,  which  are  aerodynamically  balanced  and 
spring-loaded  to  the  closed  position.  No  actuators  are  necessary  because 
gas  pressure  opens  the  fairings  and  holds  them  open  during  the  helicopter 
operation.  The  spring-loaded  fairings  close  and  provide  an  uninterrupted 
faired  trailing-leading  edge  on  the  blades  when  the  gas  flow  is  diverted  to 
the  tail  pipe  for  autogyro  and  airplane  flight. 


FUEL  SYSTEM 


The  fuel  system  (Figure  89)  comprises  the  tanks,  pumps,  valves,  filters, 
and  attendant  plumbing.  Two  tanks,  each  with  a  l,  500-pound  usable  fuel 
capacity,  are  used;  one  tank  is  mounted  forward  and  one  tank  is  mounted 
aft  of  the  cargo  compartment.  Tanks  are  shaped  to  permit  full  utilization 
of  the  fuel.  Each  tank  is  equipped  with  two  pumps  installed  in  parallel, 
with  check  valves  to  prevent  cross  flow.  This  provides  a  system  tha..  is 
fail-safe,  since  any  one  pump  has  the  capacity  to  supply  the  engine  with 
the  required  fuel.  Fuel  management  is  effected  through  the  use  of  pump 
sequencing.  Normally,  the  engine  is  fed  from  both  tanKS,  and  levels  re¬ 
main  relatively  even.  Therefore,  only  limited  management  is  required. 
For  fire  protection,  motor-driven  shutoff  valves  are  installed  at  the  tanks 
and  fire  wall. 


POWER  CONTROL  SYSTEM 


Simplicity  of  operation,  reliability,  and  safety  were  the  prime  considera¬ 
tions  in  the  design  of  the  power  control  system.  This  philosophy  has  re¬ 
sulted  in  a  direct,  uncomplicated  system  for  controlling  engine  thrust  to 
satisfy  the  requirements  for  helicopter  flight,  conversion,  and  operation 
as  a  fixed-wing  aircraft. 

The  engine  hydromechanical  fuel  control  unit  regulates  the  flow  of  fuel  in 
accordance  with  the  power  setting  selected  by  the  pilot.  The  power  control 
system  consists  of  the  linkages,  levers,  and  cables  connecting  the  fuel 
control  unit  to  the  cockpit  controls  (see  Figure  90).  Power  settings  may 
be  changed  either  by  the  throttle  quadrant  or  the  twist  grip  on  the  collec¬ 
ts.’  stick,  depending  upon  the  flight  mode. 

The  throttle  quadrant  is  installed  in  the  center  console  and  provides  a  full 
range  of  control  of  the  engine  from  OFF  to  MILITARY  power  settings.  The 
throttle  lever  has  full  authority  and  is  used  to  start,  idle,  conduct  opera¬ 
tional  checks,  and  shut  down  the  engine,  as  well  as  to  control  power  in  the 
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Figure  89.  Fuel  System  -  Normal  Mission. 


Overspeed  Limiter 
and  Throttle 
Governor  Actuator 


Manual  Twist  Grip 


Figure  90.  Engine  Power  Control  System. 

airplane  mode.  The  lever  is  free  to  move  in  either  direction  to  advance 
or  retard  power  as  required;  but  for  safety,  to  prevent  inadvertent  engine 
shutdown  by  movement  below  IDLE,  it  is  provided  with  a  stop  that  must  be 
lifted  to  move  the  lever  below  IDLE.  Since  the  throttle  lever  is  linked 
directly  to  the  engine,  it  serve*  as  an  indicator  of  the  true  position  of  the 
fuel  control  power  lever  at  all  times. 

When  switching  to  the  helicopter  mode,  the  rotor  speed  sensing  and  govern¬ 
ing  system  is  energized.  The  governing  system  must  be  sv/itched  off  for 
manual  operation  by  twist  grip  if  desired.  The  function  of  the  rotor  speed 
sensing  and  governing  system  is  to  provide: 

1.  Beep  control  of  the  throttle  setting  to  provide  desired  rotor  rpm 
within  a  limited  range  (96  to  100  percent  Nr). 

2.  Automatic  governing  to  maintain  the  rotor  speed  selected  by  the 
beep  control. 

3  Overspeed  control  to  limit  the  rotor  speed  to  104  percent. 
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COOLING  SYSTEMS 


The  cooling  problem  has  been  approached  in  a  str aig’nforward  manner  by 
using  insulation  to  reduce  the  heat  flux  and  heat  rejection  requirements 
and  by  providing  the  necessary  cooling  airflow.  The  main  ar?as  requiring 
cooling  are  -:hose  adjacent  to  the  hot  gas  system  and  the  engir  ,  and  the 
rotor  lubrication  system.  For  ground  operation  with  the  rotor  stopped, 
cooling  air  is  induced  into  the  forward  engine  compartment  by  a  pair  of 
ejectors  utilizing  air  from  the  engine  compressor.  The  tail  pipe  exit  func¬ 
tions  as  an  ejector  nozzle  to  induce  cooling  airflow  into  the  aft  engine  com¬ 
partment  and  along  the  tail  pipe.  In  the  heT'copter  mode,  the  forward 
engine  compartment  continues  to  be  cooled  by  the  ejectors,  but  centrifugal 
pumping  of  the  rotor  replaces  the  tail  pipe  ejector  and  draws  cooling  air 
into  the  aft  engine  compartment,  up  through  the  hub,  and  out  the  wing  to 
the  blade  attachment,  where  it  exhausts.  Blade  cooling  air  is  taken  in  at 
the  root  of  the  blade,  is  centrifugally  pumped  by  the  rotor,  and  is  ejected 
at  the  blade  tip. 

When  switching  to  the  airplane  flight  mode,  ram  air  provides  cooling  of 
the  forward  engine  compartment  and  the  ejectors  are  shut  off.  In  this 
mode,  the  tail  pipe  ejector  once  again  induces  cooling  airflow  into  the  aft 
engine  compartment  and  along  the  tail  pipe. 

The  rotor  lubricating  system  utilizes  circulating  oil  for  bearing  and  ac¬ 
cessory  gearbox  lubrication  and  cooling.  Airflow  past  the  rotor  bearing 
housing  and  components  maintains  the  oil  temperature  at  a  safe  level. 
Provisions  have  been  made  to  install  an  air-oil  heat  exchanger  if  it  is  re¬ 
quired  for  additional  cooling. 


STARTING  SYSTEM 


The  air  turbine  starting  system,  which  was  selected  because  of  ifs  light 
weight  and  simplicity,  is  designed  for  ground  starting  utilizing  an  MA- 1A 
gas  turbine  compressor.  Since  the  mission  of  this  aircraft  is  research, 
on-board  starting  capability  was  considered  to  be  i  appropriate  and  was 
not  provided  On-board  starting  capability  for  an  operational  aircraft  can 
be  installed  .  eadiiy  for  only  7  5  pm  ids  of  additional  weight. 


ENGINE  LUBRICATION  SYSTEM 


The  engine  lubrication  system  is  completely  contained  mi  the  engine.  Serv¬ 
icing  and  venting  the  system  are  accomplished  by  a  j.  -ss  ire-filling  system 
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utilizing  easily  accessible  quick-disconnect  fittings.  The  pressure  oiler 
includes  a  continuity  checker  for  determining  filling  requirements  and 
chip  detection. 


FIRE  PROTECTION 

A  primary  consideration  in  the  design  of  the  Rotor/ Wing  aircraft  has  been 
the  preclusion  of  fire  hazards.  Combustibles  have  been  isolated  from 
ignition  sources  by  proper  routing,  draining,  venting,  and  insulating. 
Every  effort  has  been  made  to  eliminate  potential  'ine  failures  by  using 
conservative  design  practices  such  as  generous  radii  provisions  for  rela¬ 
tive  movement  and  by  using  simple  and  short  routing.  Fire  zones  have 
been  established  to  localize  and  contain  hazards. 

Fire  and  overheat  detection  systems  have  been  incorporated  as  shown  in 
Figure  91.  The  systems  utilize  heat-sensing  elements  to  alert  the  pilot  in 
case  an  overtemperature  condition  exists.  A  fire  extinguishing  system  is 
installed  for  the  forward  engine  compartment.  Fire  in  the  forward  engine 
compartment  is  indicated  by  lights  contained  in  the  fire  extinguisher  pull 
handle.  Pulling  the  handle  will  discharge  the  fire  extinguisher  agent. 
Bromotrifluoromethane  has  been  selected  as  the  extinguishing  agent  in 
view  of  its  effectiveness,  noncorrosiveness,  and  low  toxicity. 


Lower  Fire  \vall 


ELECTRICAL,  HYDRAULIC,  AND  MECHANICAL  SYSTEMS 


ELECTRICAL  SYSTEM 

The  electrical  system  shown  in  Figure  92  is  designed  as  simply  as  possible 
with  the  minimum  number  of  components  to  ensure  maximum  reliability, 
lowest  cost,  and  lightest  weight.  Experience  has  shown  that  the  inclusion 
of  automatic  control  devices  such  as  current  limiters  does  not  provide  the 
additional  safety  and  convenience  that  might  be  expected.  On  the  contrary, 
these  auxiliary  circuits  often  result  in  increased  weight  and  cost,  add  sig¬ 
nificantly  to  service  requirements,  and  are  a  potential  source  of  electrical 
and  mechanical  failure.  Therefore,  the  CRA  design  philosophy  has  been 
to  eliminate  all  nonessential  items  and  to  keep  the  basic  system  as  simple 
as  possible. 

The  electrical  system  selected  for  the  CRA  consists  of  a  28-volt  direct- 
current  primary  system  and  a  secondary  alternating-current  system.  The 
primary  system  derives  power  from  a  dc  generator,  and  the  secondary 
system  employs  static  inverters  that  operate  from  the  primary  system. 

This  selection  results  in  a  lightweight  system  that  has  excess  generating 
capacity  and  operating  margins  to  permit  safe  autorotational  night  landings 
and  conversion  from  airplane  to  helicopter  mode  using  battery  power  only. 
In  the  event  of  an  engine  failure,  the  low  bus  load  allows  15  minutes  for 
conversion  to  autogyro  mode  and  provides  for  a  safe  autorotational  night 
landing  requiring  only  75  percent  residual  battery  energy. 

Ground  power  may  be  supplied  ^y  any  of  the  existing  28-volt  military 
ground  power  units  of  a  standard  military  aircraft  battery  of  sufficient 
capacity.  The  design  includes  an  interlock  to  prevent  damage  to  the  sys¬ 
tem  by  removing  the  on-board  battery  from  the  line  when  external  power 
is  connected. 

The  electrical  system  designed  for  the  CRA  is  more  than  adequate  to  pro¬ 
vide  for  the  needs  of  a  research  aircraft;  it  is  a  conventional  system  using 
off-the-shelf  components  employed  in  the  most  direct  and  uncomplicated 
manner. 


Instruments  and  Navigation  Equipment 


The  primary  mission  of  the  Hot  Cycle  Rotor/Wing  CRA  is  to  perform  as 
a  research  aircraft  for  evaluation;  consequently,  only  limited  adverse- 
weather  or  night  operations  are  required  or  anticipated.  Sufficient  instru¬ 
mentation  is  provided  to  ensure  that  the  pilot  can  control  and  operate  the 
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Figure  92.  Electrical  System  Schematic  Diagram  (Sheet  2  of  2) 


aircraft  and  perform  test  flight  maneuvers  and  navigation  within  the  limits 
of  the  CRA  mission. 

Instruments 

The  instrument  panel  has  dual  flight  and  engine  instruments:  one  set  for 
the  pilot  and  one  set  for  the  copilot  with  utility  instruments  located  in  the 
center  console.  Flight  instruments  are  arranged  in  the  basic  T-layout. 

A  flashing  fire-warning  indicator- switch  combination  is  centered  between 
the  pilot  and  copilot  at  the  top  of  the  instrument  panel.  Other  warning 
lights  are  located  at  the  top  and  center  of  both  the  pilot's  and  copilot's 
panels.  The  caution  and  advisory  lights  are  grouped  on  the  center  portion 
of  the  instrument  panel. 

The  console  contains  switches,  radio  and  navigation  equipment  controls, 
and  landing  gear  and  flight  controls.  An  overhead  panel  contains  circuit 
breakers,  light  switches,  and  various  electrical  controls.  Both  the  con¬ 
sole  and  overhead  panel  are  readily  accessible  to  both  pilots. 

Lights  * 

A  600-watt  retractable  landing  light  is  located  on  the  underside  of  the  air¬ 
craft  forward  of  the  nose  wheel.  For  taxi  purposes,  a  450-watt  light  is 
mounted  on  the  steerable  nose  wheel  strut.  Each  of  these  lights  may  be 
controlled  by  either  the  pilot  or  the  copilot  (see  Figure  93). 

Red  and  green  position  lights  for  safe  operation  are  located  on  the  sides  of 
the  forward  fuselage  section.  The  white  position  light  is  located  on  the  aft 
end  of  the  fuselage  tail  cone.  Two  anticollision  lights  are  provided.  To 
provide  maximum  visibility,  one  anticollision  light  is  located  atop  the  ver¬ 
tical  stabilizer  and  the  other  is  located  on  the  underside  of  the  fuselage. 

Complete  cockpit  illumination  is  included  in  the  form  of  a  dome  light, 
utility  lights,  panel  lights,  console  lights,  radio  control  lights,  and  over¬ 
head  panel  lights.  Variable  switches  are  provided  for  the  control  of  light¬ 
ing  intensity  for  each  group  on  the  instrument  panel.  Each  group  can  be 
independently  controlled.  The  cargo  compartment  and  cockpit  entryway 
are  lighted  by  dome  lights.  A  portable  utility  light  with  coiled  cord  ie 
stowed  on  board  for  convenience  illumination  (see  Figure  94). 
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Nose  Wheel  Gear 

Figure  93.  Exterior  Lighting  and  Antenna. 


Two  Utility  Lights 
(Red/ White,  Spot/Flood) 


Figure  94.  Interior  Lighting. 
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AVIONICS  SYSTEM 


The  radio  communication  and  navigation  equipment  has  been  combined  into 
a  single  integrated  system  to  provide  maximum  usefulness  (see  Figure  95). 
This  optimum  system  coordinates  the  radio  mechanism  with  few  controls 
and  an  indicator  so  that  the  pilot  can  quickly  obtain  information  for  flight 
control  and  effective  mission  performance.  The  overall  simplicity  has 
been  maintained,  and  all  components  are  readily  accessible.  The  equip¬ 
ment  selected  for  the  CRA  is  from.  the  LOH  lightweight  avionics  package 
being  developed  for  the  U.  S.  Arm/  These  compact  units  provide  high 
output  power  with  low  input  power  and  represent  a  major  breakthrough  in 
communication  and  navigation  equipment.  Below  is  a  list  of  the  units  to 
be  used. 

Directional  Gyro  Indicated  —  * 


Figure  95.  Avionics  Block  Diagram. 
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AN/ARC- 116  UHF-AM  Transceivers 


Complete  air-to  -  surface  and  air  to-air  voice  communications  between 
military  aircraft  in  the  continental  United  States  are  provided  by  this 
equipment.  It  has  3,  500-channel  tuning  on  50-kc  separation  in  a  fiequenry 
range  of  225  to  399.  95  me;  it  can  also  be  used  for  retransmission  or  for 
data  transmission,  or  as  a  guard  receiver. 

AN/ARC- 115  VHF-AM  Transceiver 

This  equipment  provides  complete  air-to-surface  and  air-to-air  voice 
communication  between  military  and  commercial  aircraft  in  the  continental 
United  States.  It  has  1,  360  channels  on  25-kc  spacing  in  the  frequency 
range  of  116  to  149.  97  5  me.  This  transceiver  can  also  be  used  for  re¬ 
transmission  and  data  transmission. 

AN/ARN  -  LF/MF  Automatic  Direction  Finder 

Automatic  df,  manual  df,  and  a  radio  receiver  provide  capability  tor  oper¬ 
ation  in  the  100-kc  to  3,  000-kc  range. 

C-6533/ARC  Intercom  Panel  (2  Units) 

Interphone  operation,  audio  level,  and  radio  switching  control  are  provided 
by  this  equipment.  It  is  compatible  with  all  the  communication  units  used 
ir.  the  CRA. 

H-101  Headset/Microphone  Unit 

Two  headset/microphone  units  are  included. 


HYDRAULIC  AND  MECHANICAL  SYSTEMS 


The  hydraulic  and  mechanical  systems  of  the  Hot  Cycle  Rotor/ Wing  Air¬ 
craft  were  designed  with  safety,  reliability,  simplicity  ,  and  light  weight 
as  primary  objectives.  State-of-the-art  materials,  parts,  and  processes 
were  used. 

Flight  Controls 


A  conventional,  irreversible,  power-operated  system  is  provided  for  th^ 
operation  of  tlie  flight  controls.  Power  is  supplied  by  two  independent 
hydraulic  systems,  with  each  system  serving  as  a  continuous  backup  for 
the  other  (see  Figure  96,.  Conventional  helicopter-type  cyclic  sticks, 
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collective  sticks,  and  rudder  pedals  are  provided  in  the  cockpit  for  the 
pilot  and  copilot,  and  are  connected  together  through  mechanical  linkages 
and  cables  to  dual-tandem  hydraulic  actuators  that  operate  the  control 
surfaces  and  rotor  controls  in  helicopter  fligin,  and  the  rudder  and  elevens 
in  airplane  flight.  Pilot  control  motions  are  transmitted  to  the  rotor  area 
by  cables  that  terminate  at  the  mechanisms  that  control  the  servo  valves 
on  the  swashplate  actuators. 

To  reduce  the  oscillating  bending  moments  that  occur  in  the  blades  in  high¬ 
speed  helicopter  flight  and  at  the  same  time  to  reduce  blade/ rotor-induced 
fuselage  vibration,  an  automatically  adjustable  mechanism  has  been  incor¬ 
porated  to  apply  2-per-rev  cyclic  pitch.  The  amplitude  of  the  2-per-rev 
input  is  automatically  varied  in  helicopter  and  autogyro  flight  with  airspeed. 
This  mechanism  has  the  effect  of  reducing  the  pitch  of  the  blade  over  the 
forward  and  aft  sectors  of  the  rotor  disc  and  increasing  the  pitch  over  the 
lateral  sectors,  thereby  distributing  the  lift  around  the  rotor  more  uni¬ 
formly  and  reducing  the  oscillating  blade -root  bending  moments. 

For  airplane  flight,  it  is  necessary  to  deactivate  the  rotor  controls.  This 
is  accomplished  by  a  simple  mechanism  between  the  mixer  and  servo 
valves  (see  Figure  Vi ).  No  physical  disconnection  or  declutching  is  used. 
The  deactivation  simply  reorients  the  control  linkage  so  that  pilot  control 
motions  produce  no  movement  at  the  servo  valves.  When  deactivated, 
positive  mechanical  centering  holds  the  Rotor/ Wing  blade  pitch  in  the  zero 
blade  pitch  position. 

The  cyclic  stick  is  continuously  connected  to  the  elevens  through  tandem 
servo  actuators  for  lateral  and  longitudinal  control  in  the  airplane  mode. 

The  two  elevens  move  in  unison  with  fore  and  aft  cyclic  stick  motion  for 
pitch  control  of  the  aircraft  and  move  differentially  with  lateral  stick  mo¬ 
tion  for  roll  control.  Rudder  pedals  are  connected  to  the  yaw  fan  blade 
pitch  control  and  rudder  through  a  tandem  servo  actuator  for  all  modes  of 
flight. 

Directional  control  in  helicopter  mode  is  provided  by  the  yaw  fan.  The 
yaw  fan  is  driven  by  the  rotor  through  an  accessory  gearbox,  connecting 
shafting,  and  intermediate  gearboxes.  In  airplane  mode,  doors  close  over 
the  fan  to  reduce  drag,  and  yaw  control  is  achieved  by  conventional  rudder 
displacement. 

Artificial  feel  devices  are  incorporated  in  the  lateral,  longitudinal,  and 
directional  control  systems  to  provide  the  pilot  with  the  characteristics  of 
an  unpowered  system.  No  automatic  stabilization  system  is  required  in 
any  flight  mode. 


•  MJk 
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Input  (Mixer -to 
Deactivator) 


Output  (Deactivator- 

to-Swashplate 

Actuators) 


Figure  97.  Rotor/Wing  Control  Deactivator. 


Hydraulics 

Hydraulic  power  is  provided  by  two  independent  hydraulic  systems,  each 
with  its  own  pumps,  accumulators,  filters,  and  valves  (see  Figure  98). 

The  flight  control  system  is  normally  powered  by  an  engine-driven  vari¬ 
able  delivery  pump,  with  a  secondary  power  source  provided  by  a  ram-air 
turbine-driven  variable  delivery  pump.  The  secondary  or  utility  system 
power  is  supplied  by  an  engine-driven  variable-delivery  pump,  with  its 
backup  power  source  being  a  Rotor/ Wing-driven  pump.  Both  systems  op¬ 
erate  at  the  conventional  and  well-proven  3,  000-psi  pressure. 

Hydraulic  fail-safe  capabilities  are  provided  by  the  incorporation  of  the 
two  independent  systems.  Through  the  use  of  dual  tandem  actuators,  the 
output  of  both  systems  is  used  to  power  each  of  the  primary  flight  control 
systems  with  one  system  providing  a  continuously  operating  backup  for  the 
other.  Should  one  system  fail,  the  other  continues  to  supply  power  for  un¬ 
interrupted  flight  control  operation  without  requirement  for  pilot  action. 
Actuation  of  the  diverter  valve,  Rotor/Wing  locks,  and  inlet  duct  assembly 
is  accomplished  by  single-ended  actuators,  each  incorporating  two  electric 
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1.  Pump  -  Engine  Driven,  Flight  Control  and  Utility 

3.  Pump  -  Koto r /\V i ng  Driven 

3.  Pump  -  Ram -Air  Turbine  Driven 

4.  Reservoir,  Flight  Control  and  Utility 

5.  Accumulator 

0.  Actuator  -  Sw  ash  plate 

7.  Actu  itor  -  Elevon 

8.  Actuator  -  Rudder 

9.  Actuator  -  Rotor/W  ing  Locator 

10.  Actuator  -  Inlet  Duct,  Retractable 

11,  Actuator  -  Winy  and  BLade  Locks 

1  ^ .  Actuator  -  Power  Diverter  Valve 

13.  Actuator  -  Yaw  Fan  Doors 

H.  Actuator  -  Main  Landing  Gear 

15.  Actuator  -  Nose  Landing  Gear 

lb.  Actuator  -  Nose  Wheel  Steering 

17.  Actuator  -  Gear  Up  Lock 

18.  Valve  -  Power  Brake 

19.  Valve  -  Landing  Gear  Selector 

<30.  Valve  -  Nose  Wheel  Steering  Control 
<31.  Valve  Shutoff  Normally  Closed,  Rotor/Wing  Brake 
and  Nose  Wheel  Steering 
33.  Valve  Shutoff  Normally  Open,  Checkout 
of  Systems  Emergency  Operations 
<3  3.  Valve  -  Fire  Wall  Shutoff 

14.  Filter  -  Pressure  Line 

<35.  Filte  r  -  Return  Line 

<3b.  Switch  -  Low  Pressure 

37.  Switch  -  Pressure  Normally  Open 

38.  Switch  -  Pressure  Normally  Closed 

39.  Transmitter  -  Pressure 

30.  Gage  -  Pressure 

31.  Valve  -  Air  Charging 

33.  Valve  -  Minicheck 

3  3.  Valve  -  Minicheck 

34.  Brake  Assembly  -  Kotor/Wing 

3~.  Brake  Assembly  -  Main  Wheel 

3o.  Restrictor  -  One  Way- 

37.  Coupling  -  Ground  Service,  Return 

38.  Coupling  -  Ground  Service,  Pressure 
3'-'.  Valve  -  Steer/Damper 


Figure  98.  Hydraulic  System  Schematic  Diagram 


solenoid-operated  valves.  One  valve  is  connected  to  the  flight  control 
hydraulic  system,  and  the  other  vai\~  is  connected  to  the  utility  system 
control  valve.  If  the  utility  hydraulic  system  malfunctions,  a  differential 
pressure  switch  automatically  diverts  hydraulic  power  to  the  flight  control 
system  control  valves. 

Hydraulic  power  from  the  utility  hydraulic  system  is  provided  for  normal 
operation  of  the  main  and  nose  landing  gears  and  their  locks.  The  landing 
gear  is  controlled  by  an  electrically  operated  directional  valve.  Limit 
switches  in  the  uplocks  deenergise  the  landing  gear  control  valve  when  the 
gear  is  up  and  locked,  thereby  depressurizing  the  landing  gesr  actuators. 

*  Hydraulic  pressure  is  continually  maintained  on  the  actuators  when  the 

gear  is  down. 

Landing  Gear 

The  main  landing  gear  (see  Figures  99  and  100)  is  a  single-tire  laterally 
articulating  configuration.  The  tire  size  is  11.  00-12  Type  III  (tubeles 
Retraction  is  accomplished  by  shrinking  the  oleo  leg  and  folding  the  axle 
fork;  this  folds  the  wheel  into  the  bottom  of  the  fuselage.  A  lock  secures 
the  gear  in  the  retracted  position.  Free-fall  emergency  extension  of  the 
landing  gear  is  accomplished  oy  manual  release  and  gear  weight.  Locking 
in  the  down  position  is  accomplished  by  overcenter  linkages  aided  by  me¬ 
chanical  springs. 

The  nose  landing  gear  (see  Figure  101)  is  a  dual  corotating  wheel  attached 
to  a  cantilevered  oleo.  The  tire  size  is  18  x  4.  4  Type  VII  (tubeless).  The 
gear  retracts  forward  with  a  folding  drag  brace.  The  retraction  system 
utilizes  jury  links  to  position  the  lower  drag  brace,  which  is  arranged  to 
lock  the  gear  in  both  the  up  and  the  down  position.  In  an  emergency  situa¬ 
tion,  the  nose  gear  will  free-fall  to  the  down  and  locked  position. 

Nose  wheel  steering  is  accomplished  through  use  of  a  hydraulic  steering 
actuator.  Hydraulic  power  for  nose  wheel  steering  is  provided  by  the  util- 
f>  ity  hydraulic  system  when  the  landing  gear  control  valve  is  in  the  down 

position.  Steering  directional  control  is  accomplished  by  operation  of  the 
rudder  pedals,  which  are  connected  to  the  steering  actuator  control  valve 
through  mechanical  linkage.  Steering  is  automatically  engaged  when  the 
aircraft  weight  is  on  the  nose  wheel.  A  switch  is  provided  on  the  cyrclic 
stick  grip  to  deenergize  the  nose  gear  steering  if  desired. 

Main  wheel  brakes  are  individually  controlled  by  operation  of  brake  control 
valves  through  mechanical  linkage  to  the  rudder  toe  pedals.  The  wheel 
brake  system  incorporates  power  brake  control  valves  having  both  a  nor¬ 
mal  and  an  emergency  mode  of  operation.  For  normal  jperation  of  the 
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Figure  99.  Main  Landing  Gear  -  Extended 


wheel  brakes,  hydraulic  pressure  is  supplied  by  the  utility  hydraulic  sys¬ 
tem  and  metered  to  the  wheel  brakes  by  brake  control  valves.  When  the 
utility  hydraulic  system  is  not  in  operation,  the  power  brake  valves  act  as 
master  cylinders  to  provide  hydraulic  pressure  for  the  brake  operation. 

Rotor  Brake 


During  the  mode  conversion  from  autogyro  to  airplane,  the  rotor  brake  in 
conjunction  with  collective  pitch  provides  a  decelerating  torque  to  reduco 
the  rotational  speed  in  preparation  for  stopping  the  rotor  and  positioning 
the  wing  by  the  locator.  Braking  is  accomplished  by  toe  pressure  or  the 
rudder  pedals,  which  are  connected  to  the  rotor  brake  control  valve  by 
mechanical  lines.  Either  or  both  rudder  toe  pedals  may  be  used  to  apply 
the  brake.  The  utility  hydraulic  system  supplies  the  power  to  the  brake 
control  valve  through  a  shutoff  valve  that  supplies  pressure  only  below  40 
percent  rotor  speed,  thereby  eliminating  the  possibility  of  inadvertent 
brake  application.  The  brake  is  capable  of  reducing  the  rotor  speed  from 
40  percent  to  5  rpm  in  5  seconds  without  introducing  undue  yaw  loads 
to  the  aircraft.  In  the  event  that  utility  system  hydraulic  power  is  lost, 
the  brake  control  valve  acts  as  a  master  cylinder  to  provide  hydraulic 
pressure  for  manual  operation. 

Rotor/ Wing  Locator 

The  Rotor /Wing  locator  consists  of  a  channel  incorporating  a  spring- 
loaded  ratchet  and  an  air-oil  shock  absorber  stop  activated  by  a  single- 
ended,  dual-control  valve  hydraulic  actuator  (see  Figure  102).  When  the 
rotor  reaches  a  speed  of  5  rpm  on  run-down,  the  hydraulic  actuator  is 
activated  by  the  mode  selector  switch  and,  in  sequence,  raises  the  locator 
to  engage  the  locator  pin  that  is  located  on  the  underside  of  the  Rotor/ Wing. 
The  pin  passes  over  the  spring-loaded  ratchet  and  is  decelerated  to  a  stop 
upon  engagement  of  the  shock  absorber.  The  air  spring  in  the  shock  ab¬ 
sorber  then  returns  the  rotor  to  the  ratchet  stop,  where  it  is  held. 

Rotor  Locks 


After  the  Rotor/ Wing  has  been  brought  to  a  stopped  position  by  the  locator, 
the  rotor  is  then  locked  to  the  fuselage  at  three  points.  Two  are  located 
across  the  aircraft  from  each  other  at  tile  centerline  of  the  rotor  to  stiffen 
the  wing-to-fuselage  attachment  in  the  rolling  moment  direction.  The  third 
wing-to-fuselage  lock  is  located  forward  ol  the  rotor  centerline  and  en¬ 
gages  the  wing  to  stiffen  the  wing-to-fuselage  attachment  in  a  pitching 
moment  direction  (see  Figure  103). 


Rotor/Wing  Fin 
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1.  Locator  Retracted, 
Rotor/Wing  Rotating 


2.  Locator  Extended, 
Rotor/ Wing  Pin 
Depressing  Ratchet 


3.  Slide  Engaged  by 
Rotor/Wing  Pin; 
Shock  Absorber 
Compressed 
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Rotor/Wing  Locator 


4.  Rotor/ Wing  Stopped 

and  Located  for  Fixed- 
Wing  Airplane  Mode 


Figure  102.  Rotor/Wing  Locator. 


Blade  Locks 


Blade-to-wing  locks  (see  Figure  104)  have  been  installed  to  fix  the  blade 
to  the  wing  under  torsion  loads.  These  locks  are  engaged  after  the  rotor 
has  stopped.  Engagement  of  the  blade  locks  is  accomplished  by  the  action 
of  locking  the  wing  to  the  fuselage  to  preclude  completely  the  possibility 
of  blades  being  locked  in  the  rotating  rotor  condition. 

Engine  Duct  Assembly 

To  provide  an  aerodynamically  efficient  engine  inlet  in  the  airplane  mode 
and  to  provide  blade  clearance  for  the  rotor  turning  in  the  helicopter  mode, 
the  engire  inlet  assembly  is  made  retractable;  it  extends  upward  to  the 
underside  of  the  forward  blade  in  the  airplane  mode  and  retracts  into  the 
fuselage  for  the  helicopter  and  autogyro  modes.  The  assembly,  extending 
from  the  canted  cockpit  bulkhead  to  the  forward  edge  of  the  engine 
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Figure  104.  Wing  and  Blade  Locks. 
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bellmouth,  is  an  inverted  U-section  that  seals  against  the  underside  of  the 
forward  blade  (see  Figure  105). 

The  inlet  duct  assembly  mechanism  consists  of  two  sets  of  scissors  on 
each  side  linked  together  with  torque  tubes.  Centrally  located  bellcranks 
attached  to  each  torque  tube  are  operated  by  a  single -ended,  dual-control- 
valve  hydraulic  actuator  that  is  controlled  by  the  mode  selector  switch 
mounted  on  the  collective  control  stick. 

Rollers,  incorporated  with  each  scissor  pickup  fitting,  traverse  in  the 
vertical  tracks  provided  in  the  fixed  fuselage  structure. 

Yaw  Fan  Drive  System 

A  hypercritical-speed  shaft  design  was  chosen  to  provide  maximum  sim¬ 
plicity  and  reliability  for  the  yaw  fan  drive  system  (see  Figure  106).  This 
type  of  system  is  a  simple  extension  of  the  tail  rotor  drives  proven  so  suc¬ 
cessfully  on  the  HTC-AD  269A  and  OH-6A  helicopters.  It  is  admirably 
suitable  for  this  type  oi'  application  and  has  the  added  advantage  of  reducing 
the  overall  vibration  level  of  the  aircraft. 

As  shown  in  Figure  106,  the  yaw  fan  is  driven  by  lightweigi.c  shafting,  run¬ 
ning  from  a  power  takeoff  at  the  rotor  accessory  gearbox  through  inter¬ 
mediate  gearboxes,  to  the  yaw  fan  gearbox. 

The  shaft  between  the  forward  and  aft  intermediate  gearboxes  incorporates 
flexible  couplings  at  each  end  that  do  not  require  lubrication  and  have  high 
reliability  and  a  long  service  life.  Two  supports  are  located  to  permit  the 
operating  speed  to  fall  within  the  fifth  and  sixth  critical  speeds.  This  drive 
configuration  and  operating  speed  permit  the  torsional  natural  frequency  to 
be  maintained  at  between  5  and  6  cps  to  eliminate  the  possibility  of  excita¬ 
tion  by  the  pilot  The  gearboxes  are  smaller  and  more  lightly  loaded  as  a 
result  of  the  high  rpm  and  low  torque  used  in  tr ansmitting  the  required 
power. 

The  yaw  fan  is  a  6-bladed  configuration  with  a  4.  7-foot  diameter;  it  turns 
at  a  speed  of  2,  930  rpm  and  incorporates  a  blade  pitch  change  of  ±20  de¬ 
grees.  The  yaw  fan  gearbox  utilizes  a  conventional  gear  system  of  spiral 
bevel  meshes  and  lightweight  housing.  A  short  shaft  connects  the  yaw  fan 
gearbox  to  the  aft  intermediate  gearbox  with  flexible  couplings  at  each  end. 
The  intermediate  gearboxes  utilize  spiral  bevel  gears  o f  1:1  gear  ratio. 

A  self-contained  lubrication  system  is  used.  A  Rotor/ vViug  brake  is  pro¬ 
vided  on  the  forward  intermediate  gearbox  output  shaft. 
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Engine  Inlet 
Bellmouth 


Retractable  Inlet  Duct. 


Fan  Forward  Intermed 


Figure  106.  Yaw  Fan  Drive  System. 


Accessory  Gearbox 


The  Rotor/ Wing  hub  structure  serves  a  dual  purpose  in  that  it  accommo¬ 
dates  the  rotor  hub  main  bearing  assembly  and  accessory  drive  ring  gear. 
The  ring  gear  is  attached  to  the  rotating  hub  structure,  which  drives  inde¬ 
pendent  power  takeoffs  through  conventional  spur  gearing  for  the  yaw  fan 
drive  shaft,  hydraulic  pump,  oil  pressure/ scavenger  pump,  and  tachom¬ 
eter  (see  Figure  107). 

The  hydraulic  pump,  pressure/ scavenge  pump,  and  tachometer  are  bolted 
directly  to  the  power  takeoff  pad  on  the  underside  of  the  accessory  gearbox 
The  yaw  fan  drive  power  takeoff  assembly  is  bolted  to  the  underside  of  the 
accessory  gearbox  and  consists  of  a  conventional  input  spur  gear  with  a 
short  shait  connecting  it  to  the  forward  intermediate  gearbox. 

The  rotor  lubrication  system,  shown  in  Figure  108,  supplies  circulating 
lubricating  oil  for  the  rotor  main  bearing  and  accessory  gearbox.  The 
system  employs  a  dual  pressure  and  scavenge  pump  driven  from  the  ac¬ 
cessory  gearbox.  Lubricating  jets  direct  oil  to  the  main  bearing,  ring 
gear,  spur  gear  train,  and  bearings;  internal  gravity  drain  passages  di¬ 
rect  the  oil  to  the  scavenge  pump  and  return  it  to  the  reservoir. 

Ram-Air  Turbine 


To  provide  immediate  hydraulic  power  for  flight  control  in  the  event  of  an 
engine  power  failure  during  fixed-wing  airplane  flight,  a  ram-air  turbine- 
driven  hydraulic  pump  is  provided  (see  Figure  109).  Sufficient  emergency 
hydraulic  power  is  supplied  for  flight  control  and  for  accomplishing  con¬ 
version  to  autorotational  flight.  In  auto  rotational  flight,  the  rotor-driven 
hydraulic  pump  provides  additional  hydraulic  power. 

T..a  ram-air  turbine  pump  is  mounted  on  a  hinged  door  that  is  spring- 
loaded  for  opening.  The  pilot  extends  the  pump  into  the  airstream  by 
pulling  a  T-handle  to  release  the  door  latch.  Springs  and  overcenter  link¬ 
ages  open  the  door  and  lock  it  in  position. 

The  variable-pitch  turbine  blades,  sensing  turbine  load,  vary  pitch  to 
match  pump  output  to  hydraulic  power  demand. 
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Rotating  Swashplate 
Drag  Link 


Blade  Pitch 
Control  Rod 


2nd  Harmonic  Blade  Pitch 
Cam  Follower  and  Control 
Actuator  Assembly 
Nonrotating  Swashplate 


Rotating  Hub  Structure 


Accessory  Gearbox 
Ring  Gear 


Hub  Support  Structure 


Figure  107.  Hub  Assembly. 
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Rotor/W  ing  Bearing 


Swashplate 
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-DEI ~~r/r 

NORMAL  AND  EMERGENCY  OPERATING  PROCEDURES 


The  simp’e  design  concept  of  the  Hot  Cycle  Rotor/ Wing  CRA  with  its 
built-in  safety  features  permits  direct  and  uncomplicated  normal  and 
emergency  operating  procedures.  The  simplicity  of  the  concept  is  further 
enhanced  by  an  installation  utilizing  a  single  engine  of  proven  performance 
and  reliability,  by  the  fail-safe  features  of  two  independent  hydraulic  sys¬ 
tems,  and  by  the  immediate  capability  of  autorotation  Lorn  the  helicopter 
or  airplane  modes,  or  while  performing  conversion.  The  process  of  con¬ 
verting  to  autcrotative  flight  is  accomplished  by  simply  lowering  the  col¬ 
lective  stick  if  in  the  helicopter  mode,  or  by  unlocking  the  Rotor/Wing  and 
lowering  the  collective  pitch  to  a  negative  angle  if  in  the  airplane  mode. 

As  a  result  of  this  simplicity,  the  aircraft  is  controlled  in  any  flight  mode 
exclusively  through  the  use  of  the  following  six  major  controls: 

1.  Cyclic  stick  -  for  lateral  and  longitudinal  control. 

2.  Collective  stick  -  for  vertical  control  and  engine  control  in 
helicopter  mode. 

3.  Rudder  pedals  -  for  directional  control. 

4.  Throttle  lever  -  for  engine  power  control  in  airplane  mode. 

5.  Power  divert  switch  -  for  helicopter  thrust  or  airplane  thrust. 

6.  Mode  selector  switch  -  for  starting  or  stopping  the  Rotor/ Wing  in 
fl  ight. 

In  addition  to  the  !  ix  major  controls,  normal  switching  controls  are  pro- 
\ided  in  the  cockpit  for  the  control  of  subsidiary  systems. 


NORMAL  OPERATING  PROCEDURES 

Conventional  helicopter  dual  controls  are  used  ir.  the  CRA.  For  helicopter 
flight,  the  cyclic  ard  collective  sticks  are  connected  to  the  blades  through 
a  swashplate  for  vertical,  lateral,  and  longitudinal  control.  The  cockpit 
controls  are  continuously  connected  to  the  elevons  and  rudder,  but  these 
suriaces  are  largely  ineffective  for  controlling  the  aircraft  at  low  heli¬ 
copter  flight  speeds.  In  the  helicopter  mode,  the  rudder  pedals  are  used 
for  directional  control  through  the  yaw  fan,  and  the  engine  power  is  con¬ 
trolled  by  the  rotor  governor. 
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In  the  airplane  mode,  the  collective  stick  is  not  used;  the  Rotor /Wing 
controls  are  deactivated,  and  the  cyclic  stick  is  used  to  control  the  elevons 
for  lateral  and  longitudinal  control;  and  the  rudder  is  operated  through  the 
pedals  for  yaw  control.  The  yaw  fan  is  stopped  and  covered  by  fairing 
doors  so  that  it  is  no  longer  effective.  Engine  power  is  controlled  by  the 
throttle  quadrant  on  the  console  during  flight  in  the  airplane  mode. 

The  power  divert  switch  is  used  to  control  the  position  of  the  diverter 
valve  to  direct  thrust  to  the  blades  for  the  helicopter  mode  or  to  the  tail 
pipe  for  the  airplane  mode. 

As  an  aid  to  the  pilot,  an  artificial  feel  system  is  incorporated  in  the  roll, 
pitch,  and  yaw  systems  for  both  helicopter  and  airplane  flight.  These  feel 
forces  may  be  trimmed  to  zero  by  using  the  stick- mounted  beep  switches. 

Normal  operating  procedures  sequencing  is  presented  in  Figure  110  and 
delineated  in  Table  XXIX.  Normal  procedures  for  node  conversion  from 
helicopter  to  autogyro  and  from  autogyro  to  airplane  are  depicted  in 
Figures  111  and  112. 

EMERGENCY  OPERATING  PROCEDURES 

The  Hot  Cycle  Rotor/Wing  concept  provides  capabilities  under  emergency 
conditions  that  combine  the  safe  recovery  features  of  the  helicopter  and 
the  high  performance  airplane.  T)  v.  rotor  can  be  started  from  the  airplane 
mode  to  convert  to  autogyro  operation  using  aerodynamic  forces  alone,  and 
a  subsequent  safe  landing  can  be  made  without  power.  The  process  of  con¬ 
verting  to  autorotative  flight  is  accomplished  by  lowering  the  collective 
stick  when  in  the  helicopter  mode  or  by  unlocking  the  rotor  using  the  mode 
selector  switch  when  in  the  airplane  mode  and  then  lowering  the  collective 
pitch  to  a  negative  setting  to  start  the  rotor.  The  configuration  of  the  CRA 
with  the  cockpit  forward  ox  the  rotor  permits  use  of  zero-zero  ejection 
seats  in  any  flight  mode  to  effect  safe  evacuation  of  the  aircraft. 

Two  completely  independent  hydraulic  systems  power  the  flight  control 
system,  and  alternate  power  sources  are  available  for  both  systems  in 
any  flight  mode.  In  the  event  of  an  epgine  failure  in  the  helicopter  mode, 
the  rotor-driven  hydraulic  pump  supplies  the  power  for  control  during 
autorotative  flight.  If  an  engine  failure  should  occur  while  in  the  airplane 
mode,  conversion  to  autorotation  again  provides  the  necessary  control 
power.  The  ram-air  turbine-driven  pump  supplies  the  hydraulic  power 
during  conversion  to  ensure  that  full  hydraulic  power  is  available  while 
the  rotor  is  gaining  sufficient  speed  to  drive  its  pump  at  full  operating 
pressure. 
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Item  numbers  in  boxes  refer  to 
paragraph  numbers  of  normal 
procedures  (  Table  XXIX) 


Figure  110.  Functional  Chart. 
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TABLE  XXIX.  NORMAL  OPERATING  PROCEDURES 


Mode 

Operation 

Action 

1.  Engine  ground 
start 

a. 

Connect  engine  start  cart. 

Provides  air  supply  to  engine  air 
turbine 

b. 

Connect  external  electrical 
power  (24  v). 

Provides  power  to  air  starter  valve 
and  to  relay  providing  ac  power  for 
engine. 

c. 

Set  electrical  power  switch  to 
EXTERNAL. 

Check  dc  volts. 

d. 

Set  main  inverter  switch  to  ON. 

Check  ac  volts  and  frequency. 

e. 

Set  radio- intercom  appropriate 
radio  switches  to  ON. 

f. 

Push  appropriate  circuit 
breakers  in. 

K- 

Set  power  divert  switch  to 
AIRPLANE. 

Sets  diverter  valve  to  tail  pipe, 
deenergizes  Rotor/Wing  governing. 
Diverter  valve  linkage  sets  elevons 
to  airplane  trim  position. 

h. 

Set  nose  wheel  steering  switch 
to  DISENGAGE. 

i . 

Set  fuel  control  switch  to 
NORMAL. 

Selects  primary  fuel  system  on 
engine  fuel  control  unit. 

j- 

Check  throttle  at  OFF. 

k. 

Set  engine  electrical  power 
switch  to  ON. 

1 . 

Set  fuel  tank  shutoff  switches 
to  OPEN. 

m. 

Set  fuel  fire  wall  shutoff  valve 
switch  to  OPEN. 

n. 

Set  fuel  emergency  boost  pump 
switches  individually  to  ON; 
when  check  is  complete,  set 
both  to  OFF. 

Check  fuel  pressure  low  light  off. 

o. 

Set  fuel  boost  pump  switcher 
individually  to  ON;  when  check 
is  complete,  set  both  to  ON. 

Check  fuel  pressure  low  light  off. 

p- 

Press  warning  light  test  switch. 

Checks  all  warning,  caution,  and 
advisory  lights. 

q- 

Set  start  switch  to  ON. 

Opens  air  valve  to  engine  air 
turbine  starter,  arms  circuit  to  1 

ignition  switch  on  throttle  quadrant. 
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TABLE  XXIX  -  Continued 


Mode 

Operation 

Action 

r.  Advance  throttle  to  IDLE  when 
engine  rpm  (N^)  indicator  reads 

15  to  18  percent  rpm. 

Ignition  initiated  with  throttle 
advance;  engine  light-off,  indicated 
by  exhause  gas  temperature  and 
engine  speed,  should  occur  within 

30  seconds  after  advancing  throttle. 
Allow  engine  to  stabilize  within 
limits  to  ascertain  satisfactory 
start.  Start  switch  citomatically 
releases  and  closes  air  valve  when 
engine  starter  pad  speed  approaches 

50  percent  N^. 

l,  Set  generator  switch  to  ON. 

Connects  generator  to  essential  bus. 
Check  dc  volts  and  amperes.  Check 
ac  volts  and  frequency. 

t.  Select  electrical  power  switch 
to  BATTERY. 

Connects  battery  power  in  circuit 
and  disconnects  external  power. 
Provides  battery  charging  from 
generator. 

u.  Check  hydraulic  pressures 
(flight  control  and  utility). 

v.  Disconnect  engine  start  cart  and 
external  electrical  power. 

2.  Flight  mode 
selection  - 
helicopter 

a.  Place  collective  stick  in 

0-degrec  blade  angle  detent; 
center  cyclic  stick. 

b.  Set  mode  selector  switch  to 
ROTOR. 

This,  in  sequence: 

(1)  Retracts  wing  and  blade  locks, 
retracts  inlet  duct,  deflates 
pneumatic  seals,  opens  bay 
cooling  ejector  valve. 

(2)  Opens  yaw  fan  doors. 

(3)  Activates  Rotor/ Wing  controls. 

(4)  Retracts  Rotor/Wing  locator. 

c.  Set  power  divert  switch  to 

ROTOR. 

Sets  diverter  valve  to  ROTOR. 

Sets  Rotor/ Wing  governor  refer¬ 
ences.  Diverter  valve  linkage  sets 
elevon  trim  to  helicopter  position. 

d.  Advance  throttle  to  obtain  100 
percent  Rotor/Wing  rpm. 

e.  Check  Rotor/ Wing  lube  system 
pressure,  temperature,  and 
warning  light.  Check  flight 
control  hydraulic  system  pres¬ 
sure  and  warning  light.  Check 
utility  hydraulic  system 
pressure  and  warning  light. 
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TABLE  XXIX  -  Continued 


Mode 

Operation 

Ac  lion 

r. 

Set  flight  control  hydraulic 

Flight  control  system  pressure  gage 

system  checkout  switch  to 

goes  to  0  and  caution  light  ill  'min- 

CHECK.  Release  when  check 

ates.  Move  cyclic  and  rudder  con- 

is  complete. 

trols  and  verify  operation  of  control 
surfaces. 

fi. 

Set  utility  hydraulic  system 

Utility  system  pressure  gage  g  ss 

checkout  switch  to  CHECK. 

to  0  and  caution  light  illuminates. 

Release  when  check  is  complete. 

Move  cyclic  and  rudder  controls 
and  verify  operation  of  control 
surfaces. 

i. 

Takeoff  and 

a. 

Aircraft  is  controlled  by  col- 

Provides  longitudinal  and  lateral 

hover 

lective  stick,  cyclic  stick,  and 

control  by  Rotor/Wing.  Elevons 

rudder  pedals  (conventional 

are  always  connected  to  the  cyclic 

helicopter  control). 

stick  as  elevators  and  ailerons, 
but  are  ineffective.  Provides  dir¬ 
ectional  control  by  yaw  fan;  rudder 
is  always  connected  to  the  rudder 
pedals  but  is  ineffective. 

b. 

Adjust  Rotor/Wing  rpm  by  rprn 

Trim  switch  provides  adjustment 

trim  switch  on  collective  stick 

of  Rotor/Wing  rpm  governing 

fi  r'P- 

limits. 

4. 

Helicopter  flight 

a. 

Set  landing  gear  control  to  UP. 

Retracts  main  and  nose  landing 

(to  approximately 

gears. 

140  kn) 

b. 

Helicopter  flight  controlled  by 

Provides  longitudinal  and  lateral 

cyclic  and  collective  sticks  and 

control  by  Rotor/Wing  and  by  ele- 

rudder  pedals. 

vons,  which  become  effective  with 
increasing  airspeed.  Provides 
directional  control  by  yaw  fan  and 
by  rudder,  which  becomes  effective 
with  increasing  airspeed. 

c. 

Adjust  Rotor/ Wing  rpm  by  rpm 

Trim  switch  provides  adjustment 

trim  switch  if  necessary. 

of  Rotor/Wing  rpm  governing  limits. 

5. 

Conversion 

a. 

Set  power  divert  switch  to 

Sots  diverter  valve  to  tail  pipe. 

flight  -  heiicop- 

AIRPLANE. 

Deenergizes  Rotor / Wing  governor. 

ter  to  autogyro 

Diverter  valve  linkage  sets  elevon 

(approximately 

80  to  140  kn) 

trim  to  airplane  position. 

b. 

Lower  collective  to  maintain. 

Rotor/Wing  autorotates.  Aircraft 

approximately  85  percent 

Rotor/ Wing  rpm  in  steady 
autogyro  flight. 

flight  attitude  is  nose  up. 

c. 

Control  forward  thrust  by 
throttle  lever  or  by  twist  grip. 

d. 

Aircraft  controlled  by  cyclic 

Provides  longitudinal  and  lateral 

stick  and  rudder  pedals. 

control  by  Rotor/Wing  and  by 
elevons.  Provides  directional 
control  by  yaw  fan  and  by  rudder. 

TABLE  XXIX  -  Continued 


Mode 

Operation 

Action 

•  6. 

Conversion 

a. 

Set  mode  selector  switch  to 

Closes  bay  cooling  ejector  valve. 

flight  -  autogyro 

AIRPLANE. 

Rotor/Wing  speed  sensor  permits 

to  airplane  flight 

brake  operations  when  Rotor/Wing 

(approximately 

b. 

Raises  collective  stick  to 

has  slowed  down  to  40-percent  rpm 

100  to  170  kn). 

approximately  -  10  degrees  to 

or  less.  Upon  reaching  5  rpm.  the 

slow  down  Rotor/Wing.  At 

Rotor/Wing  locator  raises  and 

40-percent  Rctor/Wing  rpm, 

engages  the  locking  pin.  After  the 

apply  brake  pressure  with  toe 

Rotor /Wing  stops,  the  following 

pedals.  During  slowdown  of 

occur  in  sequence: 

Rotor/Wing  from  40  percent 

(1)  Rotor /Wing  controls  deactivate. 

rpm,  lower  collective  stick 

(2)  Wing  and  blade  locks  engage; 

to  reach  approximately  0-degree 

yaw  fan  doors  close. 

blade  pitch  as  Rotor/Wing 

(3)  Inlet  duct  raises;  pneumatic 

reaches  5  rpm. 

seals  inflate. 

c. 

Maintain  1  -g  flight  through 
conversion  with  cyclic  stick 
motion. 

d. 

Place  collective  stick  in  the 
stowed  position 

e. 

Control  forward  thrust  by 
throttle  lever  or  by  twist  grip. 

f. 

Aircraft  controlled  by  cyclic 

Cyclic  stick  controls  elevons  for 

stick  and  rudder  pedals. 

roll  and  pitch.  Rudder  pedals  con¬ 
trol  rudder.  Yaw  fan  blade  pitch 
is  always  connected  to  rudder 
pedals,  but  is  ineffective  with  yaw 
fan  not  rotating. 

7. 

Airplane  flight 

a. 

Control  forward  thrust  by 

(approximately 

throttle  lever  on  quadrant. 

100  to  500  kn) 

b. 

Aircraft  controlled  by  cyclic 
stick  and  rudder  pedals. 

c. 

Adjust  feel  trim  switches  on 
cyclic  stick  as  required. 

8. 

Reconversion  - 

a. 

Reduce  airspeed  and  altitude 

airplane  to 

to  be  within  conversion 

autogyro 

envelooe. 

(approximately 

170  to  100  kn) 

b. 

Set  mode  selector  switch  to 

This,  in  sequence: 

ROTOR. 

(l)  Retracts  wing  and  blade  locks, 

retracts  inlet  duct,  deflates 
pneumatic  seals,  opens  bay 
cooling  ejector  valve. 

(2)  Opens  yaw  fan  doors. 

(3)  Activates  Rotor/Wing  controls. 

(4)  Retracts  Rotor/Wing  locator. 
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Table  XXIX  -  Continued 


Mode 


Operation 


Action 


9.  Reconveriion  - 
autogyro  to  heli¬ 
copter  (approxi¬ 
mately  MO  to 
80  kn) 

10.  Landing  - 

helicopter  mode 


1 1 .  Taxiing  and 
parking  - 
helicopter  mode 


c.  Lower  collective  stick  to  full  down 
(-10-degree  blade  pitch  angle). 

At  ?5-percent  Rotor/Wing  rpm, 
gradually  raise  collective  to  the 
blade  angle  that  results  in 
approximately  85-percent 
Rotor/Wing  rpm  in  steady  auto¬ 
gyro  flight. 

d.  Maintain  1-g  flight  with  cyclic 
control. 

a.  Set  power  divert  switch  to  ROTOR. 

b.  Raise  collective  to  maintain 
altitude. 

c.  Maintain  1-g  flight  with  cyclic 
control. 

a.  Operate  landing  gear  control  to 
DOWN  position. 

b.  Check  nose  gear  steering  switch  to 
ENGAGE. 

c.  Make  conventional  helicopter  landing. 

d.  Set  power  divert  switch  to 
AIRPLANE. 

a.  Taxi  to  ramp  p  ition,  maintaining 
directional  coi  ol  with  rudder 
pedals  for  no-,  gear  steering  and 
with  differential  toe  pedals  for 
braking. 

b.  Apply  landing  gear  parking  brake. 

In  adverse  weather  or  for  long  duration 

parking,  the  Rotor/Wing  should  be 

locked  during  rundown  as  follows: 

c.  Raise  collective  stick  to  +10  deg 

Bay  cooling  ejector  valve  closes. 
Rotor/Wing  speed  sensor  permits 
brake  operation  when  Rotor/Wing 
has  slowed  down  to  40-percent  rpm 
or  less.  Upon  reaching  5  rpm, 
the  Rotor/Wing  locator  raises 
and  engages  the  locking  pin.  After 
the  Rotor/Wing  stops,  the  follow¬ 
ing  occur  in  sequence: 

(1)  Rotor/ Wing  controls  de¬ 
activate. 

(2)  Wing  and  blade  locks  engage; 
yaw  fan  doors  close. 

(3)  Inlet  duct  raises ;  pneumatic 
seals  inflate. 


d.  Select  mode  selector  switch  to 

AIRPLANE.  At  40-percent  Rotor/ 
Wing  rpm,  select  Rotor/Wing  brake 
switch  to  ON  and  hold,  applying 
Rotor/Wing  brake  pressure  with 
toe  pedalc  to  slow  Rotor/Wing. 

After  rotor  stops,  lower  collec¬ 
tive  stick  to  0  degrees. 
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TABLE  XXIX  -  Continued 


Mode 

Operation 

Action 

1  /’ .  Engine 

a. 

Retard  throttle  tu  IL>LE. 

Allow  engine  to  idle  for  a  minimum 

shutdown  - 
helicopter  mode 

b. 

Retard  throttle  to  OFF. 

of  3  minutes  for  cjoling  purposes. 

c. 

Observe  exhau«\  temperature 
for  gradual  temperature  drop. 

If  exhaust  temperature  does 
not  drop,  indicating  a  fire 
inside  the  engine,  connect 
engine  start  cart  and  press  start 
switch  to  motor  the  engine  until 
exhaust  temperature  drops. 

d. 

Set  fuel  boost  pumps  switches 
(2)  to  OFF. 

e. 

Set  fuel  fire  wall  shutoff  switch 
to  CLOSED. 

t. 

Set  fuel  tank  shutoff  switches 

to  OFF. 

g- 

Set  engine  electrical  power 
switch  to  OFF. 

h. 

Set  generator  switch  to  OFF. 

i . 

Set  electrical  power  switch 
to  OFF. 

j  • 

Set  main  inverter  switch  to  OFF. 

k. 

Pull  circuit  breakers  to  open 
position. 

1. 

Set  radio- intercom  and  radio 
switches  to  OFF 

13.  FI  ight  mode 

a. 

Place  collective  slick  i-.  the 

•  election  - 

zero  position. 

airplane  (sub¬ 
sequent  to  engine 

b. 

Set  mods  selector  switch  to 

If  necessary,  ground  crew  rotates 

ground  start) 

AIRPLANE. 

Rotor /Wii.g  by  hand  to  engage  Rotor/’ 
Wing  locator  and  to  accomplish 
subsequent  sequencing  of  blade  and 
wing  rotor  locks,  and  so  forth. 

c. 

Set  nose-wlieel  steering  switch  to 
ENGAGE. 

d. 

Check  hydraulic  pressures 
(fligl control  and  utility). 
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TABLE  XXIX  -  Continued 


Mode 

Operation 

Action 

1  7.  Engine  s hut- 

a. 

Retard  throttle  to  IDLE. 

Allow  engine  to  idle  for  3  minutes 

down  -  airplane 
mode 

b. 

Retard  throttle  to  OFF. 

minimum  for  cooling  purposes. 

c. 

Set  fuel  boost  pump  switches 
(2)  to  OFF. 

d. 

Set  fuel  fire  wall  shutoff  valve 
switch  to  CLOSED. 

e. 

Set  fuel  tank  shutoff  switches 
to  OFF. 

f . 

Set  engine  electrical  power 
switch  to  OFF. 

g- 

Set  generator  switch  to  OFF. 

h. 

Set  electrical  power  switch  to 
OFF. 

i . 

Set  main  inverter  switch  to 

OFF. 

j  • 

Pull  circuit  breaker  to  open 
position. 

k. 

Set  radio-intercom  and  radio 
switches  to  OFF. 

Figure  111.  Mode  Conversion  -  Helicopter  to  Autogyro  to  Airplane. 


TABLE  XXIX  -  Continued 

Mode 

Operation 

Action 

e.  Set  flight  control  hydraulic 
system  checkout  switih  to 

CHECK. 

Flight  control  system  pressute  gage 
goes  to  0  and  caution  light  illumin¬ 
ates.  Move  cyclic  and  rudder  con¬ 
trols  and  verify  operation  uf  control 
surfaces. 

f .  Set  utility  hydraulic  system 
checkout  switch  to  CHECK. 

Release  when  check  is  complete. 

Utility  system  pressure  gage  goes 
to  0  and  caution  light  illuminates. 

Move  cyclic  and  rudder  controls  and 
verify  operation  of  control  surfaces. 

g.  Control  engine  thrust  by  throttle 
lever  on  quadrant. 

Normal  aircraft-type  throttle 
control 

14. 

Takeoff  - 
airplane  mode 

a.  Conventional  airplane  takeoff. 
Rotate  aircraft  at  approximately 

125  knots.  Lift-off  at  approxi¬ 
mately  150  knots 

! 

b.  Aircraft  is  controlled  by  cyclic 
stick  and  rudder  pedals. 

Cyclic  stick  provides  control  of 
elevons  as  ailerons  or  elevator. 

Rudder  pedals  control  rudder  and 
yaw  fan  blade  pitch  \yaw  fan  is 
stopped  and  ineffective). 

c.  Set  landing  gear  control  to  UP 
position. 

Retracts  main  and  nose  landing 
gears.  Landing  gear  switch  closes 
bay  cooling  ejector  valve  when 
weight  off  gear. 

d.  Set  nose  gear  steering  switch 
to  DISENGAGE. 

e.  Adjust  feel  trim  switches  on 
cyclic  stick  grip. 

Neutralize  stick  and'or  rudder 
pedal  to  yield  pilot  cesired  feet. 

15. 

Landing  - 
airplane  mode 

a.  Set  landing  gear  control  to 

DOWN  position 

b.  Make  conventional  airplane 
landing. 

Maximum  forward  speed  with  gear 
down,  225  kn. 

16. 

Taxiing  and 
parking  - 
airplane  mode 

a.  Set  nose  gear  steering  to 

ENGAGE. 

b.  Taxi  to  ramp  position,  main¬ 
taining  directional  control  with 
rudder  pedals  for  nose  wheel 
steering  and  with  differential 
toe  brakes  as  necessary. 

Landing  gear  switch  opens  bay  cool¬ 
ing  ejector  valve  with  weight  on  gear. 

c.  Apply  landing  gear  parking 
brake. 

d.  Set  nose  gear  steering  switch 
to  DISENGAGE. 
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Airplane  Mude 


Press  Power  Divert 
Switch  to  Divert 

Lxhaust  Thrust  to 

Rotor 

Raise  Collective  Stick 
fur  Helicopter  Flight 

7  / 

Press  Mode  Selector 
Switch  to  Unlock 
Rotor/  Wing 

Lower  Collective  Stick 
to  Accelerate  Rotor/ Wing; 
Then  Gradually  Raise  Stick 
to  Autogyro  Position 


Collective  Stick 


Figure  112.  Mode  Conversion  -  Airplane  to  Autogyro  to  Helicopter. 

By  the  use  of  tandem  actuators,  the  output  of  both  hydraulic  systems  is 
used  to  power  each  of  the  primary  controls,  with  one  system  providing 
continuous  operating  backup  for  the  other.  Should  one  system  fail,  the 
other  continues  to  supply  power  without  pilot  action  for  uninterrupted  flight 
control  operation.  This  feature,  plus  the  multiple  hydraulic  power 
sources,  assures  the  safe  emergency  landing  capability  of  the  aircraft. 

Electrical  power  is  normally  provided  by  an  engine -driven  generator.  In 
case  this  system  fails,  ^lactrical  power  is  supplied  by  a  battery,  v/hich  has 
sufficient  power  to  sustain  the  electrical  requirements  of  a  15-minute  per¬ 
iod  under  night  flying  conditions. 

The  landing  gear  systems  are  normally  operated  by  the  utility  hydraulic 
system  failure;  emergency  extension  o{  the  gear  is  accomplished  by  manual 
release  and  free  fall  to  the  down-locked  position.  Locking  is  accomplished 
by  overcenter  liikages  aided  by  springs. 

The  emergency  operating  procedures  are  delineated  in  Tables  XXX,  XXXI, 
and  XXXII  for  helicopter,  autogyro,  and  airplane  modes. 
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TABLE  XXX.  EMERGENCY  PROCEDURES  (HELICOPTER  MODE) 


Emergency 

Operation 

1.  Engine  power  lose 

a. 

Lower  collective  stick  to  autogyro  position. 

b. 

Retard  throttle  to  OFF. 

c. 

Set  power  divert  switch  to  AIRPLANE. 

<?. 

Set  electrical  loads  switch  to  ESSENTIAL. 

e. 

Set  landing  gear  control  to  DOWN  position. 

f. 

Perform  normal  helicopter  autorotational 
landing. 

2.  In-flight  engine  fire 

a. 

Retard  throttle  to  IDLE. 

Engine  compartment  Are 
warning  or  overheat  system 
indicate  fire  or  overheat 
condition  by  flashing  warn¬ 
ing  light. 

b. 

NOTE 

If  emergency  is  an  overheat  condition, 
light  will  go  out. 

Continue  flight  at  reduced  power  setting  and  land 
in  helicopter  mode. 

WARNING 

If  a  fire  condition  exists,  the  warning 
light  will  remain  on.  Proceed  to  steps 
c  through  e. 

c. 

Lower  collective  stick  to  autogyro  position. 

d. 

Retard  throttle  to  OFF. 

e. 

Pull  FIRE  PULL  handle. 

NOTE 

This  will  automatically  close  the  fuel 
fire  wall  shutoff  valve,  close  the 
hydraulic  fire  wall  shutoff  valves, 
shut  down  all  engine  electrical  power, 
and  discharge  the  fire  extinguishing 
agent. 

f . 

Set  power  divert  switch  to  AIRPLANE. 

g- 

Set  electrical  loads  switch  to  ESSENTIAL. 

h. 

Set  landing  gear  control  to  DOWN  position. 

i  . 

Perform  normal  helicopter  autorotational 
landing. 
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TABLE  XXX  -  Continued 


Eme  rgency 

Opei  ation 

3.  In-flight  compressor  stall 

a. 

Lower  collective  stick  to  autogyro  position. 

Indications: 

b. 

Set  power  divert  switch  to  AIRPLANE. 

Indications: 

c. 

Retard  throttle  toward  IDLE  until  Ty  setting  is 
compatible  with  engine  rpm  or  until  stall  ceases. 

Exhaust  gas  temperature 
(T?)  high 

d. 

Slowly  accelerate  engine  until  desired  thrust 
is  obtained. 

Engine  rpm  (N^)  decre  4 

or  hung  up  during  accele.  ition 

NOTE 

Exhaust  gas  pressure  (P  )  low 
with  nc  response  to  throttle 

/ctuate  start  ignition  switch  and  hold 
for  ignition  (reduces  the  possibility  of 
engine  flameout). 

e. 

When  stall  condition  has  been  corrected,  release 
start  switch  and  set  power  divert  switch  to 

ROTOR  and  continue  helicopter  flight. 

WARNING 

If  compressor  stall  condition  cannot 
be  corrected  or  if  altitude  position 
limits  the  requirements  of  steps  c  and 
d,  proceed  to  steps  f  through  i.  j 

f . 

Retard  throttle  to  OFF. 

g- 

Set  electrical  loads  switch  to  ESSENTIAL 

h. 

Set  landing  gear  control  to  DOWN  position. 

i . 

Perform  normal  helicopter  autorotational 
lariirg. 

4.  Failure  of  Rotor/Wing  hot 

a. 

Retard  throttle  towards  IDLE- 

gas  system 

NOTE 

Rotor/Wing  hot  gas  overheat 
warning  system  indicates 

If  emergency  is  overheat  condition, 

overheat  condition  by  flashing 
warning  light 

light  will  go  out. 

b. 

Continue  flight  at  reduced  power  setting  and 

Indications: 

land  in  helicopter  mode. 

Exhaust  gas  temperature 
(T7)  dropping 

NOTE 

f  overheat  condition  persists,  the 

Engine  rpm  (N^)  increasing 

warning  light  remains  on. 

Fuel  flow  (Wj)  increasing 

c. 

Lower  collective  stick  to  autogyro  position. 

Rotor/Wing  rpm  (Nj^)  dropping 

d. 

Retard  throttle  to  OFF. 

TABLE  XXX  -  Continued 

Emergency 

Operation 

Exhaust  gas  pressure  (P^)  dropping  e.  Set  power  divert  switch  to  AIRPLANE. 

f  .  Set  electrical  loads  switch  to  ESSENTIAL. 

g.  Set  landing  near  control  to  DOWN  position. 

h.  Perform  normal  helicopter  autorotational 
landing. 


5,  High  or  fluctuating  engine  oil 
pressure 


a.  Check  oil  temperature. 

b.  If  temperature  is  normal,  indicates  pressure 
instrument  failure.  Flight  may  be  continued. 


If  sudden  change  from  normal  operat¬ 
ing  pressure  in  excess  of  10  psi  or 
fluctuations  ±5  psi,  proceed  to  steps 
c  through  h. 

c.  Lower  collective  stick  to  autogyro  position. 

d.  Retard  throttle  to  OFF. 

e.  Set  power  divert  switch  to  AIRPLANE. 

f .  Set  electrical  loads  switch  to  ESSENTIAL. 

g.  Set  landing  gear  control  to  DOWN  position. 

h.  Perform  normal  autorotational  landing. 


6  Engine  oil  temperature  above 
acceptable  limits 


a.  Reduce  power  setting. 

NOTE 

If  temperature  falls  within  limits,  con¬ 
tinue  at  a  reduced  power  setting  and  land 
in  helicopter  mode.  If  high  oil  tempera 
ture  continues,  proceed  t.  steps  b  through  g. 

b.  Lower  collective  stick  to  autogyro  position. 

c.  Retard  throttle  to  OFF. 

d.  Set  power  divert  switch  to  AIRPLANE. 

e.  Set  electrical  loads  switch  to  ESSENTIAL. 

f.  Set  landing  gear  control  to  DOWN  position. 

g.  Perform  normal  helicopter  autorotational 
landing. 
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TABLE  XXX  -  Continued 


Emergency 

Operation 

7. 

Landing  gear  hydraulic  system 
pressure  loss 

a. 

Pull  the  manual  release  handle  located  on  the 
pilot's  ins'.rument  panel  causing  the  landing 
gear  to  extend.  Maximum  forward  speed  with 
gear  down,  225  kn. 

8. 

In-flight  major  emergency 

NOTE 

If  the  altitude  or  condition  of  the  aircraft 
does  not  permit  the  time  to  perform  the 
emergency  procedures  above,  a  safe 
ejection  can  be  made  by  both  crew  mem¬ 
bers  from  any  flight  mode  by  using  the 
procedure  of  step  a. 

a. 

Pull  D-ring,  located  in  front  of  the  seats  between 
the  pilot's  and  copilot's  legs.  Seats  eject  through 
the  canopy.  Parachutes  are  deployed  automatically. 

9. 

Ground  escape  and/or  rescue 

NOTE 

Cockpit  escape  and  rescue  panels  are  pro¬ 
vided  in  the  canopy  for  pilot  and  copilot 
egress.  If  conditions  during  ground  opera¬ 
tion  of  aircraft  prevent  escape  from 
cockpit  by  normal  methods,  proceed  to 
step  a  or  step  b. 

a. 

Set  emergency  exit  switch  to  ESCAPE  and  evacuate 
aircraft  through  the  open  canopy  panel. 

b. 

OR 

FOR  RESCUE  BY  GROUND  CREW, 

Open  rescue  access  door.  Set  emergency  exit 
switch  to  ESCAPE  and  evacuate  crew. 

TABLE  XXXL 

EMERGENCY  PROCEDURES  (AUTOGYRO  MODE) 

Emergency 

Operation 

1.  Engine  power  loss 

a. 

Retard  throttle  to  OFF. 

b. 

Set  electrical  loads  switch  to  ESSENTIAL. 

c. 

Set  landing  gear  control  to  DOWN  position. 

d. 

Perform  normal  helicopter  autorotatior.al 
landing. 
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TABLE  XXXI  -  Continued 


Emergency 

Operation 

i.  In-flight  engine  fire 

a. 

Retard  throttle  to  IDLE. 

Engine  compartment  fire 
warning  or  overheat  system 
indicate  fire  or  overheat 
condition  by  flashing  warning 
light. 

b. 

NOTE 

If  emergency  is  an  overheat  condition, 
light  will  go  out. 

Continue  flight  at  reduced  power  setting. 

c. 

Set  power  divert  switch  to  ROTOR. 

d. 

Set  landing  gear  control  to  DOWN  position. 

e. 

Perform  normal  helicopter  landing. 

WARNING 

If  a  fire  condition  f.xists,  the  v  irning 
light  remains  on.  Proceed  to  steps 
f  and  g. 

f. 

Retard  throttle  to  OFF. 

g. 

Pull  FIRE  PULL  handle 

NOTE 

This  will  automatically  close  the  fuel 
fire  wall  shutoff  valve,  close  the 
hydraulic  fire  wall  shutoff  valves,  shut 
down  all  engine  electrical  power,  and 
discharge  the  fire  extinguishing  agent. 

h. 

Set  electrical  loads  switch  to  ESSENTIAL. 

i . 

Set  landing  gear  control  to  DOWN  position. 

}• 

Perform  normal  helicopter  autorotational 
landing. 

3.  In-flight  compressor  stall 

Indications: 

Exhaust  gas  temperature 

<T7)  high 

Engine  rpm  (N^)  decreasing 
or  hung  during  acceleration 

a. 

b. 

Retard  throttle  t  ward  IDLE  until  T^  setting  is 
compatible  with  engine  rpm  or  until  stall  ceases. 

Slowly  accelerate  engine  until  desired  thrust  is 
obtained. 

_ 1 

214 


TABLE  XXXI  -  Continued 


Emo  rgency 

- - 1 

Operation 

NOTE 

3. 

(Continued) 

Actuate  start  ignition  switch  and  hold 
for  ignition  (to*  reduce  the  possibility 

Exhaust  gas  pressure  (Py) 
low  with  no  response  to 

of  engine  flameout). 

throttle 

c. 

When  stall  condition  has  been  corrected,  release 
start  switch  and  continue  autogyro  flight. 

W  A  RMNG 

If  compressor  stall  condition  cannot 
be  corrected  or  if  altitude  position 
limits  the  requirements  of  steps  a 
and  b,  proceed  to  steps  d  through  g. 

d. 

°etard  throttle  to  OFF. 

e. 

Set  electrical  loads  switch  to  ESSENTIAL. 

f . 

Set  landing  gear  control  to  DOWN  position. 

H- 

Perform  normal  helicopter  autorotational 
landing. 

4. 

High  or  fluctuating  engine  oil 

P  . 

Check  oil  temperature. 

pressure 

b. 

If  temperature  is  normal,  indicates  pressure 
instrument  failure.  Flight  may  be  continued. 

NOTE 

If  sudden  change  from  normal  operating 
pressure  in  excess  of  10  psi  or  fluctua¬ 
tion  ±5  psi,  proceed  to  steps  c  through  f. 

c. 

Retard  throttle  to  OFF. 

d. 

Set  electrical  loads  switch  to  ESSENTIAL. 

e. 

Set  landing  gear  control  to  DOWN  position. 

f . 

Perform  normal  autorotational  landing. 

5. 

Engine  oil  temperature 

a. 

Reduce  power  setting. 

above  acceptable  limits 

NOTE 

If  temperature  falls  within  limits, 
continue  at  a  reduced  power  setting. 

Set  power  divert  switch  to  ROTOR,  and 
land  in  helicopter  mode.  If  high  oil 
temperature  continues,  proceed  to 
steps  b  through  e. 

£15 


TABLE  XXXI  -  Continued 

Emergency 

Ope  ration 

b. 

Retard  throttle  to  OFF. 

- 

Set  electrical  loads  switch  to  ESSENTIAL. 

d. 

Set  landing  gear  control  to  DOWN. 

e. 

Perform  normal  helicopter-type  autorotational 
landing. 

6. 

Landing  gear  hydraulic  system 
pressure  loss 

a. 

Pull  the  manual  release  handle  located  on  the 
pilot's  instrument  panel  causing  the  landing 
gear  to  extend. 

7. 

In-flight  major  emergency 

NOTE 

If  the  altitude  or  condition  of  the  air¬ 
craft  does  not  permit  the  time  to 
perform  the  emergency  procedure  as 
outlined,  a  safe  ejection  can  be  made 
by  both  crew  members  from  any  flight 
mode  by  using  the  following  procedure, 

a. 

Pull  D-ring,  located  in  front  of  the  seats  between 
the  pilot's  and  copilot's  legs.  Seats  eject  through 
the  canopy.  Parachutes  are  deployed  automatically. 

8. 

Ground  escape  and/or  rescue 

NOTE 

Cockpit  escape  and  rescue  panels  are 
provided  in  the  canopy  for  pilot  and  co¬ 
pilot  egress.  If  conditions  during  ground 
operation  of  aircraft  prevent  escape  from 
cockpit  by  normal  methods,  proceed  to 
step  a  or  step  b. 

a. 

Set  emergency  exit  switch  to  ESCAPE  and  evacuate 
aircraft  through  the  open  canopy  panel. 

OR 

FOR  RESCUE  BY  GROUND  CREW 

b.  Open  rescue  access  door.  Set  emergency  exit 
switch  to  ESCAPE  and  evacuate  crew. 


TABLE  XXXIL  EMERGENCY  PROCEDURES  (AIRPLANE  MODE) 


Eme  rgency 

Operation 

1.  Engine  power  loss 

a. 

Release  ram-air  turbine  to  provide  emergency 
hydraulic  power. 

b. 

Set  electrical  loads  switch  to  ESSENTIAL. 

c. 

Retard  throttle  to  OFF. 

d. 

Reduce  airspeed  and  altitude  to  be  within  conver¬ 
sion  envelope.  If  at  low  altitude  and  high  speed, 
initiate  a  zoom  climb 

e. 

Set  mode  selector  switch  to  ROTOR. 

f . 

Lower  collective  stick  to  full  down  (-10-degree 
blade  pitch  angle).  At  25-percent  Rotor/Wing  rpm, 
gradually  raise  collective  as  rpm  increases. 

g. 

Set  landing  gear  control  to  DOWN  position. 

h. 

Perform  normal  helicopter  autorotational 
landing. 

NOTE 

In  lieu  of  steps  d  through  h.  an  airplane 
mode  dead- stick  landing  may  be  made. 

2.  In-flight  engine  fire 

a. 

Retard  throttle  to  IDLE. 

Engine  compartment  fire 
warning  and  overheat  system 
indicate  fire  or  overheat 
condition  by  flashing  warning 
light. 

b. 

NOTE 

If  emergency  is  an  overheat  condition, 
light  goes  ou'.. 

Continue  flight  at  reduced  power. 

WARNING 

If  a  fire  condition  exists,  the  warning 
light  rem  is  on.  Proceed  to  steps  c 
through  k . 

c. 

Retard  throttle  to  OFF. 

d. 

Pull  FIRE  PULL  handle. 

NOTE 

This  will  automatically  close  the  fuel 
fire  wall  shutoff  valve ,  close  the 
hydraulic  fire  wall  shutoff  valve,  phut 
down  all  engine  electrical  power,  and 
discharge  the  fire  extinguishing  agent. 
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TABLE  XXXII  -  Continued 


Emergency 


Operation 


e. 

f . 
g- 

h. 

i . 

j  • 

k. 


3.  In-  Tligi  t  engine  compressor  a. 

stall 

Indications:  b. 

Exhaust  gas  temperature  (Ty) 
high 

Engine  rpm  (N2)  decreasing  or 
hung  during  acceleration 

Exhaust  gas  pressure  (Py)  low  c. 

with  ro  response  to  throttle 


Release  ram-air  turbine  to  provide  emergency 
hydraulic  power. 

Set  electrical  loads  switch  to  ESSENTIAL. 

Reduce  airspeed  and  altitude  within  conversion 
envelope.  If  at  a  low  altituue  and  high  speed, 
initiate  a  zoom  climb. 

Set  mode  selector  switch  to  ROTOR. 

Lower  collective  stick  to  full  down  (- 1 0- degree 
blade  pitch  angle).  At  25-perrent  Rotor/V'ing 
rpm,  gradually  raise  collective  as  rpm  increases. 

Set  landing  gear  conti ol  to  DOWN  position. 

Perform  normal  helicopter  autorotational 
landing, 

NOTE 

in  lieu  of  steps  g  through  an  airplane 
mode  dead-stick  landing  may  be  made. 

Retard  throttle  toward  IDLE  until  Ty  setting  is 
compatible  with  engine  rpm  or  until  stall  ceases. 

Slowly  accelerate  engine  until  desired  thrust  is 
obtained. 

NOTE 

Actuate  start  switch  and  hold  for  ignition 
to  reduce  possibility  of  engine  flameout. 

When  stall  condition  has  been  corrected,  release 
start  switch. 

WARNING 


If  compressor  stall  cannot  be  corrected, 
proceed  to  steps  d  through  k. 

.  d.  Retard  throttle  to  OFF. 

e.  Release  ram-air  turbine  to  pi ->vide  emergency 
hydraulic  power. 

f.  Set  electric  1)  loads  switch  to  ESSENTIAL. 

g.  Reduce  airspeed  and  altitude  within  conversion 
envelope.  If  at  low  altitude  and  high  speed, 
initiate  a  zoom  climb. 


TABLE  XXXII  -  Continued 


Emergency 

Operation 

h. 

Set  mode  selector  switch  to  ROTOR. 

i . 

Lower  collective  stick  to  full  down  {-10-degree 
blade  pitch  angle).  At  25-percent  Rotor/Wing  rpm, 
gradually  raise  collective  as  rpm  increases. 

j  • 

Set  landing  gear  control  to  DOWN  pos’Non. 

k. 

Perfi  *n  normal  helicopter  autorotational 
landin^. 

NOTE 

In  lieu  of  steps  g  through  k,  an  airplane 
mode  dead -stick  landing  may  be  made. 

4.  High  or  fluctuating  engine  oil 

a. 

Check  oil  temperature. 

pressure 

b. 

If  temperature  is  normal,  indicates  pressure 
instrument  failure.  Flight  may  be  continued. 

NOTE 

I 

If  sudden  change  from  normal  operat¬ 
ing  pressure  in  excess  of  10  psi  or 
fluctuating  *5  psi.  proceed  to  steps 
c  through  j. 

c. 

Retard  throttle  to  OFF. 

d. 

Release  rarn-air  turbine  to  provide  emergency 
hydraulic  power. 

e. 

Set  electrical  loads  switch  to  ESSENTIAL. 

f  f 

Reduce  airspeed  and  altitude  to  be  within  conver¬ 
sion  envelope.  If  at  low  altitude  and  high  speed, 
initiate  a  zoom  climb. 

R- 

Set  mode  selector  switch  to  ROTOR. 

h. 

Lower  collective  stick  to  full  down  (-10-degree 
blade  pitch  angle).  At  25-percent  Rotor/Wing  rpm, 
gradually  raise  collective  as  rpm  increases. 

i . 

Set  landing  gear  control  to  DOWN  position. 

j  • 

Perform  non  al  helicopter  autorotational 
landing . 

NOTE 

I  .ieu  of  steps  f  through  j.  an  airplane 
mode  dead- stick  landing  •  be  made. 

^  1  9 


TABLE  XXXII  -  Continued 


Emergenc  /  Operation 

f>.  Engine  oil  temperature  above  a.  Reduce  power  setting, 

acceptable  limits 

NOTE 

If  temperature  falls  within  limits,  con¬ 
tinue  at  a  reduced  power  setting,  convert 
to  helicopter  mode,  and  land.  If  high  oil 
temperature  continues,  proceed  to  steps 
b  through  i. 

b.  Retard  throttle  to  OFF. 

c.  Release  ram-air  turbine  to  provide  emergency 
hydraulic  power. 

d.  Set  electrical  loads  switch  to  ESSENTLAL. 

e.  Reduce  airspeed  and  altitude  to  be  within  conver¬ 
sion  envelope.  If  at  low  altitude  and  high  speed, 
initiate  a  zoom  climb. 

f.  Set  mode  selector  switch  to  ROTOR. 

g.  Lower  collective  stick  to  full  down  {-10  degree 
blade  pitch  angle).  At  25-percent  Rotor/Wing  rpm, 
gradually  rai3e  collective  as  rpm  increases. 

h.  Set  landing  gear  control  to  DOWN  position. 

i.  Perform  normal  helicopter  autorotational  landing. 

NOTE 

In  lieu  of  steps  e  through  i,  an  airplane 
mode  dead- stick  landing  may  be  made. 

6,  Engine  air  starts  NOTE 

Minimum  engine  speeds  for  engine 
air  starts  will  vary  with  airspeed 
and  altitude. 

a.  Retard  throttle  to  OFF. 

b.  Set  engine  electrical  power  switch  ON. 

c.  Set  engine  anti-icing  switch  OFF. 

d.  Set  fuel  fire  wall  shutoff  switch  OPEN. 

e.  Set  fuel  boost  pump  switch  ON.  Check  fuel  inlet 
pressure. 

f.  Advance  throttle  to  IDLE. 
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TABLE  XXXII  -  Continued 


Emergency 


7,  landing  gear  hydraulic  system 
pressure  loss 


8.  In-flight  major  emergency 


9.  Ground  escape  and/or  rescue 


Operation 

g.  Set  start  i  witch  to  START  and  hold  until  light  off 
obtained.  Air  start  of  engine  should  be  obtained 
within  £0  seconds. 

a.  Lull  the  manual  release  handle  located  on  the  pilot's 
instrument  panel  to  extend  the  landing  gear. 
"Maximum  forward  speed  with  gear  down  kn." 

NOTE 

If  the  altitude  or  condition  of  the  aircraft 
does  not  permit  the  time  to  perform  the 
emergency  procedures  outlined  above,  a 
safe  ejection  can  be  made  by  botn  crew 
members  from  any  flight  mode  by  pro¬ 
ceeding  with  step  a. 

a.  Full  D-ring,  located  in  front  >  i  ine  seats  between 
the  pilot’s  and  the  copilot's  legs.  Seats  eject 
through  the  canopy.  Parachutes  are  deployed 
automatically. 

NOTE 

Cockpit  escape  and  rescue  panels  are 
provided  in  the  canopy  for  p;iot  «.nti 
copilot  egress.  If  conditions  during 
ground  operation  of  aircraft  prevent 
escape  from  cockpit  by  normal  methods, 
proceed  to  step  a  or  step  b. 

a.  Set  emergency  exit  switch  to  ESCAPE  and  evacuate 
aircraft  through  the  open  canopy  panel, 

OR 

FOR  RESCUE  BY  GROUND  CREW, 

b.  Open  rescue  access  door.  Set  emergency  exit 
switch  to  ESCAPE  and  evacuate  crew. 


COCKPIT  ARRANGEMENT 


The  research  mission  of  the  Hot  Cycle  Rotor /Wing  CRA  categorizes  the 
vehicle  as  a  visual-flight-rules  aircraft  with  limited  night  flying  and  bad 
weather  capabilities.  The  cockpit  arrangement,  shown  in  Figure  113,  pro¬ 
vides  an  unpressurized  enclosure  with  two  side-by-side  crew  stations. 

The  pilot's  station  is  located  on  the  right  and  the  copilot’s  station  is  located 
on  the  left  side  of  the  cockpit.  Dual  controls  are  provided;  however,  the 
simplicity  of  the  configuration  permits  the  aircraft  to  be  flown  safely  by 
one  pilot  from  either  seat. 

In  designing  the  cockpit,  careful  attention  was  given  to  the  safety  and  com¬ 
fort  of  personnel  and  to  the  principles  of  human  factors  engineering.  A 
simplified  cockpit  mock-up  was  fabricated  to  check  out  the  cockpit  arrange¬ 
ment  (see  Figure  114).  The  instrument  panel  does  not  restrict  visibility 
in  either  the  horizontal  or  the  vertical  plane  (see  Figure  115),  The  cock¬ 
pit  is  designed  completely  to  human  factors  criteria,  complies  with  the 
requirements  of  MIL-STD-250B,  and  is  arranged  for  safe  operation  by  a 
single  pilot. 

The  cockpit  is  large,  allowing  ample  space  for  all  required  systems. 
MIL-STD-33575  dimensions  are  used  to  provide  optimum  control,  visi¬ 
bility,  and  comfort  for  the  pilots.  A  door  between  the  cockpit  and  the  cargo 
compartment  provides  for  normal  entrance  and  exit.  The  pilot  stations 
are  enclosed  by  a  large,  transparent,  plastic  canopy  that  incorporates 
provisions  for  emergency  exit.  Ful.y  qualified  zero- zero  ejection  seats 
are  provided  for  both  crew  members  (see  Figure  lib). 

The  instrument  panel  (see  Figure  117)  contains  duplicate  flight  instruments 
for  the  pilot  and  copilot,  together  with  all  vital  engine  instruments  in  dup¬ 
licate  form.  Generally,  the  engine  and  utility  instruments  are  located  on 
the  center  section  of  the  panel  for  common  use  by  both  crew  members  or 
for  single  use  by  one  pilot;  there  is  equally  good  visibility  from  either 
seat.  A  centrally  located  console  between  the  pilot's  and  copilot's  stations 
provides  maximum  mutual  accessibility  (see  Figure  118).  The  cockpit 
is  air-conditioned  for  crew  comfort,  and  the  cockpit  design  includes 
portable  oxygen  breathing  equipment. 
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Figure  113.  Cockpit  Arrangement. 


An  overhead  panel  is  provided,  as  indicated  in  Figure  113  and  as  shown 
in  detail  in  Figure  119.  This  panel  is  arranged  in  accordance  with  the 
panel  positions  called  for  by  MIL-STD-250B,  as  follows: 

1.  Emergency  panel 

2.  Not  applicable  in  the  CRA  --  (Fuel  Panel) 

3.  Not  applicable  in  the  CRA  --  (Starting  Panel) 

4.  Light,  heat,  and  miscellaneous  panel 

5.  Circuit  breaker  panel 

All  panels  are  edge-lighted  in  accordance  with  MIL- L-007788C. 

The  placement  of  all  instruments  stresses  maximum  visibility  and  minimum 
parallax.  Instrument  lettering  and  other  identifying  legends  and  placarding 
are  of  a  size  to  provide  maximum  readability.  Warning  and  caution  lights 
are  positioned  to  ensure  that  they  are  within  the  pilot's  30-degree  cone  of 
vision.  The  colors  and  identifying  legends  used  for  these  lights  are 
ordered  to  ensure  that  the  pilots  have  all  vital  information  available  in  the 
shortest  possible  time.  Also  included  in  the  cockpit  are  a  first-aid  kit, 
a  map  case,  and  a  portable  fire  extinguisher. 


Figure  114.  Cockpit  Mock-Up. 
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Figure  115.  Cockpit  Visibility 
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Figure  117.  Instrument  Panel. 
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APPENDIX  I 


DERIVATION  OF  AIRPLANE  DRAG  POLAR 


The  thrust  required  for  airplane  flight  was  computed  using  the  drag  polars 
presented  in  Figure  120.  The  derivation  of  this  set  of  polars  from  wind 
tunnel  test  data  is  shown  in  this  appendix. 


0  0.  1  0.  2  0.  3  0.  4  0.  5  0.6 


Figure  120.  Drag  Polars,  Airplane  Mode. 
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The  airplane  configuration  applicable  to  the  polars  is  defined  by  Figure  10, 
with  the  following  particulars: 

1.  Clean  airplane;  that  is,  gear  up,  Rotor/ Wing  locked,  inlet  duct 
raised,  yaw  fan  doors  closed. 

2.  All  seals  in  place;  that  is,  wing  to  fuselage,  inlet  duct  to  blade. 

3.  Aircraft  surfaces  have  finish  and  workmanship  comparable  with 
current  high-speed  subsonic  aircraft. 

4.  Conservative  allowances  are  made  for  roughness  and  leakage. 

The  operating  conditions  selected  for  this  analysis  are  sea  level  standard 
atmosphere  (59°F)  and  a  Reynolds  number  per  foot  of  3.  72  x  10^  corre¬ 
sponding  to  Vp  =  350  knots. 

The  general  approach  to  the  drag  polar  analysis  for  the  CRA  has  been  to 
match  the  drag  polars  obtained  in  wind  tunnel  tests  and  to  extrapolate  to 
full  scale  using  turbulent  skin  friction  experimental  data.  The  shape  of 
these  experimental  polars  follows  the  form 
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nARe 


+  AC 


D  at  C, 


+  AC 


Div' 


where  the  first  two  terms  are  the  classical  parasite  and  induced  drag  co¬ 
efficients.  The  third  term,  ACj-j  is  common  to  delta-shaped  or 

highly  swept  wings  and  is  caused  by  a  vortex  generated  along  ua  swept 
leading  edge.  The  fourth  term  accounts  for  the  compressibility  drag  rise. 

PARASITE  DjvAG  ANALYSIS 


An  analysis  of  Rotor/ Wing  wind  tunnel  testing  (References  4  and  8)  has 
been  made  to  find  equivalent  skin  friction  drag  coefficients.  These  are 
then  compared  with  the  turbulent  skin  friction  drag  coefficients  found  by 
a  wetted  area  weighted  summation  for  model  component  parts  at  the  ap¬ 
propriate  test  Reynolds  number.  The  following  sample,  for  Run  108-P, 
Reference  4,  outlines  the  method. 

First,  the  measured  parasite  drag  coefficient  is  converted  to  a  friction 
coefficient  referred  to  total  wetted  area: 
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c. 


=  c 


disc' 


test 


D0  test  \  wet 


=  0. 0067 


/  40.  30  \ 

X  \  79.  19j  ‘  - 


00341 


Second,  a  weighted  Reynolds  number  for  the  entire  model  is  computed 
according  to  the  following  formula: 

components 


The  Reynolds  number  weighted  by  this  method  for  Run  108-P  is  5.  65  x  10^. 
Third,  a  turbulent,  flat  plate  C£  is  computed  for  a  model  of  the  same 


component  Reynolds  numbers 

as  follows: 

Component 

Wetted  Area 
(Model) 

®wet 
(sq  ft) 

Component 

RN 

Component 

/  c£  \ 

1  turbulent  1 
\flat  plate/ 

Component 
Cf  x  Swet 
(sq  ft) 

Fuselage 

43.  60 

11.0  x  106 

0.  00288 

0.  12556 

Wing 

20.  79 

3.  18  x  106 

0.  00358 

0.  07443 

V-tail 

6.  05 

1.  36  x  106 

0.  00419 

0.  02535 

H-tail 

8.  75 

0.  985  x  106 

0.  00280* 

0.  02450 

(RN) 


1/5 

calc 


(rN1/5  x  S 


wet 


total  S 


Then,  computing  Cf  as  a  weighted  summation  gives 
(Cf  *  Swet)  Q,  24984 


calc 


total  S 


wet 


79.  19 


0.  003155 


A  plot  of  these  calculated  values!  of  skin  iriction  drag  coefficient  versus 
weighted  Reynolds  number  is  given  in  Figure  121.  Also  shown  are  the 
wind  tunnel  test  data  points.  As  can  be  seen  in  the  figure,  the  test  data 
points  are  somewhat  above  the  calculated  curve,  as  is  to  be  expected.  If 


a  factor  of  1.  23  is  applied  to  C 


*calc  ’ 


the  method  will  provide  a  conserva¬ 


tive  matching  of  the  test  data,  as  indicated  by  the  dashed  line.  A  further 
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Figure  121.  Estimated  Comparison  of  Equivalent  Skin  Friction  Drag 
Coefficients. 


correction  of  15  percent  has  been  added  to  the  full-scale  CRA  estimated 
Cf  to  account  for  leakage  and  other  drag  items  of  the  full-scale  airplane 
that  were  not  simulated  in  the  models. 

Figure  122  shows  a  comparison  of  the  CRA  equivalent  friction  drag  with 
that  of  various  other  aircraft  on  the  basis  of  the  ratio  of  wing  area  to  total 
wetted  area.  Connecting  lines  have  been  drawn  between  several  airplane 
data  points  and  the  corresponding  Cf  estimated  for  fuselage  alone.  The 
object  of  this  plot  is  to  show  that  for  aircraft  like  the  CRA,  with  a  small 
wing,  the  fuselage  drag  is  predominant.  Since  the  fuselage  Reynolds  num¬ 
ber  is  by  far  the  largest  of  any  of  the  aircraft  components,  the  equivalent 
Cf  will  be  weighted  in  this  direction,  and  thus  lowered.  In  fact,  as  the 
plot  shows,  all  aircraft  would  approach  nearly  the  same  Cf  if  their  wing 
areas  were  reduced  to  zero.  The  absolute  level  of  Cf  is  not  the  criterion 
for  good  comparison,  because  the  line  of  variation  of  Cf  versus  the  ratio 
of  Swfng/Swet  gives  a  better  presentation  of  the  situation.  Thus,  the  CRA 
configuration  falls  in  line  with  aircraft  that  have  somewhat  large  overall 
values  of  Cf  ,  such  as  the  Comet,  Viscount,  and  F3H-1.  Aircraft  with 
approximately  the  same  Cf ,  such  as  the  D558-II  and  F-4D,  are  not  di¬ 
rectly  comparable  because  of  their  disproportionate  ratios  of  wing  to  wetted 
area.  In  summation,  the  full-scale  skin  friction  drag  coefficient  for  the 
CRA  is  0.  0029,  a  conservative  estimate  that  corresponds  to  an  equivalent 
parasite  drag  area  of  8.  85  square  feet. 


INDUCED  DRAG  ANALYSIS  - 


AC _  . 

D  at  C 


The  calculation  of  induced  drag  coefficient  and  the  span  efficiency  factor, 
e,  follows  the  classic  formula,  Cj^/nARe,  at  moderate  angles  of  attack. 
The  values  for  e  have  been  determined  from  wind  tunnel  test  (References 
4  and  8)  and  plotted  against  Reyrolds  number.  In  this  case,  the  Reynolds 
number  must  be  based  on  the  radius  of  the  wing's  leading  edge,  since  this 
factor  controls  the  flow  iniperf'  .'cions  involved  in  the  e  term.  Figure  123 
shows  the  values  for  e  from  test  data  plotted  against  Reynolds  number. 
The  trend  line  is  shown  from  Reference  18.  As  can  be  seen,  the  trimmed 
and  the  tail-off  data  are  near  the  trend  line.  When  extrapolating  to  full- 
scale  CRA  Reynolds  number,  the  value  .e  =  0.  895  is  established. 


DRAG  DUE  TO  LEADING  EDGE  SEPARATION 


This  drag  term  accounts  for  the  deviation  of  drag  from  the  classic  formula 
mentioned  previously.  This  term  is  common  to  aircraft  employing  highly 
swept  wing  leading  edges  and  is  caused  by  premature  separation  at  the  wing 
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leading  edge.  This  separation  takes  the  form  of  a  1  ading  edge  vortex 
following  the  spanwise  direction  of  airflow.  Figure  124  shows  values  of 
the  drag  increment  associated  with  this  phenomenon  plotted  against  wing 
lift  coefficient.  Below  Cl  =  0.  3,  no  separation  occurs  and  drag  follows 
the  classic  case.  Above  Cl  =  0-  3,  the  separation  is  gradual  and  continues 
to  increase  at  a  moderate  rate.  The  test  data  points  shown  on  the  figur? 
t  are  taken  from  wind  tunnel  tests.  The  line  used  for  the  CRA  configuration 

has  been  drawn  through  the  test  data. 


Figure  124.  Data  Used  for  Drag  Increment  Derivation  Over  and 
Above  the  Basic  Induced  Drag  as  Lift  is  Increased 
Beyond  Cl  as  0-  3. 
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DRAG  I  TJE  TO  TRIM 


The  effects  of  trimming  the  wind  tunnel  test  drag  polar s  to  i.ero  pitching 
moment  have  been  analyzed  and  found  to  be  small.  This  is  indicated  by  the 
data  shown  in  Figure  125,  where  the  aircraft  center  of  gravity  is  assumed 
to  be  on  the  Rotor/Wing  centerline.  In  essence,  this  is  a  conservative 
approach,  because  the  tail  surface,  with  its  large  aspect  ratio,  produces 
lift  at  less  penalty  in  drag  than  does  the  wing.  In  normal  operation  at 
cruise  conditions,  the  load  on  the  tail  is  small.  Thus,  drags  associated 
with  center  of  gravity  positions  other  than  at  the  rotor  centerlines  are  very 
small  and  are  neglected. 


Trimmed  Condition# 

Tail  Off  ♦  Tail  at  it  =  0 

Run  1-P  Series  11  and  111 
+ACq  for  Tail  at  ik  =  0 

Trimmed  Conditions 
Based  on  Runs  58-64P 
Series  II  and  Ill 


Figure  i2p.  Comparison  of  CT  and  C„  Versus  a 


DRAG  DUE  TO  COMPRESSIBILITY 

An  empirical  method  for  determination  of  drag  divergence  Mach  number 
for  the  various  portions  of  an  aircraft  has  been  developed  (see  Reference 
19).  These  equations  are: 


wing 


-  (°'15+  L 


-  0.  15e"20(t/c)  +  0.  13Cl)(cos  A)' 


0.  98  - 


0.  74 


fuselage 


Thus,  for  the  CRA  wing, 


0.  213  (blade  section) 


:L  =  0.  15(M  =  0.  75  at  30,  000  ft) 

Swing 


A  =  0.  35' 


^wing 


=  1  -  (o.  15  +  -  0.  15  x  2.  7  18 28~ 20  X  °-  213 

+  0.  13  x  0.  15)  (cos  35)2 
=  1  -  (0.  3448)(0.  671) 


=  0.769 


wing 


For  the  CR.A  fuselage, 


Thus, 


~  =  10.  5 

o 


0  74 

=  0.  98  -  =  0.  91 

^fuselage  10.  5 
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For  the  CRA  horizontal  taii, 


t 

c 


JStail 


0.  15 

0.  035  (trim  at  M  -  0.  75,  30,  000  ft) 


A  =  18 ' 


Mn  =  1  -  0.  15  + 


D.  . 


M 


tail 


Dtail 


-("• 


0,  15 
1.  2 


-  15e'2°  X  °‘  15  +  0.  13  x  0.  035' 


(cos  18) 
0.  754 


For  the  CRA  vertical  tail, 


A  =  17° 

Md  =  1  -  ^0.  15  -  yy-  -  0.  15  x  2.  7  18282°  X  °‘  15j(cos  17)2 

=  1  -  (0.  2675)(0.  915) 

Mn  =  0.755 

uvt 


Drag  rise  test  data  from  Series  V  wind  tunnel  tests  are  presented  in  Fig¬ 
ure  126  for  comparison  with  the  values  used  in  constructing  the  polars  of 
Figure  120.  Note  that  the  model  results  are  taken  literally  at  greater 
than  0.  02,  and  that  the  CRA  polars  do  not  reflect  the  tendency  of  the  test 
points  to  show  a  gradual  drag  increase  over  the  Mach  number  region  of 
approximately  0.  1  just  prior  to  the  drag  break.  This  tendency  is  common 
to  models  tested  at  relatively  low  Reynolds  numbers.  It  is  not  typical  of 
tests  of  full-scale  airplanes.  In  fact,  full-scale  airplane  drag  tests  nor¬ 
mally  show  a  decreasing  Cj^  as  Mach  number  increases  toward  the  drag 
break,  as  a  result  of  the  Reynolds  number  increase  that  accompanies  the 
Mach  number  increase. 
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APPENDIX  II 


METHOD  OF  COMPUTING  HOVERING  POWER  REQUIRED 


Ho/ering  power  required  for  the  aircraft  is  computed  using  the  method  of 
Reference  20,  modified  slightly  to  handle  the  large  centerbody  of  the 
Rotor/Wing.  This  method  has  been  verified  by  whirl  tower  tests  of  a 
model  Rotor/Wing  and  of  a  conventional  rotor  and  is  discussed  later  in 
this  appendix.  The  entire  calculational  procedure  is  outlined  in  Figure 
127. 


FUSELAGE  DOWNLOAD 


The  aircraft  download  in  hover  will  be  greatest  out  of  ground  effect,  based 
on  data  in  and  out  of  ground  effect  shown  in  Appendix  D  of  Reference  4. 

The  fuselage  download  arises  from  the  Rotor/Wing  slipstream  determined 
by  net  Rotor /Wing  thrust  concentrated  in  an  annulus  defined  by  an  inner 
radius  of  0.55  percent  R  and  an  outer  radius  (less  tip  loss)  of  0.97  percent 
R.  It  is  assumed  that  full  slipstream  velocity  has  been  achieved  at  the 
fuselage  surface  (Z/D)  rj  0.06.  These  Rotor/Wing  slipstream  character¬ 
istics  have  been  generally  confirmed  by  unpublished  wake  survey  measure¬ 
ments  made  of  the  Rotor/Wing  during  Reference  4  tower  testing. 

The  detail  calculation  for  fuselage  download  is  as  follows: 

1.  Wake  Velocity  and  Dynamic  Pressure 

Net  rotor  thrust  coefficient  for  sea  level  standard  hovering  OGE  is 


C 


T 


a 


0.0492 


Therefore,  assuming  5-percent  download, 

T  =  20,671  pounds 
net 


wake 


2 


i 


T 

2prr  (R 


rotor _ 

2 

"r  blade  roo 


t> 


2  / 
>1 


20,671 _ 

2  x  0.002378  x  1263 


117.  2  fps 
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Weight 
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^0.002378^ 


wake  ^  2 

2.  Download  on  Forward  Fuselage 


(117)  =  16.35  lb/sq  ft 


The  Rotor/ Wing  wash  extends  from  fuselage  station  112  to  fuselage 
station  238.  In  this  area,  the  fuselage  generally  is  a  smooth  rectangular 
box  with  rounded  corners.  The  fuselage  dimensions  in  this  area  are: 


1.  Average  width,  b 

2.  Average  depth,  c 

3.  Corner  radius,  r 


77.5  inches 
100  inches 
15  inches 


Thus, 


£ 

b 


1.29 


£  =  0.194 
b 

SQ  =  67.8  sq  ft 


RN  = 
b 


0.00238  x  117  x  8.34  x  10 
3.745 


=  6.  21  x  10 


Using  data  from  Reference  21  interpolated, 


0.5.  Therefore, 


Download  =  qS^  =  0.5  x  16.35  x  67.8  =  555  lb 
3.  Download  on  Aft  Fuselage 

The  Rotor/Wing  wash  extends  from  fuselage  station  568  to  fuselage  station 
694.  Here  again,  the  fuselage  is  generally  a  smooth  rectangular  box  with 
rounded  corners.  The  fuselage  dimensions  in  this  area  are: 

1.  Average  width,  b  =  62,5  inches 

2.  Average  depth,  c  =  87  inches 

3.  Corner  radius,  r  =  15  inches 
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Thus, 


£ 

b 


1.39 


« 


5  -  °-24 

Sq  =  54.8  sq  ft 

RNb  =  4.99  x  106 

=  0.46  (Reference  21) 

0 

Therefore, 

Download  =  C  qS  =  0.46  x  16.35  x  54.6 
0 

4.  Total  Fuselage  Download 


411  lb 


T fuselage  *  555  +  411  =  *>6  '•> 

T, 

fuselage  966 

T  =  20  671  X  100  =  4'4^  Per'~ent 

rotor  net  ’ 

Conservatively,  5-percent  download  has  been  used  in  the  hovering  rower 
computations. 


INDUCED  POWER 


The  induced  power  is  computed  using  the  basic  momentum  equation 


shown  in  step  (4),  page  85,  of  Reference  20. 
represent  the  large  reduction  in  effective  are 


In  order  to  properly 
a  due  to  the  wing,  the  equation 
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has  been  modified  by  replacing  the  tip  loss  factor  B  by  the  value  Ja^/  A  , 
where  A  is  the  total  disc  area  and  is  the  annular  area  swept  by  the 
blades,  excluding  the  outer  3  percent  for  tip  loss.  This  has  the  effect  of 
assuming  that  the  lift  is  carried  only  in  the  annular  area  from  55-  to  97- 
percent  radius.  In  addition,  a  coefficient,  c^  ,  of  1.04  has  been  applied  to 
correct  for  planform  and  taper.  This  factor  was  obtained  from  the  table 
on  page  85  of  Reference  20  for  blades  with  zero  twist  and  2.3:  1  taper. 

The  resulting  equation  used  for  induced  torque  coefficient  is 


Ci  CT 


3/2 


-  r/R 


blade  root 


) 


PROFILE  POWER 


The  profile  torque  coefficient  is  computed  using  the  basic  equation  (36)  on 
page  83,  of  Reference  20,  written  in  a  slightly  different  form: 


The  values  of  6  are  given  by  the  NACA  polar,  which  is  based  on  conven¬ 
tional  airfoils  such  as  an  NACA  0012  airfoil. 


C  =  0.0087 

uo 


0.0216a 

r 


„  „  2 
+  0.4a 

r 


which  results  in 


0.  0010875  -  0.  002513 


+  0.  0487316 


The  solidity  used  in  the  above  equation  is  based  on  a  weighted  effective 
chord  from  55-  to  100-percent  radius;  the  tip  loss  factor  B  of  0.  97  handles 
the  tip  loss. 


250 


The  weighted  effective  chord  is  given  by 


2  , 

cx  dx 


1 

x  dx 


where 


r 

X  =  R 


As  in  the  induced  power,  the  factor  for  planfoim  and  twist  cx  is  applied. 
The  drag  polar  used  in  the  profile  torque  equation  is  based  on  12-percent- 
thick  airfoils;  therefore,  a  factor  is  added  to  account  for  the  increased 
drag  of  a  thicker  airfoil.  The  average  thickness  is  assumed  to  be  the 
thickness  at  the  radius  at  which  the  geometric  chord  is  equal  to  the  effec¬ 
tive  weighted  chord.  This  value  is  then  14.4  percent.  Airfoil  data  of 
Reference  22  indicate  an  approximate  2.3-percent  increase  in  drag  coeffi¬ 
cient  with  each  1-percent  increase  in  airfoil  thickness.  Therefore,  the 
profile  torque  is  increased  by  6  percent  to  provide  an  allowance  for 
increased  drag  over  that  of  the  conventional  NACA  airfoil. 

NACA  whirl  tower  tests  presented  in  Reference  23  for  a  rotor  with  an 
NACA  0015  airfoil  are  used  to  determine  a  profile  power  correction  due 
to  stall  and  compressibility,  if  required.  These  data  are  modified  in  the 
following  manner  for  the  Rotor/Wing  configuration. 

It  is  conservatively  assumed  that  the  drag  rise  due  to  stall  for  the  circular 
arc  airfoil  will  occur  approximately  1  degree  in  angle  of  attack  earlier 
than  for  an  NACA  0015  airfoil.  To  account  for  this,  the  average  C^  is 
increased  by  an  equivalent  of  1  degree  when  entering  the  profile  power- 
Mach  number  charts  of  Reference  23. 


The  rotor  of  Reference  23  had  -5.5  degrees  of  twist,  whereas  the  CRA 
Rotor/Wing  is  u  '.twisted.  Reference  5,.  which  presents  whirl  tower  test 
data  for  both  a  twisted  and  untwisted  model  rotor,  shows  that  at  a  constant 
Mach  number,  the  angle  for  drag  divergence  is  increased  by  1  degree  for 
an  untwisted  blade  compared  with  one  with  -8  degrees  of  twist.  Thus,  the 
tip  angle  of  attack  of  an  untwisted  blade  is  effectively  1  degree  higher, 
rather  than  the  expected  2  degrees  higher,  for  a  blade  with  -8  degrees  of 
twist.  To  apply  the  drag -divergence  data  of  Reference  23  to  the  Rotor /Wing 
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configuration  hover,  the  average  lift  coefficient  is  conservatively  increased 
by  an  equivalent  of  2  degrees  angle  of  attack  (1  degree  for  lack  of  twist;  1 
degree  to  account  for  the  circular  arc  airfoil),  assuming  the  blade  lift 
curve  slope  is  0,1  per  degree. 

The  drag  divergence  data  of  Reference  23  have  been  replotted  in  Reference 
2,  in  terms  of  C^’/a.  The  value  of  the  factor  determined  from  these  data 
is  identified  as  Csta^. 

The  resulting  equation  for  profile  torque  used  for  Rotor/ Wing  performance 
is 


^stall 


(1.  06)  c^  a 


0.  0010875  -  0.  0025131 


+  0.  0487316 


WING  HOVER  TORQUE 


Hovering  torque  for  the  Rotor /Wing  at  sea  level  has  been  derived  on  the 
basis  of  whirl  tower  testing  of  Appendix  D  of  Reference  4,  and  is 

CQ  =  0,000044 

wing 

The  analysis  used  to  obtain  this  value  is  as  follows. 

1.  Triangular  Model  Wing  Torque  Evaluation  (HTC  Whirl  Test, 

Reference  4) 

Triangular  wing  torque  was  analyzed  by  treating  it  as  a  combination  of 
torque  from  a  circular  disc  centerbody  and  three  blade  segments  attached 
as  indicated  in  Figure  128.  Test  conditions  prevailing  were: 

n  =  23.85  rps 

“blade  =  3'33£t 
Sea  level  standard 
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Figure  128.  Dimensional  Characteristics,  Triangular  Model  Wing. 

Torque  for  the  circular  midsection  is  calculated  using  rotating  disc  theory 
and  data  of  Reference  24. 


♦ 


V 

r 

c 

Disc  Reynolds  number,  RN  ~  - — 

r  _  j 


2  r  nr 
c  c 

V 


2r  (23.85)  17.882 
0.000157  12 


2.12  x  10 


6 


Using  the  equation  and  terminology  of  Reference  24  foe  full  turbulent  flow, 

we  have  a  torque  coefficient  varying  with  RN  ;  thus, 

r 

c 


0.146 


r 

c 


0-.146 

18.47 


0.99793 
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Thus,  centerbody  torque  is 


Qc  "  CQc  2  r 


(Qrc)  %  =  1- 


55  ft-lb 


Now  the  complete  wing  torque  is  QwinR  =  13.03  ft-lb  (Reference  4) 

and  segment  torque  is  Qg  =  Qx  ng  -  Qc  =  11.48  ft-lb. 

A  relationship  is  now  found  between  the  segment  drag  coefficient  (as  indi¬ 
cated  by  the  torque  ,iust  found)  and  turbulent  flat  plate  section  drag. 


Thus,  let 


Q  =  DXr  =  3 
s  s 


(c  x  o  S  r  \ 
\  »0  "s  S  S' 


Then 


11.48 


0  3/010^378j  (2r  x  1.88  x  33.85)2  x  (1.34  x  1.888) 


=  0.016 


RN 


V  x  C 

s 


282.5  /1 5. 08  \  . f 

“  0.  000157  ("iTr  *  ° 


From  turbulent  section  drag  data  (Figure  66  of  Reference  35), 


D 


=  0.0078 


min 


Thus,  the  segment  drag  coefficient  relationship  to  flat  plate  is 

=  3.05  x  C 


_  (0. 016  \  c 

Dq  \ 0.0078  )  ° 


D 

mm 


D 


mm 


It  is  assumed  that  full-s;ale  wing  torque  may  be  estimated  using  full-scale 
Reynolds  number  in  the  disc  torque  equation,  and  the  segment  drag 
coefficient  will  be  2.05  x  Cn 

umin 
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2.  CRA  Wing  Torque  Estimation 

The  wing  torque  coefficient  for  use  in  the  CRA  hover  performance  calcula¬ 
tion  procedure  is  derived  below. 

The  wing  is  treated  in  the  same  manner  as  in  the  triangular  model  torque 
evaluation  (a  circular  center  section  with  blade  root  segments  as  shown 
schematically  in  Figur  129). 

/Segment  Area  =  48.  9  sq  ft 


Mean  Chord  =  8.  75  ft- 


r  =  1  1 .  1 8  ft 
s  i 


r  =  9.  42  ft 


F 


Figure  129.  Dimensional  Characteristics,  CRA  Wing. 
The  torque  on  the  center  section  is  calculated  as  follows: 


V  r 
r  c 
c 


2-  x  9.42  x  4.59  x  9.42  ,  ,  _  ,  „7 

- oTo66l57 - =  1'6i5  x  10 


0.146 

r 


0.146 

(1.625  x  10' 


;t7s 


0 . 00525 


CQ  2  Vr 


^  r  3  -  0.00525  °-00^378  [zi\)L  (9.42)3 


-  383  ft  -  lb 


255 


The  segment  torque,  Qg  ,  is  calculated  as  follows: 


RN 


V  C 

rs  (2  rr  x  11.18  x  4.59)  x  8.75 


v 


0.000157 


=  1.795  x  10 


From  Figure  66  of  Reference  26,  C,  =  0.0055 

d  mm 


Thus, 


U 


=  2.05  x  0.0055  =  0.01129 


Q  =  3D  r  =  3  C  q  Sr 
s  0  s  D_  r  s  s 

0  s 

=  3x0. on 29 x  (°- x  48.9  x  „.18 
=  2,  280  ft-lb 

The  CRA  wing  torque  coefficient  for  hovering  is  therefore 

Q  ,  =  2,280  +  383  =  2,663  ft-lb 
total 

and  the  wing  torque  in  rotor  terminology  is 
„  Q  2663 


pnQ2R5  0.002378n  (2  n  4.59)2  (25)2 


-  0.000044 


This  is  the  value  of  Cq  used  in  the  CRA  hover  performance  calculation 
procedure. 


Comparison  of  Model  Wing  Torque  Coefficient  and  CRA  Estimate 

Whirl  tower  test  data  for  the  triangular  and  trisector  wings  (Reference  4) 
are  shown  in  Figure  130.  The  model  data  were  obtained  at  the  r/R  values 
indicated  by  the  data  point.  By  varying  the  rotor  blade  radius,  the  varia¬ 
tion  of  Cq  versus  r/R  indicated  is  obtained.  The  radius  ratio  for  the  CRA 
is  0.55,  which  locates  the  calculated  hovering  point  close  to  the  extrapola¬ 
ted  model  triangular  wing  data,  as  seen  in  Figure  130.  Apparently,  even 
though  there  is  a  large  drop  in  moment  and  drag  coefficients  as  a  result 
of  the  increase  in  Reynolds  number  from  model  to  full  scale,  the  increased 
wing  area  (see  Figure  131)  of  the  CRA  wing  for  the  same  r/R  offsets  this. 
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The  trisector  wing  data  shown  in  Figure  130  are  used  for  forward  flight 
helicopter  performance  calculations. 


ACCESSORY  AND  COOLING  POWER  REQUIREMENTS 


During  helicopter  flight,  the  Rotor/Wing  provides  power  to  drive  various 
accessories  and  to  cool  a  portion  of  the  engine  compartment,  the  wing,  and 
the  blades.  The  accessory  power  extracted  is  4  horsepower.  The  rotor 
pumping  power  required  for  cooling  is  estimated  to  be  30  horsepower  in 
the  section  entitled  Propulsion  System. 


YAW  FAN 


The  Rotor /Wing  also  drives  the  yaw  fan.  Inasmuch  as  the  Rotor/ Wing  is 
tip  driven,  the  yaw  fan  thrust  during  steady  flight  is  used  only  to  counter¬ 
act  the  torque  required  to  drive  the  accessories  and  yaw  fan.  By  estimat¬ 
ing  the  yaw  fan  power,  the  necessary  thrust  can  be  computed.  The  yaw 
fan  power  is  estimated  to  be  approximately  1  percent  of  Rotor /Wing  power 
based  on  the  method  of  Reference  2,  assuming  a  mechanical  drive  effi¬ 
ciency  of  95  percent.  The  method  used  to  compute  the  power  absorbed  by 
the  yaw  fan  is  presented  in  detail  in  Reference  2.  A  brief  discussion  is 
presented  below. 

The  yaw  fan  induced  power  is  computed  from  the  method  of  Reference  20, 
using  an  annular  area  obtained  after  applying  a  3-percent  radius  tip  and 
root  loss  to  the  blades.  The  blades  are  untwisted  and  untapered,  so  the 
correction  factor  for  twist  and  taper  from  Reference  20  is  applied  to  the 
induced  power. 

The  yaw  fan  profile  power  is  computed  using  equation  33  on  page  83  of 
Reference  20.  The  blade  loading  is  based  on  a  thrust-weighted  solidity 
with  a  tip  and  root  loss  of  3  percent,  and  the  torque  is  based  on  a  torque- 
weighted  solidity  over  the  entire  blade. 

The  drag  divergence  factor  derived  from  flight  tests  of  the  Hughes  Model 
2 69A  tail  rotor  blade,  presented  in  Reference  2,  was  used  when 
necessary. 
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GROUND  EFFECT 


Whirl  tests  of  the  model  Rotor /Wing  indicated  that  the  ground  effect  was 
greater  than  that  of  a  conventional  rotor.  The  model  data  and  a  wheel 
height  above  the  ground  of  6  feet  are  used  in  computing  the  ground  effect. 


< 

VERTICAL  CLIMB 


The  vertical  climb  rate  is  computed  using  equation  36  on  page  83  of 
Reference  ZO,  modified  to  apply  to  the  Rotor/ Wing  configuration.  In  this 
method,  the  total  power  required  for  climb  equals  the  sum  of  the  profile 
power,  the  induced  power  reduced  to  account  for  the  vertical  in-flow  into 
the  Rotor/Wing,  and  the  power  required  to  lift  the  aircraft  at  the  climb 
velocity.  The  increased  download  on  the  fuselage  and  elevons  is  also 
accounted  for. 

The  profile  power  computation  method  is  unchanged  from  the  method  used 
during  steady  hovering  flight.  The  induced  torque  coefficient  is  computed 
by  the  following  equation,  which  is  consistent  with  the  stead  '■'overing 
analysis: 


where  C-p  is  based  on  total  rotor  thrust,  including  the  effects  of  download. 


WHIRL  TOWER  MODEL  SUBSTANTIATION  OF  HOVERING  PERFORM¬ 
ANCE  COMPUTATIONAL  METHOD 

Data  from  whirl  tower  tests  of  models  of  a  conventional  helicopter  rotor 
with  NACA  0015  blades,  called  herein  the  reference  rotor,  and  of  a  Rotor/ 
Wing  with  circular  arc  blades  are  used  to  substantiate  the  power-computing 
method. 

A  C-p  -  Cq  curve  from  tests  of  the  reference  rotor  is  shown  in  Figure  13Z. 
A  profile  power  factor  (PPF)  for  the  model  is  determined  by  comparing 
these  test  data  with  a  similar  curve  calculated  by  the  NACA  performance 
method  (Reference  Z0).  The  PPF  thus  determined  is  shown  in  Figure  133 
and  is  the  result  of  the  low  Reynolds  number  of  the  small-scale  model, 
since  both  the  model  and  the  theory  have  NACA  0015  blades. 
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Figure  132.  Thrust  and  Torque  Coefficients,  Reference  Rotor. 
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Figure  133.  Profile  Power  Scale  Factor,  Whirl  Test  of 
Reference  Rotor. 

When  the  profile  power  factor  determined  in  this  way  is  applied  to  the 
hovering  computational  method  devised  for  the  Rotor/ Wing  configuration, 
the  good  agreement  between  model  test  data  and  Cf  -  Cq  predicted  for  the 
Rotor/Wing  model  is  shown  in  Figure  134.  Thus,  the  validity  of  the  per¬ 
formance  prediction  method  is  confirmed.  This  method  is  then  t  red  for 
full-scale  aircraft  performance  prediction,  by  making  the  PPF  equal  to 
unity  to  account  for  the  scale  change. 

Computation  of  the  Model  Scale  Factor  (PPF) 

Whirl  tower  data  of  the  reference  rotor  form  the  basis  of  this  computa¬ 
tion.  The  dimensions  of  the  reference  rotor  are: 

Rotor  diameter,  D  =  a0  in. 

Rotor  radius,  R  =  40  in.  =  3.  33  ft 

Rotor  chord,  c  =  6.  66  in.  =  0.  555  ft 
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Figure  134.  Comparison,  CRA  Rotor  Hover  Power  and  Model 
Test  Data. 


The  main  rotor  solidity  o  is  calculated  from  the  equation 


(b)(c) 

TT  R 


where  b  is  the  number  of  blades. 


Thus, 


(3)(0.  555) 


0.  159 


(3.  1416)(3.  33) 

The  induced  torque  coefficient  Cq,  is  calculated  from  the  equation 

„  3/2  3/d 

Ci  CT  Ci  CT 


'Qi  41  B 


1.  3716 


where 


B  =  0.  97,  representing  a  3  percent  tip  loss 
C^,  =  rotor  thrust  coefficient 

c.  =  factor  for  zero  twist  and  untapered  blades  (function  of 
Ct/oB2). 

The  theoretical  profile  torque  coefficient  is  calculated  from  the  equation 


theory  = 


/CT\  iC  T 

0.  001087  5  -  0.  002513  - -  )  +  0.  0487  316  — ~ 


cB 


,  ctB 


where  C^c  -  1.07  (profile  thickness  factor  for  a  15-percent-thick  blade). 

The  following  equation  relates  the  t < ■  t  torque  coefficients  of  the  reference 
rotor  in  hover: 


c  c;  +  c; 

Q,os,  Q.  % 


tc  St 


Solving  for  the  test  profile  torque  coefficient, 


-Test 


^test  Qi 
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The  scale  factor  (or  PPF)  is  the  ratio  of  the  test  profile  torque  coefficient 
to  the  theoretical  profile  torque  coefficient.  Thus, 


PPF 


test 


I 


Table  XXXIII  summarizes  the  calculations  for  the  model  scale  factor  ( PPF) 
for  various  values  of  and  C^/g. 


TABLE  XXXIII.  MODEL  SCALE  FACTORS 


CT 

0.  002 

0.  004 

0.  006 

0.  008 

0.  010 

0.  012 

0.  014 

0.  0  16 

CT/3 

0  01258 

0.  0251  5 

0.  03774 

0.  050)1 

0.  00284 

0.  07547 

0.  08805 

0.  1001.) 

Ct/oB2 

0.  01337 

0.  02672 

0.  04011 

0.  05347 

0.  0b684 

0.  08021 

0.  0^  )5h 

0  10095 

ci 

1.  Oil 

1. 030 

1.  0  37 

1.  045 

1  052 

1.  06 

1.  068 

1.  07  5 

CQ, 

0.  0000651 

0.  0001899 

0.  UU03514 

0.  0005452 

0.  0007672 

0.  0010159 

0.  001280 

0.  001  586 

^theory 

0.  0001848 

0  0001849 

0.  0001879 

0.  0001942 

0.  0002C-7 

0.  000216  i 

0.  0002  )24 

0  0002486 

CQteSt 

0  00028 

0.  000450 

0  000670 

0.  U-  U4 

0.  0012)0 

0  pm  1 54 

0  00  1  88 

0.  0022  1 

CQ°te,t 

0.  00021  5 

0.  000260 

0.  000  M  9 

0.  000)95 

0. 000460 

0.  000524 

0.  0005’M* 

0.  1100644 

cQo 

PPF  =  - - - 1.  1 6Z  1.731  1 .  697  a  0  Jf,  2.  244  2  425  7  2.5*7 

'Q°theory 


The  model  scale  factor  (PPF)  as  a  function  of  z  is  plotted  in.  Figure 

133.  The  faired  curve  is  used  in  the  computation  of  the' model  Rotor/ Wing 
Ct  -  Cq  curve. 

Computation  of  Rotor/ Wing  Model  Cj  -  Cq 

Assuming  the  same  profile  power  scale  factor,,'  this  computation  is  as 
follows. 


The  dimensions  of  the  Rotor/Wing  model  ,are  as  follows: 

/ 

0 

Rotor  radius,  R  =  42.  95  in.  i.  ~/i'i  ft 


Radial  distance  to  the  inboard  root  the  blade,  r 
feet  \ 


25.  77  in. 


2.  148 


Rotor  disc  area,  A  =  ^  R  -  40.  245  sq  ft 
Annular  area  swept  by  the  blades  only 


Ad  =  tt  (0.  97R2  -  rZ)  =  tt  (3.  4722  -  2.  1482) 


=  23.  376  sq  ft 


The  equivalent  Rotor/ Wing  tip  and  root  loss  factor  is  y/A/A^,  thus 


\  Ad 


=  0.762 


Calculating  the  equivalent  blade  chord  on  a  thrust  basis, 


CR3  -  r3, 


(6.  6 >(45.  844  -  9.  911! 
45.844 


Ce  -  5.  173  in.  =  0.  431  ft 


The  Rotor/ Wing  solidity  can  then  be  calculated  from  the  equation 


(b)(Cf 


rrR  (3.  14)(3.  579) 


=  0.  115 


The  induced  torque  coefficient  for  the  Rotor/' Wing  is  calculated  from  the 
equation 


CQ.  =  -fTT-  =  0.9Z7Sc.Ct>!Z 
1  'T  "a 


and  the  profile  torque  coefficient  from  the  equation 


/ CT\  /CT 

C  -  ( PPF)(  c; )  C  .  a  0.  0010875  -  0.  0025131  - -  +  0.0487316  - - 

t/c  \aB2/  W 
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where  PPF  is  the  profile  power  scale  factor  previously  determined  from 
tests  of  the  reference  rotor  (Figure  133)  and  and  C ' t / c  are  the  same  as 
for  the  reference  rotor,  as  both  blades  are  untwisted  and  untapered  and 

15  percent  thick. 


From  test  data,  blade's  off,  the  wing  torque  coefficient,  C  0.  0001. 

Uw 

The  total  torque  coefficient  Cq  for  the  Rotor/Wing  in  hov>'r  is  therefore 


'Q  CQ.  +  °Q  +  CQ 

i  0  w 


Table  XXXIV  summarizes  the'  calculations  tor  the-  Re»te» r/ Wing  menlel  C-.- 
versus  Cq  . 


TABLE  XXXIV.  ROTOR/ WING  MODEL  COMPUTATION  OF  CQ 


CT 

0 

0.  002 

0.  004 

0.  006 

0.  008 

0.  010 

0.  012 

CT/a 

0 

0  0174 

0.  0348 

0.  0522 

0.  0696 

0.  0869 

0.  1043 

CT/a  B2 

0 

0.  0185 

0.  0370 

0.  0555 

0.  0740 

0.  09  24 

0.  1108 

ci 

1.  014 

1.  025 

1. 037 

<.  048 

1.  059 

1. 070 

1.  081 

PPF 

1.  00 

1.  30 

1  70 

2.  07 

2.  35 

2.  54 

2.  62 

Cqo 

0.  0001357 

0.  0001714 

0.  0002297 

0.  0002907 

0.  0003510 

0.  0004137 

0.  0004724 

0 

0.  0000561 

0.  0002434 

0.  0004519 

0.  0007030 

0.  0009927 

0.  0013184 

a 

o 

0.  0002357 

0.  0003575 

0.  0005131 

0.  000.  126 

0.  001  1548 

0.  0015064 

0.  0018908 
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APPENDIX  III 


CALCULATION  OF  POWER  AVAILABLE 


PRESSURE  LOSS  CALCULATION  FOR  HELICOPTER  FLIGHT 
Engine  Inlet  Loss 

A  bellmouth  with  a  4-inch  radius  of  curvature  is  used.  Three  aerodynam¬ 
ic-ally  shaped  struts  of  0.  45-inch  thickness  and  3-inch  chord  length  are 
used  for  protection  of  the  electric  wires  leading  to  the  generator.  The 
pressure  loss  due  to  the  struts  is  calculated  with  a  loss  coefficient,  Kt  = 

0.  007.  The  bellmouth  velocity  head  is  calculated  using  the  flow  function. 


Wn/T  135  */~5l"9 

AP  "  (618X14.7) 


whe  re  W 
T 
A 
P 
K 


135  lb/ sec 
519°R 

6  18  sq  in. 
14.  7  psia 
1.  4 


Therefore,  the  Mach  number  is  M  =  0.  4  and  the  velocity  head  to  total 
pressure  ratio  is  (q/P-p)  =  0.  104.  The  pressure  loss  due  to  the  struts  is 
then, 


AP 

P 


(0.  007)(0.  104) 


0. 0008 


Bellmouth- Intake  Loss 


The  intake  loss  coefficient  is  Kt  =  0.  01,  and  the  pressure  loss  is 


(0.  01)(0.  104)  =  0.  00104 


The  total  engine  inlet  loss  is 


the  sum  of  the  strut  and  intake  loss. 


AP 

P 


0. 0018 
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Pressure  Loss  --  Engine  Exit  to  Rotor  Inlet 


The  losses  for  the  diverter  valve  are  taken  from  Reference  27,  which 
gives  the  following  pressure  and  leakage  losses 


AP 

P 


0.  035  at  Mach  Number  M  =  0.  5 


AW 

W 


0. 0088 


For  the  present  case,  the  flow  function  and  the  Mach  number  are 


W\Tf 

AP 


140 
381.  1 


0.  367  at  M  =  0.  465 


As  the  pressure  loss  is  proportionate  to  the  Mach  number  squared,  the 
diverter  valve  pressure  loss  is 


AP 

P 


0. 


0.  465 
0.  5 


0. 0304 


The  leakage  loss  is  taken  as 


r 


AW 

W 


0. 0088 


The  single  exit  pipe  from  the  diverter  valve  splits  up  into  3  pairs  of  pipes, 
with  one  pair  leading  into  each  blade.  The  momentum  rate  ratio  G^/Gj  is 
established  from  continuity. 


P2A2V2 


=  6  P1A1V1 


o  V 
2  2 

P  V 
M1  1 


I  _! 

6  A„ 


^2  _  J.  452,  4 

G1  6  A2  6(70.  9) 


The  angle  between  the  main  stream  and  the  individual  pipe  is  approximately 
10  degrees. 
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LP 

P 


0.  0304  +  0.  0035  +  0.  0112  =  0.  0451 


Rotor  Duct  Pressure  Losses 


The  state  of  the  gas  along  the  rotor  duct  is  broken  down  into  four  sections 
indicated  in  Figure  135.  The  friction  losses  along  the  duct  are  included  in 
the  basic  equations  outlined  in  Rotor  Power  Calculations,  page  281.  Only 
additional  coefficients  for  split-up  and  turning  losses  are  calculated  here. 


Pressure  Loss  Coefficients  of  Section  1  (Figure  135) 


The  turning  losses  at  the  junction  of  the  two  separate  pipes  into  a  single 
pipe  are  found  in  Reference  25  for  the  turning  angles  of  18  and  20  degrees 
and  a  radius  of  curvature  to  diameter  ratio  of  2.  0. 


Kt18° 

=  0. 023 

Kt20° 

=  0. 024 

Kt' 

=  K,,8.  *K,20„  =  0.047 

The  merging  loss  coefficients  are  established  next.  The 
b  indicate  the  single  duct,  and  c  ,  the  merged  duct.  The 

subscripts  a  and 
cross-sectional 

areas  are 


E 


A  A,  -  70.  9  sq  in. 
a  b 

A  1  22.  8  sq  in. 
c 

Thq  angle  between  the  single  duct  5  and  p  is  20  degrees.  The  merging 
loss  coefficient  is  found  with  the  following  equation  taken  from  Reference 
25. 


4 

The  parameters  in  the  present  case  are 

0.  0  5 

2W  2.  V  A  V  A 


a  a  a  a  c  c  c 


A  v  /-v  1^7 

Kt  =  Kt.  =  -rr  +  Kt'  -  —  +  0.  04”  =  0.  1 1 

a  b  2  2 

Kt  =  Kt,  =  0.  11 
a  b 


Pressure  Loss  Coefficient  at  End  of  Section  2  (Figure  135) 

The  split-up-loss  coefficient  can  be  readily  found  with  the  angle  between 
the  two  single  ducts  as  10  degrees  and  the  monu  ntum  rate  is  assumed  as 


G 

a 


PbVb 

PaVa 


1.  0 


Then  the  loss  coefficient  is  Kt  =  0.  04. 


Pressure  Loss  Coefficients  at  End  of  Section  4  (Figure  135) 

Each  of  the  two  pipes  has  two  guide  vanes  built  in  as  reinforcements 
against  duct  buckling.  These  vanes  reduce  the  turning  losses,  but  in¬ 
crease  the  friction  losses.  The  duces  start  as  round  and  continuously 
change  their  cross  section  in  the  90-degree  turn,  and  finally  fit  into  the 
rectangular  nozzle  inlet. 

The  computer  program  calculates  the  duct  flow  area  from  a  single  input 
diameter  chosen  to  produce  the  right  flow  velocities.  The  friction  losses, 
however,  have  to  be  calculated  from  the  hydraulic  diameter,  which  is  not 
necessarily  equal  to  the  input  diameter  used  for  the  area  calculation.  To 
compute  the  friction  losses  for  the  subdivided  pipe  with  a  single  diameter, 
an  equivalent  friction  factor  is  established. 


f 

e 


fD  /J_ 

3  (D1 


* 


These  are  two  pipes,  each  subdivided  into  three  channels  (see  Figure  135). 
Assuming  that  each  channel  has  a  square  cross  section,  the  hydraulic 
diameters  Dj  ,  ,  and  are  equal,  and  the  equivalent  friction  factor 

reduces  to 


27  2 


r 


fe  =  f  Di 

The  total  cross-sectional  area  of  pipe  1  is  56.  4  square  inches,  and  the 
corresponding  diameter  D  -  8.  49  inches.  The  hydraulic  diameter  of  each 
channel  is 


D 


4  area  _  4a 
1  perimeter  4a 


total 


■ 

\ 


56.  4 


=  4.  36  in. 


where  a  is  the  length  of  one  side  of  the  square.  Similarly,  the  hydraulic 
diameter  Dj  for  the  channels  of  pipe  2  are 


A 


D. 


total 


1 41. 6 
\  3 


3.  72  in. 


The  equivalent  friction  factor  for  pipe  1  is 


fe  =  f 


(^)  ■  0  003  (Hf)=  °- 00583 


for  pipe  2 


fe  =  0.003 


(Hi)  ■  • 


00585 


The  equivalent  friction  factor  for  pipe  1  and  pipe  2  is  approximately  equal 
to  0.  00585. 

The  turning  loss  coefficient  (referred  to  inlet  Mach  number  of  pipe)  for 
pipe  1  for  a  radius  of  curvature  to  diameter  ratio  of 


_c  _  12(1. 458) 

D  "  4.  36 


is  equal  to 


Kt.  .  =  0.  05 

inlet 


The  computer  program  calculates  the  pressure  loss  at  the  beginning  of 
section  4  and  the  turning  losses  therefore  are  referred  to  the  inlet  in  the 
following  manner. 
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AP  =  Kt.  q.  =  Kt  q 

inlet  inlet  exit  exit 


K' 


exit 


=  Kt. 


inlet  \  q  ]  ^inlet  l  M  / 
'  exit  /  \  exit  / 


inlet 


Kt 


exit 


2 

=  °-05(M)  = 00195 


Ktx  =  0.  02 


Similarly  for  pipe  2, 


c 

D 


12(2,  633) 
3.  72 


=  8.  5 


Kt. 


inlet 


=  0.  02 


Kt 


exit 


=  0  02  (§rl)  =  0  0078 


Kt2  =  0.  008 


PRESSURE  LOSS  CALCULATION  FOR  FORWARD  FLIGHT 


Engine  Inlet  Loss 

The  inlet  diffuser  has  a  rectangular  shape  and  a  total  length  of  147  inches. 
The  engine  bellmouth  is  mounted  at  the  end  of  the  diffuser. 
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The  cross-sectional  area  at  the  inlet  is  910  square  inches  and  the  hydraulic 
diameter  is 


D,  =  — f-  =  TTTTt  =  29‘  8  in‘ 

h  a+b  26+35 


The  cross-sectional  area  at  the  end  of  the  diffus  *r  is, 


Area  =  65  x  40  =  2,  600  sq  in. 


and  the  hydraulic  diameter 


D  =  =  49.  5  in. 

h  65+40 


The  average  hydraulic  diameter  for  the  diffuser  is  then 


29.  8  +  49.  5 


=  39.65 


4fL  _  4(0  -03)( 
U  9.  65 


=  0. 0445 


The  hydraulic  diameter  at  the  start  of  the  ramp  is 

D  =  -iism.  s  29.7in. 

h  27+33  7 

The  diffuser  equivalent  cone  half  angle  is 

Dh  '  Dh 

exit  inlet  _  49-  5  -  29.  8  _ 

tan  a  2L  2(127)  0-07,o 

a  =  4°  26  ft 

The  diffuser  pressure  loss  coeffic  ent  is  then  found  from  Reference  25  as 
Kt  =  0.  031  for  an  area  ratio  of 


1  _  890 

A2  2600 


=  0.  342 
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The  pressure  loss  is  then 


AP 

P 


0.  0268 


and  the  leakage  loss  is 


AW 

W 


0. 0067 


Taii  Pipe  Pressure  Loss 

The  friction  factor  is  assumed  as  0.  003;  the  length  of  the  tail  pipe  is  426 
inches  and  the  diameter  22  inches.  The  friction  loss  coefficient  is  then 

4fL  4(0.  00 3)(426) 

D  22 

The  pressure  loss  coefficient  for  two  20-degree  turns  in  the  tail  pipe 
assembly  is 


2.0 


Kt20„  -  0.0255 


The  friction  and  turning  pressure  loss  is 


f  ■  (t  *  -20-) 


i  _ 


(0.  233  +  0.  05 1 )( 0.  131)  =  0.  0372 


P  \  D  ""'207  P 
Total  exhaust  loss  (diverter  valve  +  tail  pipe)  is 

=  0.  0268  +  0.  0372  =  0.  064 


m 


total 
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HEAT  LOSSES  IN  ROTOR  AND  TAIL  PIPE 


The  heat  losses  are  taken  from  the  cooling  system  analysis. 

The  heat  losses  for  helicopter  operation  are 

Rotor/Wing  3  x  49.  000  =  147,  000 

Rotor  blades  3  x  27,  000  =  81,  000 
Diverter  valve  =  30,  800 


Total  heat  loss 


=  258, 800  btu/hr 


The  gas  temperature  drop  due  to  heat  losses  is 


AT  - 


Heat  loss 

W(c  ) 

P 


258, 800 _ 

( 3600 ) ( 1 37 ) ( 0 .  276) 


=  1.  9°F 


The  gas  temperature  is 


T  =  1621  °R 
gas 


AT  1.  9 


=  0.00117 


The  gas  temperature  loss  from  engine  to  rotor  tip  is 


— ~  =  0.  12  percent 


The  heat  losses  for  forward  flight  are 

Diverter  valve  =  30,  800 

Tail  pipe  =  218,  000 

Total  heat  loss  =  248,  800  btu/hr 
The  gas  temperature  drop  due  to  heat  losses  is 


AT _ 248,  800 _ 

(3600)(137)(0.  276) 


AT  _  1.  8 

T  “  1621 


=  0. 0011 
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The  gas  temperature  loss  from  engine  to  tail  nozzle  is 


AT 

T 


0.  1  1  percent 


The  thrust  loss  due  to  heat  loss  is 


=  2  =  "2  ^  percent)  =  0.  055  percent 


SINGLE-LINE  TURBINE  CHARACTERISTIC 

The  single-line  turbine  characteristic  is  based  on  the  assumption  that  the 
change  of  the  external  and  internal  engine  performance  is  proportional  to 
the  change  of  the  inlet  pressure  and  temperature.  This  method,  which  is 
commonly  known  as  "referring"  to  a  standard  ambient  pressure  and  tem¬ 
perature,  is  satisfactory  for  up  to  approximately  20,  000-foot  altitude. 

For  higher  altitudes,  Reynolds  and  specific  heat  effects  produce  significant 
deviations  from  the  single-line  operation. 

The  single-line  approach  is  used  only  for  the  helicopter  powe.  alculation. 


The  performance  parameters  are  referred  to  the  standard  ambient  condi¬ 
tions  of  P  =  14.7  psia;  T  =  59°F  =  518.  7°R.  The  parameters  are: 
o  r  o 


P2/6 

Compressor  inlet  pressure 

T2/e 

Compressor  inlet  temperature 

P?/6 

Turbine  exhaust  pressure 

T?/e 

Turbine  exhaust  temperature 

% 

wf/6  Ve 

Fuel  flow 

Wan/9/6 

Air  flow 

f 

where 

e 

ambient  pressure  +  AP  -  AP, 

ram  loss 

6 

14.  7 

ambient  temperature  +  AT  +  AT,  , 

_  _  ram  hot  exhaust 
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In  reverse,  the  single-lme  characteristic  can  be  used  to  find  the  actual 
fuel  flow,  air  flow,  and  exhaust  gas  conditions  at  any  ambient  condition. 

A  power  setting  is  determined  by  the  actual  turbine  inlet  temperature.  It 
can  also  be  assumed  that  the  actual  exhaust  temperature  is  approximately 
constant  with  a  constant  turbine  inlet  temperature.  The  temperature  ratio 
T7/T2  can  be  formed,  and  the  operating  point  on  the  referred  single-line 
characteristic  can  be  determined. 

Sample  Calculation: 

We  find  the  gas  conditions  for  a  95°F  day  at  6,  000  foot  altitude  static  and 
for  the  military  rating  in  the  following  manner: 

The  pressure  at  6,  000  feet  ic  Pa  =  11,8  psia  and 

6  =  (777)  (0-  998)  =  0.  7998 
The  engine  inlet  loss  is 


AP 

P 


0.  002 


The  ambient  temperature  is  T  =95°F 

cL 

The  engine  inlet  temperature  is  raised  4  degrees  by  mixing  of  exhaust 
gases  with  fresh  air 


and 


T2  =  99°F  =  558.  7°R 


9 


558.  7 
518.  7 


1.  0771 


*JQ  =  1.0378 


The  actual  exhaust  temperature  at  military  rating  is  Ty  =  1621  °R.  The 
engine  temperature  ratio  is 


T 

7  _  1621 

T2  ~  558.7 


2.  901 


» 
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All  the  referred  parameters  can  be  found  from  the  single-line  character¬ 
istic  (see  Figure  136)  by  establishing  the  referred  thrust  for  the  tempera¬ 
ture  rati<^ 

T7/T2  =  2'901 
P?/P?  =  2.455 

Wo/9/ 5  --  129.  5  lb/sec 

A 

/  6n/9  =  6568  lb/hr 

The  actual  exhaust  pressure,  airflow,  and  fuel  flow  are  found  by  unrefer¬ 
ring  the  above  values. 

P?  =  (P?/P2)  P,  =  (2.  4 5 5 ) ( 1  1.  8)(0.  998)  =  28.  9  psia 

WA  =  <wAN^e/ 6)(6/nT0)  =  (129.  5)  ( ?~o~378 )  =  99- 8  lb/sec 
Wf  =  (W  /6n/0)  6*v/0  =  (6568)(0.  79 9 8 ) ( 1 .  0378)  =  5452  lb/hr 


The  above  equation  has  been  derived  by  John  R.  Henry  (NACA  TN-3089) 
with  the  help  of  the  following  equations: 
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REFERRED  AIRFLOW  -  LB/SEC 


S 

CQ 


* 

o 

J 

fa. 

J 

U 

D 

fa. 

Q 

S 

u 

fa* 

u 


140 


120 


100 


80 


60 


w£/6V0 

10,  000r- 


9.  000 


8.  000 


7,  000 


6.  000 


5,  000 


4,  000 


3,  000 


2,  000 


1,  oooi 

F/6A 


Figure  136.  J52-P-8A  Engine  Single-Operating  Line. 
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I 


Momentum 


oAVdV  = 


£  DV  2 

-Adp  -4A  ~  ~ —  dr  +  Q  oAr  dr 


Equation  of  State 


dP 


.  dT 

dp.  +  __P 

P  T 


Mach  Number  Relation 


dM  dV 


2  dT 


Continuity 


M 


dp  +  dA  +  dV  =  Q 
p  A  V 


Iaentropic  Stagnation  Relations 


1  +  SP  M2 


and 


F  ■( 


,  K- 1  2\ 

1  +  _  M  < 


K 
K-  1 


(2) 


(3) 


(4) 


(5) 


(6) 


(7) 


From  the  energy  equation  an  expression  for  the  change  in  total  temperature 
due  to  centrifugal  forces  can  be  obtained.  The  energy  balance 


dm  c  dT  =  dm  rQ  dr 
P 


reduce?  to 


dT  _  rQ 
dr  c 


K- 1  2 

iKir  rn 


(8) 
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3 


The  differential  Equation  (1)  is  solved  numerically.  Using  Equation  (8) 
and  the  following  definition 


B 


,  K-l  2 
1  +  — —  M 


1  -  M 


(9) 


equation  (1)  can  be  written  in  differential  form 


AM  =  C 


'FbM(K-1)' 

2TgKR 


/2KfM  F  ' 
( 1  +  KM  )  fi  r  A  r  +1  ■ 


D 


AL 


i  +  M2 


¥ 


FBrM 


gRT 


Sr  -  mfb  (~ a) 


(10) 


The  coefficient  C  has  been  added  to  correct  for  heat  losses.  The  second 
term  of  the  equation  represents  the  friction  loss.  The  increment  Ar  has 
been  replaced  by  AL  to  allow  calculations  of  deviations  of  the  ducting 
from  the  radial  direction. 

The  total  change  of  the  Mach  number  over  any  section  of  the  ducting  is  the 
sum  of  all  increments. 


M. 


M  + 


AM 


(11) 


The  temperature  for  the  next  integration  step  is  found  from 


(*Z±-\  .2 


T'  =  Ti+  cUl55)n"(r22-'i2) 


(12) 


The  total  pressure  at  the  end  of  the  section  is  calculated  from  continuity 
and  the  stagnation  relation  at  both  ends. 


AiMi 

a2m2 


‘  *  ¥  M22 

‘ ♦  ¥  ¥ 


K+l 
2(K-  1) 


(13) 
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If  two  or  more  unequally  sized  duct3  are  joined,  the  mixed  total  tempera¬ 
ture  is  calculated  by  mass  weighing  enthalpy  and  the  mixed  total  pressure 
is  calculated  by  mass  weighing  entropy.  Assuming  constant  specific  heat, 

W  T  +  W  T 

Tm  ■  wL  r w~  <14> 

Mixed  entropy  at  constant  mixed  temperature 


W^dS  + 


W,dS  =  0-+S 
2  m 


W1S1  +  W2SZ 
W!  +  W2 


The  entropy  change  is  a  function  of  the  temperature  and  pressure  change 


,  dT  „  dP 

ds  =  c  —  -  R  — 

p  T  P 


The  entropy  for  dT/ T  =  0  is 


Mass  Weighing  the  entropy 


s  =  -RfnP 


-RfnP 


•RWjfnPj  -  RW2fnP2 

+w2 


we  can  establish  the  mixed  pressure  for  two  flows  as 


W  fnP  +  W2fnP2 

wx  +  w2 


Pressure  losses  due  to  turbulence  occurring  at  sharp  turns,  flow  mixing, 
and  splitting  are  calculated  separately  as  a  function  of  the  local  velocity 
head.  The  losses  are  taken  into  account  at  the  end  of  each  blade  section. 
(See  page  Z70  for  the  calculation  of  the  turbulence  losses.  ) 
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If  the  gas  conditions  are  known  at  the  entrance  to  the  nozzles,  the  power 
is  calculated  from  the  enthalpy  drop  across  the  nozzle. 


Ah  =  K^I  gRT 


The  isentropic  velocity  is 


V.  =  \fIEh 
is 


The  actual  nozzle  velocity  is 


V  ,  =  C  V. 
actual  ve  is 


Shaft  Horsepower 


SHP 


W 

— — ry  -  V  )  V 

g(550)  '  actual  R;  R 


where  V  =  rotational  velocity  of  nozzle  centerline,  ft/ sec. 

The  calculations  outlined  above  have  been  programmed  for  the  IBM  com¬ 
puter  7094.  Experiences  with  the  XV-9A  Research  Vehicle  have  indicated 
that  the  temperature  increases  due  to  centrifugal  forces  were  cancelled  by 
heat  losses.  The  calculations  for  this  proposal  have  been  made  assuming 
a  constant  gas  temperature.  However,  it  should  be  noted  that  this  is  a 
conservat  -ve  assumption  in  view  of  the  fact  that  the  ducting  on  the  C.RA 
will  be  insulated,  and  the  heat  losses  are  expected  to  be  lower  than  for  the 
XV-9A  vehicle.  The  friction  factor  of  f  =  0.  003  has  been  established  for 
the  XV-9A  ducting  and  is  used  for  all  the  present  calculations.  A  Jample 
calculation  of  rotor  horsepower  for  6,  000-foct  altitude  and  a  95°F  ambient 
temperature  is  presented  in  Table  XXXV. 


The  complete  table  of  rotor  power  available  is  given  in  Table  XXXVI.  The 
rotor  power  corrections  for  engine  power  extraction  and  bleed  are  given 
in  Table  XXXVII. 
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95  °F  DAY  MILITARY  RATING 
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The  power  correction  due  to  compressor  bleed  and  power  extraction  is  given  in  Table  XXXVII.  Finally,  rotor 
shaft  ''orseDower  is  equal  to  SHP  =  4921. 


TABLE  XXXVL  ROTOR  PERFORMANCE 


TABLE  XXXVL  ROTOR  PERFORMANCE 

Power  does  not  include 
the  rotor  shaft. 

mechanical 

losses  and 

lower  extractions  from 

Altitude 

^ambient 

Rotor 

Fuel  Flow 

Blade  tip  velocity  V  -720  ft /s--: 

K. 

Inlet  temperatures  are  taken 

(ft) 

(°F) 

(hp) 

(lb/hr) 

Rating 

Sea  Level 

Standard 

7,044 

7,894 

Military 

4“F  above  ambient  temperatures 

5,000 

Standa  rd 

6.238 

7,052 

Military 

to  account  for  hot  gas  mixing 

10,000 

Standard 

5,470 

6,255 

Military 

15,000 

Standard 

4,741 

5,505 

Military 

Inlet  pressure  loss, 

20,000 

Standard 

4,080 

4,801 

Military 

AP/P  =  0,002 

Sea  Level 

95 

6,137 

6,836 

Military 

Friction  coefficient,  f  =  0.003 

3,000 

95 

5,503 

6,131 

Military 

6,000 

95 

4,921 

5,487 

Military 

Nozzle  velocity  coefficient, 

9.000 

95 

4,390 

4,897 

Military 

Cve  0.96 

12,000 

95 

3,906 

4,359 

Military 

Diverter  valve  leakage  loss, 

Sea  Level 

Standard 

7,044 

7,894 

Military 

A  W/W  =  0.0088 

Sea  Level 

Standa  rd 

6,006 

6,566 

Normal 

Sea  Level 

Stand? 

5,222 

5,758 

Part  Load 

Low  rotor  power  extraction, 

Sea  Level 

Standa 

3,316 

3,869 

Part  Load 

HP  -  6.7  (engine) 

Sea  Level 

Standa 

1,190 

1,952 

Part  Load 

High- rotor  power  extraction, 

Sea  Level 

95 

6,137 

6,836 

Militarv 

HP  -  34  (engine) 

Sea  Level 

95 

5,096 

5,743 

Norm... 

Sea  Le'  el 

95 

4,356 

4,968 

Part  Load 

Pressure  loss  from  engine 

Sea  Level 

95 

2,537 

3,206 

Part  Load 

exhaust  fo  rotor  inlet, 

Sea  Level 

95 

541 

1,414 

Part  Load 

A  P/P  =  0.0451 

6,000 

95 

4,921 

5,487 

Military 

High  compres 'or  bleed. 

6,000 

95 

4,087 

4,612 

Normal 

A  W/W  =  0.0015 

6,000 

95 

3,494 

3,990 

Part  Load 

6,000 

95 

2,035 

2,575 

Part  Load 

Two  guide  vanes  are  used  in 

6,000 

95 

437 

1,138 

Part  Load 

each  tuin  before  the  nozzle 
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TABLE  XXXVII.  ROTOR  POWER  CORRECTION 


Altitude 

(ft) 


Sea  Level 

5,  000 
10,  000 
15,  000 
20,  000 
Sea  Level 

3,  000 

6,  000 

9,  000 

12,  000 
Sea  Level 
Sea  Level 
Sea  Level 
Sea  Level 
Sea  Level 
Sea  Le”el 
Sea  Level 
Sea  Level 
Sea  Level 
Sea  Level 


6, 
6, 
6, 
6, 
6 , 


B 


ambient 
( °  F) 


Standard 

Standard 

Standard 

Standard 

Standard 

95 

95 

95 

95 

95 

Standard 
Standard 
Standard 
Standard 
Standard 
95 
95 
P  5 
95 
95 
95 
95 
95 
95 
95 


I 


RHP  -  Loss 
(ASHP/SHP) 

Fuel  Loss 
(AWf/Wf) 

Rating 

0.  0014 

-0.  0044 

Military 

0.  0011 

-0.  0055 

Military 

0. 0006 

-0.  0066 

Mili*  ary 

0.  0001 

-0.  0082 

Military 

-0. 0006 

-0.  0101 

Military 

0.  00 i4 

-0.  0049 

Military 

0. 0011 

-0.  0056 

Military 

0.  0008 

-0. 0064 

Military 

0.  0007 

-0.  0069 

Military 

0.  0006 

-0.  0074 

Military 

0.  0014 

-0.  0044 

Military 

0.  0013 

-0. 0051 

Normal 

0.  0012 

-0.  0058 

Part  Load-'1 

0.  0004 

-0. 0083 

Part  Load 

-0.  0004 

-0. 0108 

Part  Load 

-0.  0014 

-0.  0049 

Military 

0.  0013 

-0.  0055 

Normal 

0.  0008 

-0.  0068 

Part  Load 

0.  0003 

-0. 0082 

Part  Load 

-0.  0002 

-0. 0096 

Part  Load 

0.  0008 

-0.  0064 

Military 

0.  0004 

-0.  0077 

Normal 

0.  0 

-0.  009 

Part  Load 

-0.  0005 

-0. 0104 

Part  Load 

-0.  001 

-0.  0132 

Part  Load 

Correction  Due  To: 

Power  Extraction  from  Engine 

Low  Rotor:  HP  -  6.  7  (HP  /HP  )  =-  0.  00223 

extr  engine 

High  Rotor:  HP  -  34  (HP  /HP  )  0.011  >3 

extr  engine 

High  Compressor  Bleed:  .l'W/W  0.  0015 


::The  part  load  power  setting  corresponds  to  Table  XXXVI. 


THRUST  CALCULATION  LOR  FORWARD  FLIGHT 


The  thrust  calculations  have  been  made  according  to  the  instructions  of  the 
engine  manufacturer.  The  pressure  loss  estimations  are  taken  from  cal¬ 
culations  on  pages  274  to  277.  Power  extractions  of  1  2  horsepower  for 
hydraulic  pumps  are  taken  from  the  high  rotor  shaft  and  6.  7  horsepower 
for  generator  drive  from  the  low  engine  rotor. 

The  thrusts  and  fuel  flow  for  sea  level,  15,  000,  25,  000,  35,  000  feet  alti¬ 
tude  at  standard  day,  and  6,  000  leet  altitude  at  a  95  F  day  are  given  in 
Tables  XXXVIII  thrc'ugh  XLII. 

The  performance  correction  factors  are  given  in  Tables  XLIII  through 
XLVII. 

The  nozzle  velocity  o  efficient  is  assumed  to  be  the  same  as  that  for  the 
standard  Pratt  and  Whitney  engine  nozzle. 


TABLE  XXXVIII.  THRUST  AT  SEA  LEVEL,  STANDARD  DAY 

CRA  Model  485 

V 

true 

<kn) 

Jet  Thrust 
(lb) 

Fuel  Flow 
(lb/hr) 

m 

100 

300 

300 

400 

500 

0 

100 

300 

300 

400 

500 

Military 

8940 

8375 

7950 

7810 

7810 

7890 

7975 

7575 

7705 

7990 

8345 

8770 

Norma] 

7850 

7360 

6970 

6860 

6870 

6915 

6630 

6400 

6630 

60-10 

7340 

7735 

70%  Normal 

5435 

5030 

4830 

4745 

4"’50 

4780 

4375 

4345 

4560 

4840 

5170 

5530 

40%  Normal 

3035 

3800 

3680 

3635 

1635 

3655 

3465 

3630 

3810 

3035 

3365 

35 1 C 

TABLE  XXXDC.  THRUST  AT  15,000  FEET  ALTITUDE,  STANDARD  DAY 


CRA  Model  485 


V 

true 

(kn) 

Jet  Thrust 
(lb) 

Fuel  Flow 
(lb/hr) 

100 

300 

300 

400 

500 

100 

300 

300 

400 

500 

Military 

5370 

5375 

5  380 

5635 

5955 

4855 

5080 

5-140 

5935 

64)5 

Normal 

4710 

4605 

4735 

4950 

5330 

4070 

4355 

464  5 

5095 

5570 

70%  Normal 

3365 

3190 

3380 

3430 

3635 

3690 

3860 

3150 

3505 

3885 

TABLE 

XL.  THRUST  AT  25,000 

FEET  ALTITUDE.  STANDARD  DAY 

CRA  Model  485 

J. 

t  lit  rust 

F 

iu?l  Flow 

V 

(lb) 

1  b  /  h  r ) 

t  rm* 

] 

I  Kn ) 

2 00 

300 

400 

soo 

600 

o 

o 

-'J 

300 

4  00 

500 

600 

Military 

3850 

38  5  5 

4060 

4395 

4850 

3680 

3835 

4165 

4640 

5240 

Normal 

3310 

3365 

3565 

3660 

4285 

3005 

3220 

3550 

3980 

456C 

?  0%  Normal 

2295 

2  335 

2475 

2680 

2980 

1980 

2175 

2430 

2735 

3140 

1000  lb  Rating 

907 

907 

907 

907 

907 

820 

885 

955 

1020 

1089 

TABLE  X LI.  THRUST  AT  35,000  FEET  ALTITUDE,  STANDARD  DAY 


CRA  Model  485 


Jet  Thrust 
(lb) 


Fuel  Flow 
(lb/hr) 


Military 


Normal 


70%  Normal 


1000-lb  Rating 


2  00 

300 

400 

500 

600 

| - 

ZOO 

300 

400 

2560 

2680 

2945 

3260 

3600 

2405 

2t>50 

3030 

2255 

2345 

2580 

2880 

3155 

1995 

2195 

2525 

1565 

1625 

1795 

2000 

21  95 

1310 

1460 

1690 

937 

938 

933 

933 

922 

826 

888 

958 

TABLE  X Lll.  THRUST  AT  6,000  FEET  ALTITUDE,  95  DAY 


CRA  Model  485 


Jet  Thrust 
(lb) 


F'uel  Flow 
(lb/hr! 


100 

200 

300 

400 

500 

5687 

5  17  1 

5047 

5124 

5290 

100 

> 

00 

300 

400 

500 

5517 

5458 

5542 

5744 

591  1 

LV.  PERFORMANCE  CORRECTION  AT  2S.000  FEET  ALTITUDE.  STANDARD  DAY 


appendix  iv 


PRELIMINARY  STRUCTURAL  ANALYSIS 

ROTOR/ WING  BLADE  ANALYSIS 

Table  XLVIII  presents  a  summary  of  rotor  blade  total  stresses  Only  the 


outboard  portion  of  the  blade  is  considered  critical. 


TABLE  XLVIII.  SUMMARY  OF  BLAD„  PRESSES,  FATIGUE  CASE 


Spar  Cap  Stresses  for  Blade  Stations 

189  to  280  (Titanium) 

Centrifugal  Force 

Flapwise 

Chordwise 

Total  Spar 

Blade 

Stress 

Bending  Stress 

Bending  Stress 

Cap  Stress 

Station 

1 1 b/ sq  in.  ) 

(lb/  sq  in.  ) 

(lb/  sq  in.  ) 

(lb/  sq  in.  ) 

189  i 8 ,  300  6500  ±4100  ±  970  24,  8c.  ±5070 

201  18,500  7500  ±4710  ±780  26, 000  ±5490 

220  20,600  9400  ±5100  ±  675  30, 000  ±5775 

240  19,  200  8750  ±5000  ±460  27, 950  ±5460 

260  13,900  6600  ±3280  ±1000  20, 500  ±4280 

280  -  -  - 


Skin  Stresses,  Combined  Shear  and  Direct  for  Blade  Stations  189  to  280 


Titanium 

Aluminum 

Blade 

q 

max 

f 

s 

Maximum 

Combined* 

q 

max 

f 

c 

Maximum 

Combined* 

Station 

(lb/ in.  ) 

(lb/  sq  in.  ) 

(lb/  sq  in.  ) 

(lb/ in.  ) 

(lb/  sq  in.  ) 

(lb/  sq  in.  ) 

189 

±2100 

25, 000  ±6250 

±28 

±1400 

15, 500  ±4000 

201 

±2040 

26, 000  ±6560 

±26 

±1300 

16, 200  ±4120 

220 

±2040 

30, 000  ±6770 

±25 

±1250 

18, 750  ±4200 

240 

±2040 

28, 000  ±6520 

±22 

±1  100 

17, 500  ±3920 

260 

±35 

±2060 

20,  500  ±5600 

±19 

±  950 

12,  800  ±3140 

280 

±16 

±1000 

- 

±  8 

±  400 

^Maximum  combined  endurance  stress  based  on  distortion  energy  theory  is 


Tabic  XLIX  presents  the  maximum  tension  at  overspeed,  and  maximum 
compression  at  normal  rpm.  The  ultimate  tensile  stresses  used  for  tita¬ 
nium  are  F^u  175,000  lb/  sq  in.  at  room  temperature,  and  -  158,000 

at  200  F.  d 


TABLE  XLIX.  SUMMARY  OF  BLADE  STRESSES  AT 

3-G  MANEUVER  LOADS 

Maximum  Tension  at  Overspeed 

Blade 

Station 

Centrifugal 

Force 

Stress 
(lb/  sq  in.  ) 

Flapwise 
Bending,  f 
(lb/  sq  in.  ) 

Chordwise 
Bending,  f 
(lb  /  sq  in.  ) 

Total,  f 
(lb/  sq  in.  ) 

F 

tu 

Margin 

of 

Safety 

180 

201 

220 

240 

260 

280 

43,  000 

43, 500 

48, 200 

45,  200 

32,  500 

43,  600 

48, 000 

56, 500 

43,  000 

27,  000 

15, 600 

11,  900 

9,  800 

6,  200 

13, 200 

102,  200 
103,  400 

1 14,  500 
9**,  400 

7  2,  700 

158,  000 
158,  000 
158, 000 
158,  000 
158, 000 

+0.  55 

40.  53 

+0.  38 

+0.  67 

>  1 

Maximum  Compression  at  Normal  rpm 

Blade 

Station 

Centrifugal 

Force 

Stres  s 
(lb/  sq  in.  ) 

Flapwise  Bending 
(lb/  sq  in.  ) 

Chordwise  Bending 
(lb/  sq  in.  ) 

Total  Fc 
(lb/  sq  in.  ) 

189 

201 

220 

240 

260 

280 

25, 450 

25,  750 

30, 900 
28,800 

20,  850 

43,  600 

48, 000 

56, 500 

43,  000 

27, 000 

15, 600 

1  1,  900 

9,  800 

6,  200 

1  3,  200 

30,  750 

34,  150 

35,  400 

20,  400 

19,  350 

WING  ANALYSIS 

r 


A  plan  view  and  a  typical  cross  section  of  the  wing  are  shown  in  Figure 
137.  The  blade  retention  system  is  shown  schematically  ir  Figure  138, 
with  view  AA  showing  the  retention  strap  pack. 


ANALYSIS  Lr  SHEAR  FLOWS 


A  unit  analysis  of  the  shear  flows  acting  at  a  typical  wing  station  6 2  is 
shown  in  Figure  139.  View  A  shows  the  areas  of  the  wing  cross-section 
and  dimensions  at  wing  station  62.  The  shear  flows  are  indicated  for  a 
unit  lOCO-pound  vertical  load  View  B,  and  for  a  unit  1000-pound  pitch¬ 
ing  moment  in  View  C. 


Figure  139.  Shear  Flows  at  Wing  Station  62. 
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Table  L  gives  the  typical  shear  flows  for  wing  station  60,  calculated  for 
3-g  maneuvers  in  helicopter  flight  and  for  4-1/2-g  maneuvers  in  the  air¬ 
plane  mode.  The  stressed  items  are  identified  by  number  in  the  following 
cross-section  of  wing  sto'ion  60. 


SMU.K  !.  I  Yl’U'Ai.  Slll-.AK  I- l.OWS  1  OK  W  INC,  STA'l  ION  60 


St  r«‘  s  sed 

Item 


1 

Shea  r 

Due 

•Shr.ir  l)u«-  t" 

1(11  o. 

ib  I'mt 

Slif.i  r» 

lot'tl-  111.  -11) 

I  orsion 

\  rt  u 

.ii  ■  u»U 

I’ll,  h 

l)e  si  t 

iUtUM. 

<  1  b 

in  ) 

I'mt  \ 

ilb  in.  i 

I'mt  Values 

Maneuver  -  Airplane  Mode 


lotal  Ultimate 
Shear  1  low 
lib  in.  ) 


Leading  edge 

-  0 

-  75 

-0.  17 

-  204 

Trailing  edge 

+  1.  0 

4  7  b 

-0.  10 

-  1 

Spar  web 

-11.0 

-4  It! 

-0.  06 

-  7  Z 

Spar  web 

-11.0 

-4i.; 

n>.  J  i 

•t  J7t> 

Spar  web 

-  •>.  } 

-  MS 

-o. 

-  -5- 

Spa  r  web 

-  *> 

•  S7  1 

H». 

♦  h() 

Spar  ap 

-  V  1 

-  1‘iS 

-  o  1 3 

-  i70 

Spar  ap 

-  5  J 

1 

-n.  ^ 

Spa  r  i  ap 

-  4.  7 

17b 

-it  ai 

Spa  r  i.  ap 

-  4.  7 

_ . 

-  Cl.  ‘1 

»!7,  onu 

Shears  *  I’mt  Values  '  ■  1  •  1  J.  •  I'mt  \  alue 

1000 


1^7.  ( 

torsion  «.  I  ml  »  tines  1 

1  ('(Ml 


I’mt  Values 


ANALYSIS  OF  RIB  AT  STATION  62 


An  analysis  of  the  rib  at  station  62  in  the  hot  duct  bay  for  4-1/2-g  maneu\er 
condition  in  the  airplane  mode  for  the  highest  wing  torsion  shows  the  fol¬ 
lowing  limit  loads  (see  Figure  140): 

V  =  5,  560  lb  V2  =  5,  560  lb 

M  =  90,  294  in.  -lb  =  262,  564  in.  -lb 

7  242  lb 


Cap  Section 


1.  00  in. 


» n*  ~  Min 

0.  075  in. 
Section  A-A 


Diagonal  Section 
— ■CHH“- 0.  050  in. 


0.  040  in. 


Section  B-B 


"igure  140.  Rib  Section  (Titanium)  in  Hot  Duct  Area. 


The  material  used  is  titanium.  The  stresses  of  the  cap  section  (section 
A-A  in  Figure  140)  are: 


Area 

f 

c 


1.  00(0.  17)  +  (1.  00  -  0.  17)(0.  075)  =  0.  232  sq  in. 


P  7242  (1.  5) 

A  0.  232  sq  in. 


46,  800  psi  ultimate 


19  in. 

1.  5  (0  23) 


55 


300 


/ 


The  allowable  stress  at  300°F  for  (L/p^^)  =  55  is  found  from  Figure 
C2.  15  of  Reference  28  and  is 

f  =  47, 000  psi 

C300°F 

Similarly,  the  section  stress  and  allowable  stresses  for  the  diagonal  sec¬ 
tion  B-B  of  Figure  140  are: 


Area  = 

0.  75(0 

.  04)  +  (1.  13 

-  0.  04)(0.  05) 

=  0. 085 

i 

f  = 
c 

P 

A  * 

3810. 0(1.  5) 
0.  085 

=  67, 300  psi 

ultimate 

L 

15 

=  44 

P 

0.  34 

The  allowable  stress  at  300°F  for  L/p  =  44  is  equal  to  68,  000  psi. 
Analysis  of  Outer  Wing  Rib  at  Wing  Station  159-  5 

The  shear  flows  due  to  torsion,  M,  are  found  by  applying  the  following 
equations: 


> 


r 


2AG0  =  Fq  L/t 
M  =  E  2  Aq 

The  vertical  load,  V,  is  assumed  to  be  distributed  equally  to  each  of  the 
four  webs  in  tne  static  condition.  In  Figure  141,  AL  indicates  aluminum 
and  Ti  indicates  titanium. 

The  vertical  webs  are  of  aluminum  and  have  the  following  thicknesses: 

w^  =  0.  09  in. 

w _  =  w_  =  w .  =  0.  06  in. 

2  3  4 


The  shear  flow, 


H 

2(83  in.  ) 


due  to  horizontal  loads  acts  aft  in  unison  with  the  shear  flows  shown  due  to 
the  vertical  loads  (Figure  142). 
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E 


TABLE  LI.  FATIGUE  AND  3  G  LIMIT  LOADS  OX  WING  RIB  AT  STATION  15?. 


cates  the  direction  agrees  v.ith  directions  shown  on  Figure  142  for  the  q  values. 


MOMENT  -  IN.  -LB 


The  rib  shear  and  bending  moments  at  wing  station  159.  5  are  shown  in 
Figure  143. 


3-g  Helicopter  Condition 
Limit  Shear 


3-g  Helicopter  Condition  Fatigue  Bending  Moment 

Limit  Moment  Helicopter  Mode 


Figure  143.  Rib  Shear  and  Bending  Moments  of  the  Outer  Wing 
(Station  159.  5). 


MAXIMUM  BENDING  MOMENT  AND  SHEAR 


The  maximum  bending  moment  and  shear  occurs  in  the  rib  at  the  b>  aring 
support  (see  Figure  144): 


Material:  Titanium 
Allowable  Stresses: 


Fb  =  (l'S  000)(0.  ?1)  =  150,  000  psi 

F  =  25, 000  ±7,  500 

cyclic  ' 


Stresses  at  Section  X-X 

Condition 

Rib  Moment 
(in.  -lb) 

Horizontal 

Bearing 

Loads 

(lb) 

M  M 

n  =  n 
(lb) 

H  52 

7  *  «3 
(lb) 

■■ 

■ M 

‘■i 

(ft  *  7  ■  M) 

(psi) 

Allowable 
Stress.  Fg 
(psi) 

F  atigue 
condition 

-119,  595 
±73, 440 

22.  154 
±2,  238 

+7,  040 
±4,  320 

6,  940 
±700 

+  13,  980 
±5,  020 

21.  OOO 
±7, 500 

25, 000 
±7,  500 

3-g  maneuve r 

helicopter 

mode 

-677, 200 
limit 

45,  154 

+40,  000 

+  14,  100 

_ 

+  54,  100 
x  1-1/2 

81, 000 
ultimate 

150, 000 

Figure  144.  Rib  Wing  Station  159.  5. 


In  the  4-1/2-g  maneuver  condition,  airplane  mode,  the  vertical  limit  load 
is  V  =  24,715  pounds  limit  (bearing  load)  on  this  rib,  which  is  less  than 
the  58,  000  pound  limit  load  from  the  3-g  helicopter  maneuver  conditions. 
When  the  blade  is  latched  to  the  rib,  the  blade  torque  in  4-1/2-g  airplane 
mode  is  162,  000  inch-pounds.  For  the  3-g  helicopter  mode,  the  shear 
flow  limit  is 


q  = 


162,  000 


2A  2(515)  * 

Therefore,  the  airplane  mode  is  not  critical. 


=  157  in. -lb 
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APPENDIX  V 


SUMMARY  TABULATION 


CON  TIG  UR  AT  ION 

1-  Ove  rail  dimensions 

Wing  span  (Rotor/Wing  turning) 

Wing  span  (Rotor /Wing  stopped) 
Length 

Height  (from  statu  ground  line) 
Tread 

Rotor/ Wing  ground  clearance 

2.  Rotor/Wing 
Rotor  diameter 
Rotor  disc  area 
Rotor  disc  loading 
Blade  solidity 
Rotor/Wing  planform  area 
(includes  2  blades  only) 

Aspect  ratio  (includes  2  blades  only) 
Number  of  blades 
Blade  area  (each  blade) 

Blade  coning  angle 
Blade  twist 

Blade  hinge  line  angle  (plan  view) 

Design  blade  tip  speed 

Design  rotor  rpin 

Blade  airfoil  section 

Blade  tip  chord 

Blade  tip  thic  kness 

Blade  root  chord 

Blade  root  thickness 

Collective  pitch  range 

Cyclic  pitch  (first  harmonic) 

Cyclic  pitch  (second  harmonic) 

3.  Yaw  fan 
Diameter 
Number  of  blades 
Blade  chord 
Disc  area 
Solidity  ratio 
Blade  twist 
Airfoil  section 
Collective  pitch  range 
Design  tip  speed 
Maximum  power 

Distarce  between  Rotor/Wing  and 

fan  center  lines 

RPM  (Rotor/Wing  at  275  rpm) 

4.  Vertical  tail 
Span 

Area 

Tip  chon! 

Root  chord 
Aspect  ratio 

Leading  edge  sweep  angle 
Root  airfoil  section 
Tip  airfoil  section 
Rudder  hinge  line 
Rudder  travel 

5.  Horizontal  tail 
Span 

Area 

Tip  chord 
Root  chord 
Aspect  ratio 

Leading  edge  aweep  angle 
Root  airfoil  section 
Tip  airfail  section 
2'  nuitaneous  ale  von  range 
referential  elevon  range 
Simultaneous  elevon  trim  travel 


50.0  ft 
44.  9  ft 
70.67  ft 
26.7  ft 
10.  5  ft 
13  25  ft 

50.0  ft 
1964  sq  ft 
10  lb  per  sq_ft 
0.  165 

5  26  sq  ft 

3.  9* 

3 

60.6  sq  ft 
1.0  deg 
0  deg 

3.4  3  deg  fwd 
720  fps 
275 

Modified  circular  arc 
50.0  in. 

7.0  in. 

80.0  in. 

17.0  in. 

-  1  0  deg  to  +  1  8  deg 
*1  5  deg  (longitudinal 
and  lateral) 

±2.  5  deg 

4.  7  ft 

6 

6.  2  in. 

17  3  sq  ft 
0.  12 
0  deg 

NACA  0015 
±20  deg 
720  fps 
235  ho 


15.  5  ft 
137  sq  ft 
81  m. 

131  in. 

1.75 
17  deg 

NACA  64  A016 
NACA  64*A012 
70  percent  chord 


27.  83  ft 
184  sq  ft 
69  in. 

90  in. 

4.  20 
18.  5 

NACA  64  A015 
NACA  64^A010 
+  5  deg  to  -  20  deg 


F  uselage 

Length 

70.67  ft 

Width 

6.67  ft 

Height 

10.6  ft 

Ground  clearance  (gross  weight) 

27  in. 

Cargo  compartment 

Basic  length 

14.5  ft 

Basic  width 

5.  5  ft 

Basic  height 

6.0  ft 

Total  length 

2b.  2  ft 

7.  Cockpit 
Pilot 
Copilot 
Ejection  seats 
Cyclic  stick  movement 

Collective  stick  movement 
Rudder  pedal  movement 
Rudder  pedal  adjustment 


Right  side 
Left  side 
Installed 

±6  in.  (longitudinal 
and  lateral) 

9.  5  in.  up  10  6.  5  in.  down 
±3.25  in. 

±3  in. 


PERFORMANCE 

1.  Airplane  mode  (design  gross  weight) 

Maximum  speed  490  kn 

Kate  of  climb  7.500  ft/min 

Service  ceiling  >  35,000  ft 

Range  (3,  000-lb  payload)  460  n  mi 

Kerry  range  2,  575  n  mi 

Stall  speed  102  K£AS 

Limit  dive  speed  500  KEAS 


Helicopter  mode  (design  gross  weight) 

Hover  ceiling  (OGE,  95*  F)  13.100  ft 

Hover  ceiling  (OGE,  atd  day)  19,  500  it 

vne  150 

Rate  of  climb  6, 500  fpm 

Rate  of  descent  (autorotation)  2,  200  fpm 

Forward  eg  limit  15  in. 

Aft  eg  limit  0  in. 

Lateral  eg  limit  ±8  in. 

Maximum  design  rotor  speed 

(power  on)  275  rpm  (red  line) 

Maximum  design  rotor  speed 

(power  off)  275  rpm  (red  line) 

Design  limit  rotor  speed 

(power  on)  344  rpm 

Design  limit  rotor  speed 

(power  eff)  344  rpm 


1.  Empty  weight  13,  169  lb 

2»  Design  gross  weight  (disc  loading 

10  psf)  19.635  1b 

3.  Alternate  gross  weight  30,000  lb 

DESIGN  MANEUVER  LOAD  FACTOR  (Design  Gross  Weight) 

1.  Helicopter  +3.0  g,  -0.5g 

2.  Airplane  +  *  8.  -  0  g 

SYSTEMS 

Electrical 

28-volt  dc  (primary) 

115-volt  single-phase  400-cycle 
28-volt  aingle-phare  400-cycle 
(for  inatrumentation) 

Hydraulic 

Flight  and  auxiliary  per  M1L-H-5440  Type  11  3000  psi 


307 


APPENDIX  V 


MARY  TABULATION 


ft 

ft 

►  ft 

ft 

ft 

►  f‘ 


ft 

■  q  ft 

per  sq  ft 

► 


h“ 


■  q  ft 

*8 

de,’  fwd 

>■ 

I 

Red  v  ir4  ular  art 

In 


r' 

■  g  to  1  rt  deg 
kg  (longitudinal 
lter.il) 


►q  ft 

oois 

N 


64  AOlb 

64^ AOI 2 
(tent  chord 


» 


»4  A015 
(6  4  ^  A  0 1 0 
)  -  70  deg 


‘  6.  Kuvlauf  ;| 

Length 

70.67  It 

Width 

6.  b7  ft 

Htwght 

10.  b  !t 

Ground  clearance  (gross  weight) 

.7  in.  [ 

Cargo  c  ompar  tnient  1 

hasu  length 

14.  S  ft 

haste  width 

5.  S  tt 

Hash  height 

6.  0  ft 

Total  length 

2b.  2  ft 

7.  Cockpit 

Pilot 

Right  side 

Copilot 

Lett  side 

Kjet  tton  seats 

Installed 

Cyclic  stick  movement 

*6  in.  (longitudinal 
and  lateral) 

Collective  stick  movement 

9.  5  in.  up  to  b  5m.  down 

Rudder  pedal  movement 

*3  25  in.  t 

Rudder  pedal  adjustment 

4  3  in. 

PERFORMANCE 

1.  Airplane  mode  (design  gro;.s  weight) 

Maximum  speed 

490  kn 

Rate  of  climb 

7  .  500  ft  / min 

Service  ceiling 

>  35.000  ft 

Range  (  3,  000- lb  payload) 

460  n  mi 

Kerr)  range 

2.  575  n  mi 

Stall  speed 

102  KE\S 

Limit  dive  speed 

500  KEAS 

2.  Helicopter  mode  (design  c'oss  weight) 

Hover  ceiling  (OGE.  95*  F) 

1  3.  100  ft 

Hover  ceiling  (OGE,  std  day) 

19.  500  ft 

V„, 

150  kn 

Rate  of  climb 

6,  500  fpm 

Rate  f  descent  (autorotation) 

2.  200  fpm 

Forward  i  g  limit 

15  in. 

Aft  eg  limit 

0  in. 

Lateral  eg  limit 

48  in. 

Maximum  design  rotor  speed 

(power  on) 

275  rpm  (red  line) 

Maximum  design  rotor  speed 

(power  off) 

275  rpm  (red  line)  J 

|  Design  limit  rotor  speed  | 

J  (power  on) 

344  rpm  1 

1  Design  limit  rotor  speed 

|  (power  off) 

344  rpm  | 

WEIGHT 

J  ) .  Empty  weight 

13.  169  lb  1 

|  2.  Design  gross  weight  (disc  loading 

10  psf) 

19.635  1b 

3.  Alternate  gross  weight 

30.0001b  J 

DESIGN  MANEUVER  LOAD  FACTOR  (Design  Gross  Weight) 

1.  Helicopter 

G.Og.  -0.  5  g 

1  2.  Airplane 

.  4.  5  g,  -  1. 0  g  . 

SYS  f EMS 

Electrical 

28-volt  dc  (primary) 

115-voP  single-phase  400-cycle 

28-volt  single-phase  400-cycle 
(for  instrumentation) 

Hydraul  ic 

Flight  and  auxiliary  per  M1L-H-5440  Type  !1  3000  pai 

Landing  Gear 
1  •  Landing  gea  r 


1  read 

10.  5  ft 

Wheel  base 

24  ft  1  in. 

Mam  geai' 

St  roke 

10  in . 

Wheel  sze 

11. 00-12 

2.  Nose  gear  (steerable) 

St  roke 

10  m . 

Sire  ri  ng  angle 

±40  degrees 

Wheel  size 

4.4-10 

Communication 

1.  AN / ARC.-  1  16  UHF - 

AM  t  raiisc  e  i  ve  r 

7  units 

2.  AN/ARC-115  VHK- 

AM  transceiver 

i  un  it 

3.  C-65)3/AR(  inte rcwi.i  pa^el 

2  units 

4.  RH-101  headset  mic  -oplione 

2  units 

Navigation 

1.  AN/ARN-LF/M)  ADF 

1  ■  unit 

2.  AN/ARN  compass  system 

1  unit 

POWER  PLANT 

No.  and  model 

(1)  J52-P-bA<Model 

Mar.nfar  turer 

Pratt  h  Whitney 

Guaianteed  SL  Static  Ratings 

Thrust 

SFC  (max) 

(lb/hr/lb  of  Thrust) 

Maximum 

9.  300 

0.  86 

Military 

9.  300 

0.  bo 

Normal 

8,  200 

0.  81 

90^*0  (  r  i.se 

7.  380 

0.79 

7  5<rn  (raise 

6.  ISO 

0. 

Gas  conditions 

Press 

Pres-.  G*s  Flow 

T*  (R ) 

T*  (F)  Ratio 

(psig)  (lb/ sec) 

SLS  normal  1,512 

1052  2.47 

21.6  131.8 

SLS  Mil.  1,621 

1161  2.70 

28.0  137.4 

F  ucl 


Capacity  (two  1.800-lb  tanks) 
Grade  or  spec ifti  ation 


3. 000  lb 

JP-4  (M1L-J-5624) 


Oil 


Capacity  36  lb  (M1L-L-7808  or  M1L-L-23699) 
KCJLTPMEN  1  AND  FURNISHINGS 
7ero- Zero  ejei  lion  seats 
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UNCLASSIFIED _ 

DOCUMENT  CONTROL  DaTA  •  R  &  0 

(Security  elaaallleatton  ot  titla,  body  o  /  abatraet  and  'ndmmlng  an  notation  muat  ba  animrad  whan  tha  oaarall  raport  la  c  la  tat  Had) 


».  HIRORT  TITCK 

HOT  CYCLE  ROTOR/ WING  COMPOSITE  RESEARCH  AIRCRAFT 

4.  OKtCftlPTlVK  HOTKl  (Tjrpa  al  rapert  and  Inclualaa  tlatma) 

Final  Report 

T  authomid  (Pint  MM,  a79>  MiSTifM  hum; 

C.  R.  Smith 


I  «.  IU»LUIHTMI  NOTH  Ik.  SPONSONINQ  MILITARY  ACTIVITY 

U.  S.  Army  Aviation  Materiel  Laboratories 
Fort  Eustis,  Virginia 

tl.  AIITAACT  ~ 

A  preliminary  design  study  of  a  Hot  Cycle  Rotor/Wing  Composite  Research 
Aircraft  is  described.  The  Hot  Cycle  Rotor/ Wing  uses  a  single  lightweight 
lifting  surface  which  functions  as  both  a  rotor  for  takeoff  and  a  fixed  wing  for 
horizontal  flight.  The  Rotor/Wing  is  essentially  an  equilateral  delta  wing 
with  short  feathering  blades  at  the  three  corners.  The  rotor  is  powered  by 
a  tip-jet  Hot  Cycle  drive,  and  the  ’  irbojet  exhaust  is  diverted  from  the  rotor 
to  provide  forward  propulsion. 

The  Hot  Cycle  Rotor/Wing  provides  the  advantages  of  hovering  efficiency,  low 
downwash  velocity,  and  helicopter-like  flying  qualities  for  vortical  and  low- 
speed  flight,  in  addition  to  the  high-speed  capability  and  cruise  efficiency  of 
the  jet  airplane.  Its  simplicity  and  light  weight  are  made  possible  through  the 
combined  use  of  the  all-pneumatic  Hot  Cycle  drive  system  and  the  dual-purpose 
Rotor/ Wing  lift  system.  This  eliminates  the  need  for  heavy  and  complex  me¬ 
chanical  drive  components  and  anti-torque  tail  rotor;  it  permits  flight  as  a  heli¬ 
copter  and  as  an  airplane  without  recourse  to  duplicate  lifting  systems  or  to 
folding,  tilting,  or  retracting  of  lift  systems  to  effect  conversion. 
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Hughes  Tool  Company  -  Aircraft  Division 
Culver  City,  California 
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